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Abstract
Solar thermal propulsion (STP) is a 40-year-old concept that, despite substantial ground test 
heritage, still awaits its first flight experiment. It is simple in theory, relying neither on 
combustion nor electrical power to operate. Instead, incident sunlight, concentrated by a factor 
of 10,000 or more, heats a refractory metal or ceramic cavity receiver to temperatures of 2 ,000-
3,000 K. A monopropellant— hydrogen being the most often proposed— is expelled through the 
receiver body and heated, then exhausted to provide thrust. Specific impulses o f up to 1,000 s. 
are believed to be achievable. A more realistic approach for the near-term, proposed by the 
author, eschews hydrogen, which m ust be stored as a cryogenic liquid, for storable propellants 
such as ammonia or water, w ith the resultant decrease in specific impulse made up for by a 
concomitant decrease in system complexity. Nevertheless, propulsive performance is predicted 
to be on par with state-of-the-art chemical propulsion systems.
The thesis will trace the development o f the microsatellite solar thermal engine from conception 
through mission analysis, design, modelling, fabrication, component, and system testing. On- 
sun testing of 14-cm and 56-cm diameter solar concentrating m irrors has clearly validated initial 
optical ray trace modelling and suggests that there is significant performance margin built into 
test concentrators. Electrical heating tests on two solar cavity receivers, the Mk. I and Mk. II, 
have demonstrated the designs’ robustness at temperatures approaching 2,000  K, over many 
thermal cycles. Flow testing— in nitrogen, helium, and ammonia— dem onstrated the Mk. I s 
excellent heat transfer capability and the Mk. II’s survivability over multiple firing cycles. A 
novel solar thermal engine concept, utilising low-attenuation optical fibre for power transfer to a 
remote receiver, has been shown to permit the decoupling of the receiver from the concentrating 
m irror’s focus, perm itting multiple m irror inputs to heat a single receiver and allowing the 
receiver to be placed anywhere on the host spacecraft, minimising design and operational 
impacts. A variant o f this engine is intended to fly aboard a Surrey satellite by 2006.
Key words: Solar thermal propulsion (STP). Microsatellites. Orbit transfer. Orbit
maintenance. Manoeuvring. Refractory ceramics. Optical fibre.
Email: f.kennedv@ eim .surrev.ac.uk
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‘D on’t tell me that Man doesn’t belong out there. Man 
belongs wherever he wants to go - and he’ll do plenty  
well when he gets there.”
—Wernher von Braun, New York, February 1958
“You can't get to  Venus on a...flashlight.”
— Terrence Murphy, Canoga Park, Decem ber 2003
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Extended Abstract
W hile microsatellites have dem onstrated ever-increasing capabilities for remote sensing and 
communications, their use has been heavily constrained and shaped by available launch 
opportunities, dictated by the large host satellites for which the launch vehicles are primarily 
intended. The secondary priority assigned to small satellites places them in orbits of 
opportunity that are often non-optimal, which in turn impacts the selection process of 
microsatellite mission designers, who refrain from planning missions to innovative orbits 
because such orbits are not obtainable in practice.
T o overcome these limitations and to expand the options available to microsatellite mission 
designers, the author and the author’s advisor. Dr. Philip Palmer, initiated a research 
programme in 2001 to develop a low-cost, lightweight, low-volume solar thermal engine (STE) 
suitable for use aboard satellites massing less than 100 kilograms.
The STE is conceptually simple, relying on a m irror or lens assembly to collect and concentrate 
incident solar radiation. This energy is focused, by a factor o f more than 10,000 , heating a 
blackbody cavity receiver to temperatures o f 2,000-2,500 K. Propellant is then passed through a 
bed of thermal storage material inside the receiver, and exhausted to provide thrust. Up to 60 
firing cycles are envisioned. W hile some propellants may decompose upon heating, the principal 
source of energy is the incident sunlight itself; no combustion takes place. The microscale STE 
system differs from previous concepts in that it trades performance for simplicity of design and 
ease of fabrication, test, and flight demonstration. The original proposals maximised 
performance, using liquid hydrogen propellant and operating at extremely high temperatures, 
nearing 3,000 K. The author selected a lower operating temperature range to increase material 
choice, and chose to substitute storable propellants, such as hydrazine, ammonia, and water, for 
liquid hydrogen, which is unsuitable for use aboard microsatellites.
W ith specific impulses approaching 400 seconds and thrust levels of several newtons, an STE 
offers the potential for low propellant consumption and reasonable transfer times to 
Geosynchronous Earth Orbit (GEO), lunar orbit, and near-earth asteroids. Velocity changes of 
up to 2,000 m /s, two orders o f magnitude beyond anything attempted at Surrey, appear feasible.
T he author examined a number o f candidate missions, including lunar orbiters (e.g., the 
European Space Agency’s SMART-1 mission), GEO missions, and Near Earth Object (NEO) 
probes. Three classes of microsatellite mission appear to benefit from the application of STP; 
(l) GEO insertion missions, (2) Near-Escape missions, and (3) O ther Body (e.g., lunar) capture 
missions. The author’s detailed mission analysis reveals that many of these missions can be 
accomplished for under 2,000  m /s. Flight times range from 35 days (to GEO) to several
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hundred days (for lunar capture and NEO flybys). These missions form the basis for a set o f key 
requirements for the STP system.
A detailed model o f the solar therm al propulsion system was developed to perm it the design of 
an STE while accounting for the complex interactions between critical subsystems. These three 
subsystems— the concentrator, receiver, and propellant storage assemblies— are modelled in 
sufficient detail to allow the user to modify their properties and observe system-level effects 
resulting from that modification. Concentrator parameters include reflectance, intercepted area, 
form and form error, and solar tracking accuracy. Receiver parameters include material thermal 
conductivity, heat capacity, sizing, flow restrictions, and receiver-propellant heat transfer modes. 
Propellant and storage system parameters include vehicle volume limitations, tem perature- and 
pressure-dependent properties for several prospective propellants, and selected supply scheme 
(i.e., regulated or unregulated propellant feed). The model is composed principally of Visual 
Basic code but displays key output in Microsoft Excel.
Using this and other modelling tools, the author devised three preliminary designs for a 
microsatellite STE. Hydrazine (N2H4) was selected as the propellant; its catalytic decomposition 
permits propellant pre-heating and additional mass reduction of the propulsion system. 
Ammonia was chosen as the primary alternative. A rigid, fixed concentrator, diamond machined 
from aluminium, would heat a small cavity receiver to temperatures in excess of 2,000  K. The 
cavity receiver, fabricated from one of several monolithic ceramics, included both particle bed 
and channel heat transfer schemes. The selected receiver materials were highly resistant to 
corrosion, easily machined, and can withstand repeated thermal shock and high temperature.
M aterial survivability tests were conducted to determine the effect of high-tem perature vacuum 
on candidate thermal storage materials. A composite ceramic composed of titanium  diboride and 
boron nitride evidenced no mass loss or deformation after nearly an hour’s exposure to vacuum, 
at temperatures o f up to 2,300 K. Brazing trials were conducted at the University o f M anchester 
to determine if a hermetic metal-to-ceramic seal could be achieved and survive in the harsh 
operating conditions of the STE. W hile the author was unable to achieve a leak-proof seal for 
the selected materials suite, strong bonds were obtained. After further consultation with expert 
ceramicists, the author devised a mechanical method for sealing, which is both simple to 
implement and has proven successful at temperatures o f up to 2,000 K and pressures exceeding 
10 bar.
Two solar receiver designs (denoted Mk. I and Mk. II) were constructed and tested in vacuum, 
electrically heated to temperatures of 1,500-2,000 K. The Mk. I system incorporated a particle 
bed for maximum wall-gas heat transfer; the Mk. II used a simpler, but less efficient single 
channel scheme. Both designs showed excellent mechanical stability and no mass loss after 
multiple heating cycles. The author then conducted full flow tests with representative 
propellants— nitrogen, helium, and ammonia— to assess the propulsive performance of the STE
designs. Mass flow, pressure, temperature, and thrust data were collected over a number of 
engine firings. The Mk. I engine’s measured propulsive efficiency—represented by its 
characteristic velocity, or r*—and its predicted value diverged by only 2-5%. The Mk. II engine 
demonstrated a substantially lower value of c*, primarily owing to its less efficient channel heat 
transfer scheme. This engine survived repeated firings with all propellants, with only minor 
evidence of damage. Some cracking of the ceramic was observed after five or more trials, 
although the cracks did not appear to result in any leakage.
A 56-centimetre diameter aluminium m irror was fabricated from a single billet via diamond- 
turning, with form errors approaching optical quality. On-sun testing of this m irror validated 
its performance. Concentration exceeded the target o f 10,000 , at a solar throughput of 
approximately 130 watts. Reflectance was measured as better than 0.85. Despite this m irror’s 
excellent performance, its size and mass (15 kg) make it an unlikely addition to a small satellite 
propulsion suite. As space m irror mass has been dem onstrated to scale roughly with the second 
to fourth power of diameter, large-diameter m irrors become untenably heavy and expensive. 
The author proposed the following novel solution: Utilise multiple small m irrors and
concatenate the inputs via ultra-low attenuation optical fibre. This approach, while attem pted 
experimentally for surgical and material production applications, had not been applied to solar 
thermal propulsion. Initial tests dem onstrated that throughput is strongly dependent on fibre 
alignment and tip quality. Proper polishing and careful handling of the fibre is essential. A 
final series of tests dem onstrated that multiple small space mirrors, ganged via fibre, can heat a 
small solar receiver to high temperatures. By decoupling the receiver from the focus of the 
concentrator, it can be placed anywhere on the satellite.
The multiple m irror/fibre coupling approach will be dem onstrated in a flight dem onstration of 
solar thermal propulsion aboard a Surrey microsatellite by 2006. A single-mirror, single-fibre 
system, using butane propellant, has been designed, fabricated, and tested on the ground, and is 
now planned to be tested in space; the predicted velocity change is expected to be on the order o f 
50 m /s. This will be the first ever space demonstration of solar thermal propulsion.
The following items are thought by the author to represent critical contributions to the state-of- 
the-art by this research:
•  Development of a detailed integrated system model for microsatellite solar thermal 
propulsion systems, incorporating orbit transfer data, concentrator performance and 
pointing capabilities, receiver construction and properties, and propellant storage and 
feed system details. The integrated model permits the user to perform sensitivity 
analyses at a system level w ithout continuous re-design and iteration with subsystem- 
level models;
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•  Innovative use of refractory ceramics and mechanical sealing methods to produce a low 
fabrication cost, ultra-high temperature capable solar receiver;
• F irs t use of low-attenuation, high numerical aperture fibre optics for solar thermal 
propulsion, perm itting decoupling of the solar receiver from the focus and multiple small 
m irrors in place of a single large mirror;
• The proposal to provide solar therm al augmentation for storable hypergolic propellants 
(i.e., hydrazine) to reduce overall propulsion system mass; and
• T he development, test, and preparation for flight of a small proto-flight STE, suitable 
for microsatellite orbit transfer, which, to the author’s knowledge, had not been 
previously proposed.
The author has published eight technical papers from 2001 through 2004. One of these, “Design 
and Proto-Flight T est Strategy for a Microscale Solar Therm al Engine,” was re-published in the 
journal Space Technology in June 2003. A related paper, “Prometheus: A Low-Cost
Microsatellite Flyby Mission of the Asteroid 4179 Toutatis,” drawing on the mission analysis 
included in this research, was published in the Journal o f the British Interplanetary Society, also in 
June 2003. Two others received awards: “A Comparison of Simulation and T est Campaign 
Results for a Microscale Solar Therm al Engine” received the British Interplanetary Society’s 
Award for Best Technical Paper, 54* International Astronautical Conference, Bremen, 
Germany, 2003; and “Preliminary Analysis o f T est Campaign Results for a Microscale Solar 
Thermal E ngine’ received F irst Prize at the 11* Annual Frank J. Redd Student Competition, 
U tah State University Small Satellite Conference, Logan, Utah, 2003.
This research effort received significant external contributions from the Boeing Company and 
the U.S. Air Force’s European Office of Aerospace Research and Development (EGARD).
The views expressed in this document are those o f the author and do not reflect the official policy 
or position o f the United States Air Force, Department o f Defense, or U.S. Government.
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Chapter 1
1 Introduction
1.1 Propulsion as an Essential Adjunct to Advanced M icrosatellites
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A V ortex  Flow Pancake (VFP) hybrid  
rocke t engine in te s t  a t W e s tc o tt “E” Site 
[H aag , 2001]
A H i^O /kerosene b ip ropellan t ro ck e t 
engine in te s t a t “E” S ite  [C oxhill 2, 
2002].
Figure 1-1 Recent spacecraft propulsion systems tested at the Surrey Space Centre.
The Surrey Space Centre has investigated a number of satellite propulsion concepts over the 
past decade, including cold gas systems, resistojets, mono- and bipropellant combinations (using 
nitrous oxide, NoO, and hydrogen peroxide, HoOo), and hybrid gas oxidizer/solid fuel rockets 
[Sellers, 1996] [Lawrence, 1998] [Gibbon, 2000] [Zakirov, 2001] [Haag, 2001] [Coxhill, 2002]. 
This ongoing effort is the result o f a conscious decision to expand the utility of microsatellites. 
Haag [2000] notes:
‘“Small spacecraft’ and ‘propulsion’ are two terms that are not commonly grouped together. 
There are several reasons why this is so. First, propulsion systems can be high-cost items 
whereas the small spacecraft mission is generally ‘high-cost’ intolerant. Secondly, there are 
mass and volume constraints...[along with] other considerations that serve to increase 
overall mission price (safety issues, environmental impact, etc.).
There are many operational areas where a propulsive capability would serve to increase the 
utility of small spacecraft. Initial orbit manoeuvring, LEO drag compensation, constellation 
spacing, proximity operations, and de-orbit...”
Surrey’s first satellite to incorporate a propulsion system was UoSAT-12, launched in 2000. 
UoSA T -12 included both a nitrogen cold gas system and a low-thrust NoO resistojet for attitude
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control, momentum dumping, and a limited orbit changing capability. T he total velocity change 
was 27 m /s  [Haag, 2000].
Over the past several years, there has been a surging interest in using microsatellites to perform 
missions which, until now, have been regarded as the sole province of large (500 kg or greater) 
spacecraft. Such missions include major orbit transfers, to geosynchronous earth orbit (GEO) 
and the Lagrange points, lunar orbit, asteroids, and the inner planets (e.g.. Mars, Venus). Jason 
[2000] examined a modified version of UoSAT-12 with a total velocity change capability of 
1,700 m /s, sufficient to perform a number of the missions above. To produce a velocity change 
of this magnitude, high-efficiency propulsion is required.^
UoSAT-12's thrusters provide insufficient performance to perform manoeuvres of this kind; 
systems which m ight do so include hybrid and bipropellant hydrogen peroxide/kerosene 
(Figure l - l)  concepts pursued by Surrey, in addition to the ubiquitous bipropellant 
hydrazine/nitrogen tetroxide thruster (which has substantial flight heritage but are exceedingly 
expensive) [Sellers, 1996]. Electric propulsion systems, while potentially providing very high 
performance levels, are difficult to implement onboard small satellites, owing to their large 
power requirements. A relatively untested concept, solar thermal propulsion, promises higher 
performance (and therefore smaller propellant mass requirements) than any o f Surrey’s current 
stable of propulsion systems.^
1.2 Solar Thermal Propulsion
T he solar thermal propulsion (STP) concept is a fairly basic one, relying on highly concentrated 
sunlight to heat a monopropellant to very high temperatures (typically approaching 3,000 K) 
and subsequently exhausting the propellant through a discharge nozzle to provide thrust. A 
typical solar thermal engine (STE) is composed of three prim ary components or subassemblies: 
a solar concentrator, which concentrates and focuses solar energy onto the receiver; the receiver 
itself, which acts as a heat exchanger for the propellant; and the propellant storage and feed  
system, which includes tankage and feed lines for routing propellant to the receiver. A fourth 
component, control electronics, is not considered here but is required to retrieve STP system 
telemetry, open and close valves, and (potentially) control both concentrator and receiver 
positioning.
' Figures of merit for propulsive efficiency, such as specific impulse (A) and delta-V (AV), will be defined in 
Chapters 2 and 3.
- See Table 4.1 for information on the predicted performance for various propellants and propellant 
combinations, including electric propulsion systems, hybrid systems (H^Oo/polyethylene) and 
HiiOü/kerosene.
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Various solar concentration schemes have been proposed, including lenses, deployable arrays, 
and inflatable arrays. All are tasked with the requirement o f sufficiently concentrating available 
sunlight to heat the receiver to temperatures approaching material limits. The solar receiver 
collects radiant energy from the solar concentrator array and heats the propellant during 
thrusting. The United States Air Force’s Integrated Solar Upper Stage (ISUS) used a thermal 
storage approach, relying on a coated graphite blackbody cavity receiver designed to withstand 
hydrogen attack on the graphite body, and minimise carbon loss [Frye, 1998]. A multilayer, 
refractory metal insulation package was devised to minimize radiative heat losses. Despite this, 
the ISUS ground demonstration at NASA’s Lewis Research Center still suffered from greater 
heat losses (and thus achieved lower cavity temperatures) than models predicted.
Both ISUS and its follow-on, the Solar Orbit Transfer Vehicle (SOTV) [Kennedy, 
1995] [Kessler, 2000], are variants of the solar thermal engine which, when integrated with a 
satellite payload, would provide transfer to the satellite’s intended orbit, and electrical power 
throughout the life of the satellite (Figure 1-2, left). This was analytically shown to further 
increase payload mass by using essentially the same hardware to provide both propulsive th rust 
and electrical power generation. An STP space experiment, originally scheduled for launch in 
the early 2000s, is now on hold due to funding limitations.
A B oeing/U .S. A ir F orce concept fo r a Solar 
O rb it T ran sfer Vehicle. [Boeing, 1 9 9 9 ]
A low -cost so lar the rm al p a th finder 
hosted  on a 20-kg m icrosate llite .
Figure 1-2 Solar Thermal Propulsion: a conceptual evolution.
In 2000, the author proposed a low-cost pathfinder to the Air Force experiment (Figure 1-2, 
right). This pathfinder, which would be hosted aboard a Surrey Satellite Technology, Ltd. 
(SSTL) micro- or mini-satellite, would dem onstrate proof-of-concept in space, while still 
providing significant capability to the host satellite. It would eschew cryogenic hydrogen in 
favour of a storable propellant, rely on a small, fixed solar concentrator assembly, discard power 
production as a second mode, and maximize the use of off-the-shelf components in pursuit of a 
minimum-cost approach.
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Given the severe mass and volumetric limitations imposed by the micro- and mini-satellite 
design, careful selection of propellants and engine cycle is essential. S urreys enhanced 
microsatellite masses only 100 kilograms and is contained within a 60 x 60 x 80 centim etre 
volume, dictated by the stringent requirements imposed by Ariane 5’s S tructure for Auxiliary 
Payloads (ASAP) [M ugnier, 2000]. T h rust chamber temperature targets would be lowered 
from 3,000 K— which stretch material limits— to the 2,000-2,250 K regime. This reduces 
maximum achievable performance but allows for greater design flexibility in the selection of 
engine materials. A novel scheme for decoupling the receiver and concentrator, utilising optical 
fibre, permits a single large m irror to be replaced by an assembly of small mirrors, substantially 
reducing system weight.
This research has demonstrated the downward scalability o f solar therm al propulsion and its 
applicability to small satellite platforms. Elements of the current research— to include the fibre- 
coupled receiver scheme— have been incorporated in a follow-on flight demonstration activity, 
which will provide an experimental propulsion capability aboard a Surrey microsatellite. This 
experimental payload is expected to fly in 2006.
Coupling a small satellite with STP could extend SSTL’s capabilities into GEO-based 
telecommunications satellites and planetary exploration. Small satellite platforms, augmented 
by STP, provide the potential for low-cost access to GEO, the moon, and the inner solar system. 
Moreover, SSTL’s capabilities offer the potential to jum p-start solar therm al propulsion and 
permit a space demonstration significantly in advance of current plans— and at substantially 
lower cost.
1.3 Scope o f  Research
T he scope of the present research effort includes the investigation of small solar therm al 
propulsion system, the detailed design and modelling of the integrated STP system and its key 
subsystems, their suitability for use aboard microsatellites, and their applicability to specific 
missions. The author’s familiarity with the conceptual development of STP over the past forty 
years led to an interest in the implementation of several novel approaches that would perm it a 
near-term  space demonstration and provide residual utility to the host spacecraft. The author 
examined a number of existing and planned missions to determine if (a) the missions could be 
performed by microsatellite-based payloads, and (b) STP augmentation could enable or enhance 
the microsatellite missions under investigation.
Performance modelling included the use of standard, validated codes for optical ray tracing and 
thermal analysis. The author was directed to develop an integrated system model of the solar 
thermal propulsion system, incorporating orbital mechanics, propellant management, solar
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receiver characteristics, heating profile, and operation as a heat exchanger, in addition to 
attitude control effects and concentrator impacts.
As noted above, microsatellites impose stringent constraints on accessible payload volume, 
available surface area, cryogenic fluid use, spacecraft pointing, and engine firing. The author 
examined a number of innovative ways to achieve substantial performance gains over existing 
microsatellite propulsion options, while simultaneously adhering to the Surrey Space Centre’s 
m antra o f low-cost access to space. This dictated the use o f storable monopropellants such as 
ammonia, in place of liquid hydrogen, to simplify ground handling, reduce cost, and permit long­
term  propellant storage. Various alternatives to the large, inflatable concentrating mirrors 
common to most STP concepts were examined; this effort culminated in the author’s proposal to 
use multiple small, low-mass rigid metal mirrors, coupled with low-attenuation optical fibres, in 
place of large mirrors. These permit the solar receiver to be placed anywhere on the spacecraft, 
decoupling it from the m irror focal plane. On-sun testing revealed fibre transmission efficiencies 
approaching 40%, for unpolished fibres; polishing and precision alignment will undoubtedly 
improve performance. Refractory metal receivers, expensive and bulky, were rejected in favour 
of low-cost, all-ceramic devices fabricated from machinable structural composites such as 
TiBa/BN and zirconia-strengthened boron nitride (ZSBN). These units performed well in 
vacuum, at temperatures of up to 2,000 K, and exposed to helium, nitrogen, and ammonia 
propellants at temperatures o f up to 1,700 K.
Finally, this effort’s scope included the investigation of methods that would perm it the 
demonstration of a sub-scale STP system onboard a 100-kg Surrey microsatellite. Options for 
demonstration included the Disaster M onitoring Constellation and Cibola F light Experiment 
spacecraft, both of which were shown to benefit from the inclusion of a small (l4-cm) 
concentrating m irror system with a fibre-coupled solar receiver.
1.4 Thesis Structure
This thesis covers a three-year effort to design and dem onstrate an innovative microscale solar 
thermal propulsion system suitable for deployment aboard microsatellites. The introductory 
material in this chapter provides a basic review of space propulsion research activities conducted 
at the Surrey Space Centre, how an investigation of solar thermal propulsion complements the 
existing research portfolio, and the scope and key contributions of this research activity.
Chapter 2, Literature Survey, discusses the history of the solar thermal propulsion concept, its 
key performance parameters, applications, and subsystems. Related areas of investigation, 
including high-temperature materials and methods for concentrating sunlight, are examined in 
detail.
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Chapter 3, Mission Analysis, reviews a number of missions for microsatellite applicability and 
discusses the use of solar therm al propulsion as an augmentation, potentially allowing 
microsatellites to achieve high orbits (e.g., GEO, E arth  escape) and perform entirely new 
missions. Several mission classes are identified as being both microsatellite-compatible and 
capable of enhanced performance through the use of STP systems.
Chapter 4, Preliminary Design, provides additional background on the assessment o f solar 
therm al propulsion system performance. The chapter also discusses specific issues confronting 
the designer o f highly-accurate concentrating mirrors, high-temperature solar receivers, and 
propellant management systems. Baseline system requirements and likely performance levels, 
predicted from simple subsystem models, are presented. This discussion feeds naturally into 
Chapter 5, Integrated System Modelling and Detailed Design, which examines the baseline 
system in more detail. Chapter 5 reviews the use o f validated commercial codes for subsystem 
modelling and then proceeds to discuss the development o f the author’s Microscale Solar 
Therm al Propulsion System Integrated System Model (MSTISM), which builds on basic 
subsystem models to provide an overall picture of an STP system’s performance. M STISM  was 
used to finalise the detailed design of the Mk. I and Mk. II solar receivers, as well as the large 
(56-centimetre diameter) and small (14-centimetre diameter) solar concentrators used during 
the test programme.
Chapter 6, Component Test Campaign, describes the efforts undertaken by the author to validate 
the subsystems developed in Chapter 5. This includes materials compatibility and bonding 
trials, hermetic sealing tests, electrical heating tests o f full-scale solar receivers in vacuum, and 
full-flow testing—at temperature and in vacuum— with representative propellants. Results are 
compared to commercial and M STISM  predictions. T he results o f large and small concentrator 
testing, including ganged-mirror trials with optical fibre solar transmission, is also presented.
Chapter 7, Summary and Conclusions, draws the various strands of the research effort together, 
concluding that the initial hypothesis, that a microscale solar thermal propulsion system could 
be constructed with low-cost, readily available materials and elements, and usefully 
demonstrated in the near-term, is in fact true.
1.5 Novel W ork Undertaken
The author has produced novel results in four specific areas:
(1) Mission utilisation of microsatellites augmented with solar thermal propulsion, to 
include:
a. The use of low-eccentricity parking orbits in near-earth space, typically below
200,000 kilometres altitude, to permit low-thrust propulsion systems the
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capability to achieve escape or lunar orbit insertion without significant orbital 
element changes caused by lunar perturbations; and
b. T he use of high altitude phasing orbits (HAPOs), perm itting earth escape and 
departure along any desired trajectory, thus perm itting a microsatellite to be 
launched into an unfavourable initial orbit and still achieve escape or other-body 
capture.
(2) The development o f a comprehensive integrated system model for microsatellite solar 
thermal propulsion systems, perm itting the user to perform sensitivity analyses and 
conduct trades to optimise a microscale STP system for a given mission. Code results 
were validated through actual subsystem testing.
(3) T he design of an innovative, all-ceramic solar thermal receiver, designed to store 
incident sunlight in an insulated body of thermal storage material and release it during 
engine firing. This includes:
a. T he use of high-tem perature boron nitride-based composite ceramics, shown by 
the author to remain intact, suffering essentially zero mass loss and no 
mechanical failure, in vacuum and at temperatures of up to 2,273 K.
b. The use of mechanical gasketing methods, using low-expansion molybdenum 
bolts and graphite seals to successfully bond and seal ceramic structures in 
compression at high temperatures (up to 2,000 K).
c. The use of ultra high-tem perature refractory metal brazes, including 
molybdenum-ruthenium, to bond composite ceramics at temperatures exceeding
2,000 K.
d. The successful demonstration of the Mk. 1 and Mk. 11 solar receivers in vacuum, 
at temperatures of up to 1,700 K, utilising helium, nitrogen, and ammonia 
propellants, with a maximum achieved specific impulses o f 237 s and th rust 
levels of up to 500 mN.
(4) The design and development of low-cost, low-mass concentrating mirrors, designed for 
ganged operation in conjunction with optical fibres. This approach, never before 
suggested in the literature, allows multiple small m irrors to duplicate the output of 
much larger mirrors, while perm itting weight savings of up to 40%. Low-attenuation 
optical fibre permits remote location of the solar receiver; it no longer m ust be 
structurally supported at the m irror focal plane and can be mounted anywhere on the 
spacecraft, to suit the microsatellite designer's requirements. Small m irror and optical 
fibre tests demonstrated:
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a. The utility of inexpensive, lightweight, highly accurate metal mirrors, providing 
peak concentration ratios approaching the theoretical limit for a given rim 
angle;
b. Fibre transmission efficiencies o f up to 57%, observed in solar simulation and 
on-sun tests with 750-micron core diameter, high numerical aperture optical 
fibre;
c. As much as 2.2 W  of optical power throughput from a combination of three 14- 
centimetre diameter m irrors and two types of optical fibre (750- and 1000- 
micron core diameter).
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Chapter 2
2 Literature Survey
Spacecraft propulsion is a highly interdisciplinary enterprise; it requires a familiarity with 
compressible fluid flow, radiative, convective, and conductive heat transfer, therm ochem istry 
and reaction kinetics, high-temperature materials behaviour, orbital mechanics, and spacecraft 
attitude control. Nuclear propulsion necessitates an understanding o f nuclear reactor design 
and nuclear physics, while solar therm al propulsion— the focus of this research— demands a 
working knowledge of physical optics, lens and m irror design, and fibre optics. This chapter 
will focus on solar thermal propulsion concepts, their evolution over the past 40 years, and 
related disciplines. This material provides the essential background and base for the research 
described in further chapters.
2.1 Solar Thermal Propulsion Concepts and Heritage
In 1962, engineers at the U.S. Air Force’s Rocket Propulsion Laboratory (AFRPL) at Edwards 
Air Force Base, California, successfully tested the first solar thermal rocket engine [Etheridge, 
1979]. Using hydrogen as propellant, this system managed to achieve a specific impulse of 680 
seconds (s). This level o f performance is better than twice that of state-of-the-art bipropellant 
engines used for spacecraft manoeuvring, and 50% better than the m ost advanced chemical 
engine currently in service, the liquid hydrogen/oxygen fueled Space Shuttle Main Engine 
(SSME).
Specific impulse is commonly defined as th rust generated per unit weight o f propellant mass 
[Humble, 1997]. It is therefore directly related to the amount of propellant required to 
accelerate a vehicle and produce a characteristic change in velocity, or delta-V (AV). F or on- 
orbit manoeuvres, delta-V values can range from millimetres per second, in the case o f small 
orbital corrections and attitude control burns, to multiple kilometres per second, in the case of 
significant transfers (e.g., low earth orbit to geosynchronous orbit, earth escape, or 
interplanetary trajectories). For small manoeuvres, variations in specific impulse tend to be 
unimportant; however, for high delta-V transfers, the difference in propellant mass can be 
substantial. At an fp  o f 320 s, a hydrazine/nitrogen tetroxide engine can transfer a 1,000-kg
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satellite from LEO to GEO in five hours, at a cost o f over 2,800 kg of propellant.'* Substituting a 
solar thermal engine (STE) with hydrogen propellant (Lp = 680 s) reduces required propellant 
mass to just 900 kg. The two metric tons thus saved are made available to the mission designer 
for any number of purposes: heavier payloads and subsystems could be added, or the designer 
m ight decide to select a smaller, less expensive launch vehicle for a given payload mass. W hile 
this simple trade does not incorporate concept-specific complexities resulting from modified 
operations and hardware, it suggests that spacecraft designed to undertake high-cost orbital 
manoeuvres could be enhanced by augmentation with an appropriate solar thermal engine.
Figure 2-1 Two depictions of an AFRPL conceptual design for a solar thermal engine, with dual 
off-axis inflatable concentrators, right [Etheridge, 1979] [Holmes, 2001].
Little data is available on 1960s-era analysis and testing programmes; Etheridge [1979] 
provides a very limited historical précis, but makes clear that early efforts to produce a flight­
like solar thermal engine were overtaken by much larger and better-funded investigations in 
chemical, nuclear thermal, and electric propulsion. In 1973, following the cancellation of the 
U.S.’s Apollo programme, NASA stopped research to build a high-impulse nuclear thermal 
engine (i.e., the Nuclear Engine for Rocket Vehicle Application, or NERVA) and concentrated its 
resources on the development of the reusable Space Shuttle [Garber, 2002].
Etheridge’s technical report is the seminal document in solar thermal propulsion system 
analysis, referenced by virtually all authors throughout the 1980s and 1990s. It examines the 
use of a solar thermal engine to transport a number of U.S. satellites from LEO to GEO and 
compares the performance of postulated STE configurations with conventional and advanced
•■* This transfer typically demands two manoeuvres, totalling 4,200 m/s [Hill, 1.9,92], Details of these and 
other pertinent calculations are expounded upon in Chapter t.
10
Solar Thermal Propulsion for Microsatellites
chemical, as well as electric, alternatives. Etheridge concludes that an STE, operating at 
propellant exit temperatures of up to 2,800 K, was attainable with 1970s-era technologies. This 
included the use of liquid hydrogen as prim ary propellant, refractory metal solar receivers, and 
large, inflatable concentrating m irrors— on the order o f ten metres in diameter (Figure 2-1). A 
notable variant (Figure 2-2), utilising deployable, rigid optics and lower-temperature materials, 
was advanced in the mid-1990s [Kennedy, 1995]. To date, however, none of the concepts have 
been slated for space demonstration.
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Figure 2-2 Deployed (left) and stowed (right) views of the proposed Solar Orbit Transfer Vehicle 
(SOTV), an Air Force Research Laboratory experiment [Partch, 1 9 9 9 ] .
2.1.1 Solar Receiver Evolution
Recommendations made in the Etheridge report guided solar thermal research for more than a 
decade after its publication, and continue to influence conceptual design to the present day. 
Shoji [1992], w riting for Rockwell International's Rocketdyne Division, discusses highlights of 
the solar thermal engine research conducted in the 1980s at AFRPL, which focused on the 
development of a high-temperature solar receiver (Figure 2-3). W ork at AFRPL’s successor 
organizations, the Phillips Laboratory and Air Force Research Laboratory, has been joined 
worldwide by analytical investigations in the European Union [Calabro, 2001] and advanced 
refractory metal receiver trials in Japan [Shimizu, 1997].
As discussed in Section 1.2, solar thermal engines m ust operate at extremely high temperatures 
in order to be competitive with other propulsive options. Chemical propulsion systems can 
circumvent this problem to an extent; a chemical propellant’s kinetic energy is derived from 
chemical energy released during decomposition or combustion. Thus, chemical propulsion 
system design focuses on minimising heat transfer from the hot propellant gases to the engine
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Solar Thermal Propulsion for Microsatellites
chamber and nozzle walls. This can be accomplished via several means, including regenerative 
cooling, wall film cooling [Coxhill, 2002], and off-stoichiometric operation [Hill, 1992]. W all 
temperatures can be lowered dramatically, especially in cases where cryogenic fuels can be used. *•
These options are unavailable to the STE designer. Energy must be deposited into the 
propellant from an external source; this can be done indirectly, through wall heating, or directly, 
via direct solar flux impinging on the propellant stream. Of the two options, only the first has 
been demonstrated successfully. These “windowless” systems use direct impingement by 
concentrated solar flux on high-temperature metal or ceramic walls, which then transfer heat to 
the propellant. Gas pressure and high operating temperature introduce stresses that ultimately 
limit the performance of such systems. Rocketdyne’s rhenium coil thruster was intended to 
operate at 2,778 K.-^  The introduction of a quartz window was expected to equalise pressure on 
both sides of the cavity receiver wall, allowing higher-temperature operation.
Heal Exchanger 
Cavity (Absorber)
CONaNIBAIEO
ftAOIAllûN
W
W indow less H eat E xchanger Cavity (WHEC)
Figure 2-3  One solar cavity receiver/absorber concept, left. Rocketdyne’s solar absorber/thruster 
assembly, right [Shoji, 1 9 9 2 ] [Shoji, 1 9 8 3 ].
Direct gas heating requires windowed apertures (for propellant retention in the solar cavity) and 
the deposition of “seedant” particles in the propellant stream to increase absorptivity in the solar 
spectrum. As Venkateswaran [1992] notes, hydrogen, as well as a number of other candidate 
propellant gases, is very nearly transparent to solar radiation. Etheridge [1979] and Shoji 
[1983] discuss options for seedants, including a hydrogen gas/solid carbon particulate mixer 
upstream of the STE’s heat exchanger, rotating seedant beds, and vortical gas injection (which 
would utilise vortex flow to retain seed particles at the periphery of the bed). These concepts, 
while potentially perm itting higher peak gas temperatures— perhaps as high as 4,000 K— run 
afoul of a number of practical problems, including seedant deposition on concentrator surfaces 
and windows, spacecraft optical hardware, and other equipment, lowered specific impulse (due to
' F o r exam ple, ru n n in g  a liquid h y d r o g e n /o x y g e n  eng ine  “fuel-rich” low ers ad iabatic  flam e tem p e ra tu re  
( re a c tio n  product tem p era tu re , assu m in g  zero  heat tran sfe r) and decreases ex h au s t g a s  m olecu lar w eight.
■' T h e  engine, designed and fabrica ted  betw een 1982 and 1984, w as tes ted  “o n -su n ” for 65 hours, a t up to 
1,810 K [Shoji, 1992].
12
Solar Thermal Propulsion for Microsatellites
the introduction of relatively high molecular weight seedant into the propellant stream), and, in 
the case o f the ro tating  bed, the need for reliable high-tem perature bearings and seals.
Venkateswaran offers an alternative to the seedant bed, using alkali metal vapour in place of 
particulate seedant (Figure 2-4). A m ixture of sodium, potassium, and caesium vapour is 
injected into the main propellant stream, increasing absorption from essentially zero to 30-60%. 
System modelling efforts coupled ray-tracing analyses (for incident solar radiation and 
absorption) with a two-dimensional, viscous flow simulation, examining high input power 
systems (l-lO  MW). The inclusion of alkali metal raises the gas m ixture's molecular weight, 
lowering specific impulse performance, but this approach m ight mitigate some of the operational 
problems associated with solid particulate seedants.®
WintJowBd Alkali Mstel (WAH) Windowed Porous Materiai (WPM) %
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Figure 2 -4  Two windowed solar thermal propulsion concepts [Shoji, 1 9 9 2 ] .
W hile this and other direct heating concepts have been extensively modelled, the author was 
unable to discover any published evidence o f subsystem or element testing. Strongly similar to 
advanced nuclear propulsion concepts such as the open-cycle gas core rocket, which requires 
fluid dynamical containment of a fissioning uranium mass [McLafferty, 1970] [Latham, 1971], 
they are sufficiently complex— and therefore costly— to have inhibited substantial practical 
development.
M ore recently, windowed porous material (W PM ) concepts have been investigated [Shoji,
1986]. A series o f reticulated foam disks, constructed o f refractory metal carbide or other 
ceramic material, absorbs heat directly from impinging solar radiation. This structure acts only 
as a heat transfer device; it does not serve to confine high-pressure propellant gases and can be 
made arbitrarily thin. This will further decrease stress in the porous strands making up the 
structure, owing to smaller temperature differentials across the strand walls. T he W PM  engine 
can theoretically be operated at very near its material limits (i.e., melting point) and has an 
inherently high surface area for gas-body heat transfer. Like all other windowed concepts.
" Venkateswaran suggests that the Windowed Alkali Metal (WAM) concept is competitive at high power 
levels (1-10 MW thermal power) but cannot equal indirect (windowless, wall heating) system performance 
at lower input powers.
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however, W PM  suffers from potential window fouling by contaminants and heat stresses which 
could lead to failure of the window itself.
DelaRosa [1993] describes the fabrication of a prototype windowless th ruster for the U.S. Air 
Force Phillips Laboratory,^ using refractory rhenium foam (Figure 2-5). In this approach, a 
molybdenum mandrel is fitted with a rhenium sleeve and carbon foam torus. The foam is then 
chemically infiltrated with rhenium. A second outer sleeve is placed around the foam and the 
mandrel removed (via etching). This allows the production of a complex refractory 
metal/ceramic structure without precision machining.
1 . 'B lû d t"  rhén ium  liner/ihéfm al 
ab so rb e r  d ep o s itod  on 
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a n d  cu red ; m ^ y b d e n u m  m andrel 
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m an d re ls  an d  p a s te  e tch ed  aw ay , 
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Figure 2-5 Reticulated, vitreous carbon foam, left [Ultramet 2, 2002]. “Inside-out” fabrication 
technique for subscale solar-powered rocket engine, right [DelaRosa, 1993].
In 1995, engineers at the Phillips Laboratory’s Kirtland Air Force Base in Albuquerque, New 
Mexico, designed and built several windowless solar receivers with the express purpose of 
producing both propulsive thrust and electrical power [Kennedy, 1995]. These efforts drew on 
recent advances made by the U.S. space nuclear power and propulsion community during the 
late 1980s, most notably in high-temperature materials research [El-Genk, 1994]. Unlike 
previous concepts, however, the Integrated Solar Upper Stage (ISUS) receivers relied on the 
interception and absorption of concentrated sunlight by a thermal storage material, making it 
possible to decouple thrusting and sun-pointing. This, in turn, permits higher-thrust firings (or 
smaller concentrator assemblies), as thrust is no longer limited by incident power. The ISUS 
system incorporated a rhenium-coated graphite cavity receiver surrounded by multiple sleeves 
composed of tungsten and molybdenum insulation (Figure 2-6). Incident sunlight would be 
absorbed by the cavity’s walls and retained [Frye, 1998]. The high specific heat of graphite
' More specifically, the Laboratory’s Propulsion Directorate, located at Edwards Air l'orée Base, 
California.
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(2,000 J/kg-K), permits significant energy storage in a compact structure. This approach 
followed closely on NASA’s proposals in the 1980s and 1990s to use phase-change thermal 
storage media in space-based solar dynamic power systems, intended for supplementary power 
onboard the International Space Station [Kerslake, 1998].
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Figure 2 -6  The ISUS Receiver-Absorber Converter [Partch, 1 9 9 9 ]
In 1997, the ISUS Receiver-Absorber-Converter (RAC) was tested at NASA Lewis Research 
Center’s Tank 6 facility. Tank 6, a high-vacuum chamber, contains nine 30-kilowatt (kW) 
xenon arc lamps and a collimated lens array, suitable for simulating sunlight in a space 
environment. The ISUS RAC was supplied with gaseous hydrogen and heated to temperatures 
in excess o f 2,100 K, with an estimated specific impulse o f 742 s [Frye, 1998]. W hile this 
ground demonstration was intended to reduce technical risk to a level sufficient to perm it a 
near-term  flight experiment, the ISUS follow-on activity, or Solar O rbit Transfer Vehicle 
(SOTV), has been unable to find sufficient funds to  accomplish this.
Shooting Star, a short-lived programme at NASA’s M arshall Spaceflight Center in Huntsville, 
Alabama, designed and fabricated a rhenium foam heat exchanger for solar thermal propulsion 
applications (Figure 2-7). This receiver was tested at temperatures of up to 3,000 °F (1,922 K) 
with nitrogen propellant [Tucker, 2001].
In the past decade, there has been an upsurge of interest in the international community in 
developing a solar thermal thruster. W hile there has been some conceptual investigation in 
Europe, researchers at Japan’s National Aerospace Laboratory succeeded in designing and 
fabricating 10-, 20-, and 50-mm diameter windowless receivers made from single-crystal 
molybdenum and coated with tungsten to prevent wall vaporisation at high temperatures (>
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2,500 K) [Shimizu, 2000]. Both nitrogen and helium propellants were tested, at receiver 
temperatures approaching 2,300 K. The large (50-mm) receiver was tested with nitrogen under 
vacuum conditions at Tohoku University’s solar concentrator, reaching 2,000 K. T hrust data 
was considered suspect, as thrust stand temperature drift affected measurements. No specific 
impulse estimates for this final test were provided.
Figure 2-7 Electrically heated “Wagon-wheel” solar receiver test article, with achieved peak 
temperatures ("F), left [Tucker, 2001]. Hypothetical "Shooting Star’’ STE on Spartan free-flying 
experimental platform, depicting inflatable Fresnel lens concentrator [Shaltens, 2002].
2.1.2 Methods for Concentrating Sunlight
Techniques for concentrating sunlight are centuries old. The apocryphal story of Archimedes’ 
defeat of the Roman fleet at Syracuse in the 3"' century B.C., utilising “burning m irrors” to 
ignite the hulls of ships [Mills, 1992] illustrates mankind’s long familiarity with the concept. 
The first practical attem pts to harness solar power to perform mechanical work appear in the 
century with the efforts of the Solomon de Caux in France; however, it was not until the late 
19^ '’ century that mirrored-surface parabolic troughs and paraboloidal dishes were fabricated, 
and high concentration made possible [Ackermann, 1915]. Even at this relatively late date, dish 
concentrators were formed from individual plane m irror facets. W hile amateur telescope makers 
routinely lap and polish paraboloidal mirrors, the technology to mass-produce highly accurate 
aspheric surfaces (including lenses and mirrors) did not become readily available until the 1980s 
[Hecht, 1998].
As we have already seen, high-temperature operation is crucial to the success of the solar 
thermal engine. The strong temperature dependency of specific impulse (Section 4.1) dictates 
this strategy; for windowless receiver systems, propellant temperature will always he less than
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the receiver wall temperature. Kreider [1979] describes the relation between peak solar 
receiver temperature and concentration:
T.
T ' a ]
a s U \
(2 - 1)
The receiver equilibrium temperature T,. is a function of the intensity of the incident radiation /  
(in watts/m -), the concentration ratio AJAr (i.e., the quotient of concentrating m irror area to 
receiver aperture area), and two efficiency terms r\o and r|c. Optical efficiency ( r ) o )  is the ratio of 
absorbed heat to incident flux available at the receiver aperture; collection efficiency ( r j c )  is the 
ratio of heat absorbed by the working fluid to the aperture flux.* This energy balance assumes 
receiver absorption of sunlight and energy transfer to the working fluid occurs simultaneously.''
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Figure 2-8 Theoretical receiver bulk temperature versus concentration ratio, for thermal storage 
(qc =  O) and direct-gain (q. = 0.5) receivers.
Figure 2-8 illustrates the impact of concentration ratio on achievable temperature. For a high- 
absorptivity, non-selective receiver/absorber (e = 0.9), and earth-orbit flux levels of roughly 
1,350 W /m -, concentration ratios of several thousand are needed to reach 2,000 K or higher. To
* Also included in th is relation  are the  fam iliar S tefan-B oltzm ann  constan t, a, 5.6691  x 10-'* W /m --K ',  and 
the  receiver em issiv ity  s. O ptical efficiency is d irec tly  im pacted by the  receiver’s ahso rp tiv itity .
" T h is  is tru e  for d irec t-gain  system s, but no t fo r therm al s to rag e  system s (see C h ap te r 4). M ax im um  
achievable tem p era tu re  w ith  a therm al s to rag e  system  is found by se ttin g  co llection  efficiency to  zero  (no 
flow d u rin g  therm al charging).
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achieve 3,000 K, a minimum concentration ratio of 10,000:1 is necessary. Note the difference in 
achievable temperatures between the direct-gain receiver (pc = 0.5), which delivers heat directly 
to the propellant, and a thermal storage receiver (qc = O). The direct-gain receiver must support 
simultaneous radiative and conductive losses, lowering peak temperature. A thermal storage 
system, while capable of achieving higher peak temperatures, is handicapped by the decoupling 
of thermal charging and thrusting, which forces it to operate over a wide temperature range as it 
cools. The direct gain receiver operates at a fixed temperature, providing stable specific impulse.
Etheridge [1979J describes two dual-concentrator schemes for receiver heating. Both are large, 
in excess of 30 metres in diameter. As Venkateswaran [1992] notes:
“The major drawbacks to solar propulsion arise because of the dilute energy density of solar 
radiation. Moderately sized rockets need large collectors to intercept sufficient quantities of 
energy, but, more importantly, the maximum energy remains quite low, even after focusing.
This low intensity causes solar rockets to be relatively large in size, and makes it difficult to 
couple the solar energy into the thermal modes of the gas."
At 1,353 W /m ‘-^, the accepted value of solar flux at an earth-sun separation distance of 150 
million kilometres, a 30.5-m diameter concentrator will intercept roughly 1 M W  of sunlight. 
Two mirrors of this size permit Etheridge to produce 44 Ibf (196 N) of th rust with hydrogen 
propellant at an I^ p of 872 s.'" This level of performance is sufficient to transfer a 10-metric ton 
payload from LEO to GEO in 14 days. If transfer time requirements can be relaxed to 40 days, 
Etheridge’s baseline system can increase its payload delivery to GEO by 40%.
Figure 2-9 The 1996 Inflatable Antenna Experiment (lAE) on STS-77, deployed [L’Garde, 2004].
Direct-gain solar thermal engines demand relatively large concentrators. As discussed in the 
previous section, when incident solar energy is not stored and must be transferred directly to 
the propellant, thrust scales directly with concentrator size. To complicate the design problem, 
key requirements such as solar pointing accuracy (typically estimated at +0.1") and m irror form 
error (also on the order of +0.1" root-mean-square, or RMS, slope error) do not relax for larger
Note that this system requires 7.33 m- of concentrator surface per newton of thrust produced.
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structures. Etheridge and his successors investigated a number of alternatives that might meet 
these and other stringent requirem ents."These alternatives included (l) solid concentrators; (2) 
deployable petal structures; (3) tensioned membranes; (4) inflatables (with rigidizable and non- 
rigidizable supports); and (5) faceted systems (to include both Fresnel lenses and mirrors), which 
emulate the approach adopted by researchers for large ground-based concentrators (see Section
6.1). Fresnel lenses will require secondary optics for additional concentration.
Solid and petal systems, with areal densities of ju st 0.25 Ibm/ft^ (1.22 kg/m^), were deemed to be 
excessively heavy and were rejected. Likewise, tensioned systems required a “complex 
deployment scheme,” making them unsuitable [Etheridge, 1979]. The Etheridge analysis 
rapidly down-selected to the dual off-axis paraboloidal reflector scheme shown in Figure 2-1, 
utilizing inflatable, non-rigidized support and peripheral truss structures. Dual off-axis 
paraboloidal m irrors permit thrust vector pointing in all directions while simultaneously 
allowing for m irror sun-tracking. All successive efforts save ISUS appear to have followed 
Etheridge’s lead [Holmes, 2001][G ierow , 2000].
©
Figure 2-10 The Je t Propulsion Laboratory’s Inflatable Antenna Experiment, deployment scheme
[Freeland, 1997].
In May 1996, NASA’s Jet Propulsion Laboratory, in conjunction with NASA’s Goddard 
Spaceflight Center and L’Garde, Inc., fabricated and launched the 14-metre diameter Inflatable 
Antenna Experiment (lAE) aboard Space Shuttle mission STS-77 [Freeland, 1997]. W hile lAE
" The assessment included radiation and meteorite damage, deployment, exhaust plume impingement, 
and eclipse effects.
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was an on-axis paraboloid and designed for use at millimetre-wave communications rather than 
nanometer-wavelength optical applications, much of the underlying technology and deployment 
methodology would be applicable to space-based solar concentrators (Figure 2-9).
lAE was intended to measure surface form accuracy and thermal stability over a single orbital 
period, for various sun angles and antenna canopy inflation pressures, thus providing much- 
needed in-flight performance data applicable to future antennas, concentrators, and telescopes. 
After the stowed antenna was ejected from its packaging (Figure 2-10), the experiment’s three 
struts were inflated and extended. Finally, the toroidal ring and antenna canopy (at left) would 
be inflated. High-resolution digital cameras were expected to image the antenna surface to 
permit characterisation of the deployed structure. Unfortunately, the antenna deployed far more 
quickly than was predicted, owing to residual gas in the struts and ring elements. Due to a 
malfunction in the inflation system, the ring was unable to fully inflate, making surface 
measurements impossible. No follow-on antenna or reflector experiment has yet been planned.
Figure 2-11 Two views of SRS Technologies’ Flight Scale Concentrator (FSC-l) [Holmes, 2001].
Since 1996, the Air Force Research Laboratory has continued to invest in the development of 
lightweight inflatable concentrators. A division of SRS Technologies, based in Huntsville, 
Alabama, has manufactured a small (2 x 3 m) off-axis ground demonstration concentrator for 
deployment testing purposes [Gierow, 2000]. Larger inflatable structures have been tested by 
SRS (notably, an on-axis device at a diameter of 5 metres). Moore [1999] reports that a 1-mm 
(1,000 micron) RMS form error was obtained with the 5-m inflatable reflector. This is 
acceptable for communications applications, where wavelengths are on the order of the form 
error, but insufficient for optical imaging or solar concentration. Holmes [2001] indicates that 
a 4 X 6 metre “optical-quality” version of the SRS Flight Scale Concentrator (FSC-l), shown in 
Figure 2-11, was in fabrication and was due for testing later in 2001.
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Figure 2-12 ISUS Ground Test Demonstration concentrator (left), and depiction of ISUS flight 
experiment with deployable, faceted concentrator arrays (right) [AFRL, 2004]
The Air Force Phillips Laboratory’s Integrated Solar Upper Stage programme, in contrast to 
the preceding efforts, deliberately avoided the use of inflatable concentrators. Given the lack of 
on-orbit experimental data available in the mid-1990s, it was decided to examine options that 
would permit smaller, lower-technology concentrators within the current state-of-the-art (e.g., 
deployable, rigid structures).
Figure 2-13 Unfurlable mesh reflectors [Harris, 2004].
The use of thermal storage media in favour of direct-gain receivers made these smaller 
concentrators feasible, accounting for weight penalties resulting from increased areal density 
[Frye, 1998J. The ISUS ground test dem onstration at NASA’s Lewis Research Center was 
conducted with a deployable, faceted concentrator prototype (Figure 2-12, left) similar to that 
proposed for a space-based solar thermal power system [Calogeras, 1992]. The baseline 
concentrator, a splined panel optic suggested by the Harris Corporation, is similar to the
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antenna illustrated in Figure 2-13. This concentrator, based on a 50-foot ( 15.2-metre) off-axis 
antenna design, was predicted to achieve an areal density of 1.0 kg/m^.
2.1.3 Propellants and Propellant Storage
All solar thermal propulsion system concepts since Etheridge [1979] have baselined the use of 
hydrogen as primary propellant. This is unsurprising, as hydrogen—with a molecular weight of 
2 g/m ol— offers significantly higher specific impulse than any other available propellant for a 
given temperature [Hill, 1992]. Due to the square-root dependency of specific impulse on 
molecular weight, even the next lightest gas, helium, suffers from a 30% decrease in 
performance, and a correspondingly larger propellant mass for a given manoeuvre.
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Figure 2-14 Cryogenic liquid hydrogen long-term storage concept [Partch, 1999].
Etheridge’s analysis encountered immediate difficulties. Hydrogen’s low storage density (4.4 
lbm /ft‘® or 71 kg/m-*) makes it volumetrically inefficient for storage. The projected launch 
vehicle for the study, the Space Shuttle, was unable to simultaneously accommodate both the 
large storage tank and the payload. Additional investigations were performed which 
constrained the tank volume and examined the sensitivity of payload mass fraction to required 
del ta-V. Etheridge was further directed to investigate the possibility of using alternate 
propellants, but after examining ammonia {Isp -  440 s), he concluded that the system’s 
performance was marginal, relative to state-of-the-art chemical systems, and that no additional 
analysis would be conducted on alternative propellants.
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Cady [1996] discusses the use of passive and active thermal control for long-term  storage of 
liquid hydrogen on the ISUS system (Figure 2-14). W hile conventional chemical upper stages 
such as Atlas Centaur only require short-term  storage (on the order of hours), a solar thermal 
stage might require 30-60 days to achieve final orbit. Heat leakage into liquid hydrogen tanks 
m ust be absolutely minimised, or unacceptable boil-off (leading to pressure excursions and a 
possible catastrophic failure) and venting of propellant can result. Cady’s solution involved the 
use of Joule-Thomson expansion of liquid hydrogen to subcool and collect counterflowing liquid 
hydrogen inside a liquid acquisition device (LAD). Subcooled hydrogen is then passed through a 
heat exchanger, picking up additional heat from the storage tank, and vaporised. As the LAD 
supplies hydrogen propellant to the solar receiver, all vented gas is used for thrusting  
operations; no boil-off is jettisoned. A 71 ft^ (2 m») tank with a storage capability o f 284 Ibm 
(129 kg) was successfully tested in vacuum at the M arshall Spaceflight Center following the 
ISUS Engine Ground Demonstration; safety concerns expressed by NASA Lewis Research 
Center staff prevented the installation of the liquid hydrogen tank in Lewis’ Tank 6 vacuum 
chamber during testing [Cady, 1999].
Storable propellants will not require the heroic insulation and cooling measures described above. 
Hydrazine (N2H 1.), a commonly used spacecraft propellant, is a moderate-density (1,004.5 kg/m^) 
liquid that decomposes via catalysis into ammonia and nitrogen, releasing substantial energy. 
Ammonia itself can be used as a monopropellant, but not without an external heat source; it is a 
low-molecular weight liquid stored under its own vapour pressure (8 bar at 293 K), with a 
storage density of 630 kg/m^. Unfortunately, it decomposes endothermically into hydrogen and 
nitrogen— a problem encountered in hydrazine monopropellant systems, which are designed to 
partially suppress ammonia dissociation and optimise specific impulse performance [Humble, 
1995]. W ater, investigated by Lawrence [1996] as a potential resistojet propellant at Surrey, 
has a slightly higher molecular weight than ammonia but a much improved storage density 
(1,000 kg/m^). W hile none of these propellants can provide the level o f propulsive efficiency 
achievable with hydrogen, they offer the possibility of simpler, more volumetrically-efficient 
storage solutions.
2.2 Solar Radiation
The sun is often described as a blackbody radiator at a temperature of 5,700-5,900 K. For its 
accepted diameter of 1.393 x 10  ^ km, its output is estimated at nearly 3.65 x 10‘^‘* W. At a 
separation distance of 150 million kilometres, this flux is reduced to the extraterrestrial Air 
Mass Zero (AMo) value of 1,353 W /m ^ [Lienhard, 1987].'-'* Figure 2-15 illustrates the
Following this test, the heat leak into the system was estimated at 6.7 W.
I-' The value currently “accepted by the space community” is 1,367 W/m- [NREL, 2001].
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difference between the theoretical (blackbody) solar spectrum and measured spectra, both in 
earth orbit and at the surface. The blackbody output, or spectral energy density Awv (in W /m -- 
nm) over a frequency band Av can be estimated from Planck’s Law [Sears, 1975]:
Aw„ =
^Tth
A V (2-2)
In this equation, h is Planck’s constant (6.6262 x 10'  ^^  J/s), c is the speed of light (2.9979 x 10* 
m /s), k is Boltzmann’s constant (1.3806 x 10--* J/K ), and T is the blackbody temperature in 
degrees Kelvin. The resulting curve peaks at 2.0 W /m --nm  around 600 TH z (A, = 500 nm), in 
the blue-green portion of the visible spectrum.
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Figure 2-15 Theoretical (blackbody) and measured power received at eartb-sun separation 
distance, at wavelengths < 2,500 nm [NREL, 2001][Sears, 1975].
The AM 1.5 curve in Figure 2-15 exhibits both a general reduction in flux over extraterrestrial 
values, a broader peak (500-550 nm), and specific low-transmission regions (notably, in the 
ultraviolet, below 400 nm, between 800 and 1,000 nm, 1,100 and 1,200 nm, and 1,300 to 1,500 
nm). Many of these low-transmissivity bands are due to water and COu absorption [Lienhard,
1987]. The impact on terrestrial flux levels is significant: only 47% of earth orbit flux, on 
average, reaches the ground. There are important implications for ground-based solar thermal 
engine testing utilising ambient sunlight: (l) such trials cannot be representative of space 
system performance, owing to lower flux levels available at the earth’s surface, and (2) the 
increased infrared and ultraviolet content of extraterrestrial flux will have effects on the system 
that will be inadequately characterised at the surface.
Simulated sunlight, using lamps and collimated lens assemblies, is often used to circumvent 
operational difficulties associated with on-sun testing. Standard incandescent lamps operate at
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relatively low temperatures (2,000-2,900 K) and have spectral distributions shifted towards the 
infrared. Xenon arc lamps, which operate at colour temperatures of 5,500-6,000 K, have been 
used in a wide variety of solar simulation activities, including the ISUS Engine Ground 
Demonstration fLot-Oriel, 2004] [Frye, 1998].
2.2.1 Optical Fibre Transmission of Solar Radiation
Nakamura [1998] describes the use of low-attenuation optical fibres to transm it incident solar 
radiation for space-based plant growing applications:
“.. .re su lts  ob tained  in th e  stud ies indicate  tha t: ( l )  for so lar pow er applications, th e  fused- 
silica optical fibres will have sufficiently  h igh  transm iss ion  charac te ris tics  fo r w aveleng ths 
betw een 0.5 and 2.2 pm ; (2) co n cen tra ted  so la r rad ia tion  can be tra n sm itte d  effectively 
( -9 5 % ) via com m ercially  available optical fibres over th e  d istance req u ired  fo r spacecraft 
applications (10-20 m); (3) the  c o n c e n tra to r  and optical fibres can be effectively in teg ra ted  
to  inpu t h igh ly  co n cen tra ted  so la r rad ia tion  (7,500-10,000 suns) in to  optical fibres; (4) 
a im ing and tra c k in g  req u irem en ts  can be s ign ifican tly  relaxed  (accuracy A9 =  5°) by using  a 
tw o -stag e  concen tra tio n  m ethod  w ith  a steerab le  secondary  c o n cen tra to r  a ttach ed  to  th e  
fibre end; and (5) w eigh t o f the  optical f ib re s ... is no t a sign ifican t p enalty  to  th e  system .”
The concentration levels described are on par with those required for solar thermal propulsion 
(10,000:1). Nakamura was able to dem onstrate fibre power throughput efficiencies of 0.75 with 
system efficiencies of 0.32.
Figure 2-16 Prototype nanomaterial production furnace utilising fibre-coupled solar radiation and 
a gold-coated photon regenerator (left), single fibre-optic mini-dish on solar tracking unit
[Gordon 2, 2003]
The first recorded efforts to transmit high-intensity solar power through optical fibre were 
conducted by Carlou [1982][1985J. Transmission efficiencies of 0.70, at power levels of 2 W,
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were experimentally demonstrated. Later efforts concluded that furnace temperatures of 1,500 
°C or greater were potentially achievable. Liang [1998], who reports power throughputs of up 
to 60 W  with 19-fibre bundles at an efficiency of 0.60, remarks on the importance of fibre tip 
polishing to prevent scattering and drastic reductions in transmission efficiency. Gordon 
[2003] has performed extensive work on the transmission of concentrated sunlight for surgical 
and nanomaterial production applications. Using a single 20-cm diameter paraboloidal dish with 
a focal length of 12 cm, Gordon was able to dem onstrate power throughput of approximately 8 
W  and an end-to-end system efficiency of 0.64, over a 20-m fibre run (Figure 2-16). Gordon 
estimated the power density at the focal spot of his mini-dish to exceed 15,000 suns at an 
ambient flux density of 840-930 W /m -.'+
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Figure 2 -1 7  Wavelength-dependent attenuation of two types of high numerical aperture optical
fibre [Polymicro, 2 0 0 4 ] .
The optical fibre, a high-purity silica variety obtained from Polymicro Technologies of Phoenix, 
Arizona, exhibited a numerical aperture of 0.66 and a core diameter of 1 mm. Numerical 
aperture describes the effective angular size (v|/ = half-angle) of the fibre’s acceptance cone:
N A  = sin i// = -  « 1 (2-g)
The numerical aperture of the fibre is dependent on the refractive indices of the ambient medium 
(»o), the fibre cladding (»cw), and the fibre core The Polymicro fibre acceptance cone is
A t an am bien t flux level of 900 W /m - , flux density  at th e  focal spo t of 13.5 W /m i
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therefore 82.6° wide, capturing most (but not all) o f the incident solar flux.i® The mismatch 
between mini-dish and fibre can be estimated by noting that:
'F  = 2 ;r(l—cos y/) (2-4)
Here, T  is the solid angle measured in steradians (sr), subtended by the acceptance cone half­
angle V|/. Incident sunlight from the mini-dish covers a solid angle of 1.84 sr, o f which only 1.56 
sr can be viewed by the fibre (85%). Mismatch of attainable focal spot size and fibre core 
diameter will lead to further losses. Gordon notes that care should be taken to (l) achieve 
extremely precise alignment o f the fibre tip in the m irror’s focal spot, since positioning 
tolerances appear to be on the order o f +0.1 mm; (2) procure low-attenuation optical fibres 
capable of withstanding high solar flux; and (3) use only high-accuracy solar tracking devices 
(+0.002 radians or 0.11°).
Figure 2-17 illustrates optical fiber attenuation over the most significant portion of the solar 
spectrum, in decibels per kilometre (dB/km). These particular species o f fiber (FSU and FLU) 
exhibit very different attenuation curves— FSU is mostly transparent at optical and near­
ultraviolet wavelengths, but opaque in the infrared, while FLU transm its a substantial amount 
of near infrared radiation (but displays poor performance near the solar irradiance peak o f 500 
nm).
2.2.2 Alternative Concentration Schemes Applicable to Microsatellite 
Solar Thermal Propulsion
As has been shown in Section 2.1.2, one of the distinguishing characteristics o f past and present 
solar thermal concepts is the large prim ary mirror. Along with outsize cryogenic hydrogen 
storage tanks, the high-pointing accuracy, large-diameter deployable concentrating m irror 
represents a substantial technical risk that will require significant technological development to 
overcome.
A number of suggestions have been made to mitigate the development risk of the concentrator 
subsystem, including the leveraging of deployable antenna technologies [Borell, 1996] and the 
use of lower-concentration primaries coupled with secondary elements. Some o f these 
approaches would permit substantial pointing inaccuracies, but at the cost o f operation at lower 
peak temperatures and, therefore, lower attainable specific impulse.
Secondary concentrators can be used to improve both a prim ary concentrator’s collection 
efficiency and its concentration ratio. Feuermann [1999] defines a relative concentration ratio 
Cre/ as the average flux concentration divided by the thermodynamic limit to concentration, (sin^
Gordon’s 20-cm mirror has an effective NA of 0.71.
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0 , and varies between zero and unity. is the half-angle of the arc subtended by the solar 
disk, usually taken to be 0.25“. For a given paraboloidal dish rim angle 0  (Figure 2-18):
= s in " 0  (2-5)
Moderate rim angles (30 to 45°) provide high collection efficiency (Figure 2-18, right) but low 
average concentration.'® Higher values of rim angle (70° or more) provide very high peak 
concentrations, approaching the thermodynamic limit, but low collection efficiency.
I
absorber
I \ sccond-stage concenirator 
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p a r a b o l a
Figure 2-18  Paraboloidal mirror with second-stage concentrator (left) [Feuermann, 1 9 9 9 ]. 
Compound Parabolic Concentrator (right) [Winston, 1 9 7 4 ].
The addition of a secondary concentrator permits the interception of sunlight that would 
otherwise fall outside the receiver aperture and redirects it inside. W hile there are losses 
associated with multiple reflections (in mirror secondaries), as well as practical difficulties in 
placing reflective or refractive elements near high-temperature receivers, gains in collection 
efficiency can be substantial (Figure 2-19).
Some of the more well-known approaches include non-imaging designs such as the Compound 
Parabolic Concentrator (CPC), devised by W inston [1974], the Tailored Edge-Ray 
Concentrator (TERC) [Friedman, 1996], and hyperboloidal or “trum pet” secondaries. Other 
hyperboloidal secondaries may be used in Cassegrain (folded optics) schemes [Feuermann, 
1979]. The CPC is often depicted in its two-dimensional form, the trough, and has been 
suggested for ground-based solar collection; its geometry permits reasonable concentration 
(-10:1) without solar tracking [Rabl, 1976]. While this falls far short of the concentration 
levels required for solar thermal propulsion (Figure 2-8), it suggests that improved
C ollection efficiency can be defined as th a t fraction o f  inciden t su n lig h t reach ing  a disk o f  fixed d iam eter 
a t the focal region.
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concentration— with relaxed tracking constraints— are possible through the introduction of a 
CPC as a secondary concentrator.
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Figure 2 -1 9  Collection efficiency versus relative concentration for a single-mirror 
paraboloidal concentrator (left), and with the addition of Feuermann’s Complementary Cassegrain 
Concentrator (CCC) (right) [Feuermann, 1 9 9 9 ].
Refractive secondaries were proposed and tested in NASA’s Shooting Star Solar Therm al 
Propulsion programme in the late 1 9 9 0 s [Soules, 1 9 9 7 J . Designed to enhance the concentration 
of a Fresnel lens primary (with theoretical peak concentration ratios of only ~ 1,000), the high- 
temperature sapphire refractive element shown in Figure 2-20 would exhibit little internal loss 
and might act to block infrared reflux from the receiver cavity and material losses at high 
temperature. Power throughput efficiencies were measured at 0 .8 7 . Expected throughput is as 
high as 0 .9 3 , assuming treatm ent o f the sapphire element with an anti-reflective coating to 
reduce inlet losses [W ong, 200IJ.
%
Exchanger
Flux Extractor
Figure 2-20 Refractive secondary concentrator concept, left [Donovan, 1 9 9 7 ]. A compound 
parabolic concentrator trough with line-focus receiver, right [Winston, 1 9 7 4 ].
For some space-based applications, two-dimensional troughs such as that depicted in Figure
2-20 (right) may be flown as demonstration systems if requirements are sufficiently relaxed. A
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CPC trough with a concentration ratio of 10:1, corresponding to an acceptance half-angle of 
nearly 6°, would permit a simple demonstration of solar thermal propulsion on a small satellite, 
without (l) demanding high-temperature materials, or (2) having to meet the stringent pointing 
requirements dictated by paraboloidal dish systems [Rabl, 1976]. Equation 2-1 indicates that 
an un-insulated tubular receiver placed at the trough’s line focus could reach temperatures of 
more than 530 K. W hile the traceability of a demonstration of this type to larger, more capable 
STEs is clearly questionable, it does offer an opportunity for a low-cost starting  point, if no 
other approach were achievable.
2 . 3  High-Temperature Materials and Joining Processes
Previous Surrey propulsion activities have refrained from the use of high temperature materials, 
owing to their scarcity (and cost), difficulty of machining, difficulty of bonding or joining, and a 
lack of comprehensive material performance data at temperatures of interest. As the author has 
suggested in Section 2.1.2, windowless solar receivers— the simplest to fabricate with present 
technologies— must always operate at temperatures in excess of the peak propellant 
temperature, which will nominally be above 2,000 K. There are only eighteen elements that 
remain in a solid phase at or above this temperature plateau, and just five (tantalum, osmium, 
rhenium, tungsten, and carbon) above 3,000 K. Carbon, with the highest decomposition 
temperature, does not actually melt but sublimates at 3,800 K.
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Figure 2-21 Periodic table of the elements, illustrating melting temperature of individual species
[Winter, 2001]
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In addition to these elemental species, there are a number of ceramic compounds that have 
melting or sublimation points above 2,000 K and which might be employed usefully in a solar 
thermal engine. These include various oxides, carbides, and nitrides of refractory metals such as 
tungsten, tantalum, zirconium, and hafnium (Figure 2-22, left). Tantalum  carbide (TaC) and 
hafnium carbide (HfC) have the highest decomposition temperatures known, at nearly 7,100 °F 
(4,200 K). However, TaC is attacked by hydrogen at temperatures exceeding 2,500 °F (1,644 K) 
and HfC is reportedly “attacked by nitrogen at elevated temperatures.” [Lynch, 1966]
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Figure 2-22 Density, decomposition temperature and room temperature specific heat for a variety
of ceramic compounds [Lynch, 1966].
Refractory metals, such as molybdenum, rhenium, tantalum, and tungsten, typically have high 
thermal conductivities and very low specific heats; a detailed discussion is provided in Chapter 4. 
Unlike the pure metals, many ceramics offer much higher specific heats, allowing them to be 
used as efficient high-temperature thermal storage materials. Boron carbide, which finds favour 
in a host of applications, including sandblasting, armour plate, and neutron absorbers, has both a 
very high specific heat and high decomposition temperature [Nicholas, 1990]. The elemental 
species exhibiting high specific heat (> 1,000 J/kg-K  at 25 ”C) include beryllium, boron, lithium, 
magnesium, and sodium; of these, only boron and carbon have melting points above 2,000 K 
[Lide, 1995]. Boron is occasionally suggested as a high-temperature phase change thermal 
storage material, owing to its high melting point (2,548 K) and heat of fusion (4.5 M.l/kg) 
[Claasen, 1980] [Lide, 1995].
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Ceramics possess several useful properties for the STE designer but pose two distinct problems 
not shared by the majority o f metals: (l)  they are typically brittle and fracture in an
unpredictable, sometimes catastrophic manner; and (2) traditional bonding methods (e.g., 
welding and brazing) are often ineffective with ceramics.
On the subject of failure prediction in ceramics. Green [1998] writes:
“...ceramics contain flaws that can vary substantially in size and type, causing strength to 
vary significantly from sample to sample. This variability in strength is often expressed in 
terms of a failure probability. To describe a strength distribution at least two parameters 
are needed, to measure the width and magnitude of the distribution. The difficulty 
encountered is that the form of this distribution is not known a priori. For this reason, an 
empirical distribution, first suggested by Weibull (1951), is often used.”
The three-parameter W eibull distribution for failure probability, F, can be defined as:
' - f r :F  = \ —e (2-6)
Here, m denotes the Weibull modulus or width of the distribution, while the values Go and Gmi,, 
are the characteristic strength and minimum strength, respectively, of the material in question 
(in pounds per square inch, psi, or millions of Pascals, MPa). It is not unusual for 30 to 50 
specimens to be broken in a test programme, before Weibull parameters are known with 
sufficient accuracy. W eibull plots are plotted logarithmically; while concrete specimens m ight 
exhibit m = 5 {± 30% variability in strength), state-of-the-art structural ceramics may exhibit m 
values of 10-15 or even higher, indicating a narrow distribution and good certainty regarding a 
material's performance, similar to ductile metals [UBC, 2004]. M unn [1999] discusses a set o f 
strength measurements for zirconia specimens in which the Weibull modulus varied from a very 
high 92 (at room temperature) to ju st 9 at 600 °C. Clearly, specific W eibull values m ust be 
understood within the context of the strength test that produced them.'"
H igh-strength ceramics include tungsten carbide (WC) and aluminium nitride (AIN). W C has a 
high transverse rupture strength, 550 M Pa [Pierson, 1996].'» F or comparison, titanium plate 
exhibits an ultimate strength in tension of 830 MPa, while the value for sheet aluminium alloy 
(7075-T73) is ju st 390 M Pa [Larson, 1992]. The ultimate tensile strength of hexagonal boron 
nitride (h-BN) is quite low at room temperature: 40 MPa. However, at higher temperatures, h- 
BN’s strength increases rapidly; at 2,400 K, its strength exceeds 120 MPa.
Solar thermal receiver structures are likely to include a number of complex shapes, composed of 
dissimilar materials that will require permanent, reliable bonding and sealing to retain hot
Examples include three-point or four-point bending, pure bending, and tension [Green, 1998]. 
Ceramic strength data is typically extracted from four-point bend tests [Nicholas, 1998].
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propellant gases. Refractory metal bonding is expensive but well within the state-of-the-art; a 
number of small machine shops and fabricators both within the United Kingdom and in the 
European Union are capable of welding (including electron beam welding) tungsten, rhenium, or 
molybdenum elements. Ceramic-to-ceramic, or ceramic-to-metal joining, however, poses unique 
problems. Nicholas [1998] identifies five common processes which may be utilised in metal-to- 
metal, ceramic-to-ceramic, and ceramic-to-metal bonding: (l) fusion welding, (2) diffusion 
bonding, in which solid surfaces are pressed together and heated, (3) brazing, using liquid metal 
to flow into a gap between two elements and solidify, (4) glazing or sealing, which uses glass in 
processes similar to welding and brazing, and (5) adhesive bonding.
Many ceramics sublimate instead o f m elting and therefore cannot be reliably welded. The 
number of available metal brazes for high-tem perature use is quite small; above 2,000 K, the 
only non-proprietary braze filler metals are molybdenum-ruthenium and platinum-molybdenum 
[Rembar, 2001]. Adhesives fare similarly; the author was unable to uncover evidence of any 
adhesive solutions, apart from graphite-graphite bonding, that are viable above 2,000 K.
2.4 Summary
The conceptual design of solar thermal propulsion systems has evolved over the past forty years 
from high-risk, high-payoff schemes involving large deployable or inflatable concentrating 
mirrors and capable of specific impulses in excess of 1,000 s, to smaller, more incremental 
approaches which attem pt to qualify critical elements or subscale systems. The Etheridge study 
[1979] epitomises the early approach; the Integrated Solar Upper Stage effort, conducted 
during the mid-1990s, sought a direction with decreased performance, but less inherent 
technical risk, in order to make space demonstration feasible [Kennedy, 1995]. Some of the key 
lessons of ISUS, including the use of thermal storage receivers to minimise concentrator m irror 
size and permit the use of multi-impulse trajectories (reducing delta-V requirements),'» will be 
drawn on for use in the design and development of a microsatellite-based solar thermal 
propulsion system. Alternate concentrator approaches, to include optical fibre-coupled, multiple 
m irror designs and low-concentration ratio schemes (such as two-dimensional trough 
concentrators) have been investigated for their applicability. Various solar cavity receiver 
designs have been examined. A review of contemporary materials research and joining methods 
was also performed, in order to determine if improvements in technology might permit advanced 
structural ceramics to supplant expensive, difficult-to-machine refractory metal systems.
' See Appendix B.
S3
Solar Thermal Propulsion for Microsatellite Manoeuvring
Chapter 3
3 Mission Analysis
This section begins with a first-order examination of existing, planned, or potential missions 
that might benefit from the inclusion of a solar thermal propulsion system. These analyses lead 
the author to recommend a more detailed investigation into two or three missions and several 
possible solar thermal propulsion concepts.
Detailed mission analysis required the use of Analytical Graphics’ Satellite Tool Kit (STK) 
[STK, 2002] to accurately assess candidate trajectories. STK’s capabilities include orbit 
propagation using multiple central body models and including various forms of gravitational 
disturbances, which is essential for the types of missions under examination here. A strogator, 
an STK module designed for satellite manoeuvre planning, was used extensively to assess 
required velocity changes, vectoring, and propellant consumption for a number of potential 
missions. It will be seen that candidate missions tend to require between 1,000 and 3,000 m /s  of 
velocity change, and appear to be achievable with available technologies.
3.1 Preliminary Mission Analysis
This analysis contains a review of twelve missions, most slated for launch in the next decade. 
Several are nearing completion or have already flown. Solar thermal propulsion system 
performance is compared (at first order) to likely competing systems, assuming the host satellite 
is one of two Surrey small satellite platforms. Recommendations for more detailed analysis 
follow.
3.1.1 Review of Applicable Missions
Magnetospheric Multi-Scale (MMS). MM S’s launch is estimated to occur in 2008. A four-phase 
mission, MMS requires four (originally five) spacecraft in formation (Figure 3-1). The first 
three phases use highly elliptical earth orbits, each focused on understanding a different region 
of the earth's magnetosphere. The third phase achieves a "deep tail" orbit of 120 earth radii via 
lunar gravity assist (LGA), while the fourth and final phase necessitates a second LGA to place 
MMS vehicles in a polar, 10 x 40 earth radii orbit. [NASA GSFC, 1999] The total velocity 
change for this mission is 1,100 m /s, assuming launch vehicle placement in the initial (1.2 x 12 
earth radii) orbit. [NASA GSFC, 2002]
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Figure 3-1 NASA Goddard Spaceflight Center’s Magnetospheric Multi-Scale (MMS) four-phase 
mission scenario. MMS will explore various regions of the magnetosphere over a two-year period
[NASA GSFC, 2002]
Cluster II. Cluster I was lost to a launch failure in 1996. The Cluster II mission, launched in 
2000 aboard the Russia Soyuz/Fregat, utilizes four spacecraft injected into a near-GTO ellipse 
(251 km X  18 ,038  km altitude) at an inclination of 64 .9°, then transferred to a polar, 4  x 19.6 
earth radii ellipse via onboard propulsion. The constellation is intended to measure solar 
wind/magnetospheric interactions. [ESA (l), 2000] [ESA (2), 2000] The author has estimated 
a velocity change (or delta-V, AV)-" requirement for this mission (four apogee raising 
manoeuvres, one combined plane change and perigee raise) of 1,538 m /s. Cluster II used a 
conventional chemical bipropellant engine (hydrazine fuel, NoH.i., and nitrogen tetroxide 
oxidixer, NvO,.) to achieve this orbit.
Space Interferometry Mission (SIM). SIM is JPL's pathfinder for its Terrestrial Planet Finder 
mission. SIM’s launch is intended for launch in either 2 0 0 6  or 2 0 0 9 . Mission planners indicate 
a desire for direct injection into heliocentric earth trailing orbit (HETO). The spacecraft will 
slowly drift away from earth, achieving a maximum separation of 95  million km after five years.
Velocity change, o r delta-V  (AV), is a key figu re  o f m erit in the  design  and analysis o f  rocket p ropu lsion  
system s. It is d irec tly  re la ted  to  p ropellan t consum ption— for a specific choice o f  p ropellan t(s)— and is 
thus a critical factor in d e te rm in in g  spacecraft size, or, converse ly , d e te rm in in g  w h eth er a spacecraft o f  a 
given size and p rope llan t load ing  can achieve a desired  AV. D elta-V  is usually  given in m e te rs /se c o n d .
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[JPL, 2001] W ithout direct injection, and assuming a shuttle launch to 185 km (circular) LEO, 
the required delta-V for an upper stage would be greater than 3,200 m /s.^‘
SM AR T-1 ■ ESA’s novel lunar mission is an auxiliary payload on Ariane 5, launched in 
September 2003. SM ART-1 (Figure 3-2) is intended primarily for lunar mineralogy 
investigation and technology demonstration. SM AR T-1 will use a xenon-fueled Stationary 
Plasma T hruster (SPT) and a number of lunar gravity assists to get it into lunar orbit in 
approximately 15-17 months [Saccocia, 2000]. A comparable (non-spiral) earth-to-moon orbit 
insertion using impulsive manoeuvres would require on the order of 1,500 m /s to accomplish. 
This assumes a straightforward "drop-off in GTO and no swingbys or use of Earth-M oon-Sun 
stability boundaries to decrease delta-V savings.
ESA’s SM A R T-1 lunar ESA’s R O SETTA  rendezvous w ith the  com et
m ission [ESA, 2002] 67P /C huryum ov-G erasim enko in 2014 [ESA (3), 2000]
Figure 3-2 European Space Agency missions to the Moon and comets.
LunarSat. This satellite is a European conceptual study. It assumes a 100-kg. lunar polar 
orbiter, intended for south polar reconnaissance. (Indications of ice might eventually permit 
human habitation.) [LunarSat, 2002] The LunarSat mission planners investigated the use of 
weak stability boundary (WSB) transfers in order to reduce the required delta-V for this mission, 
which includes Ariane 5 insertion into G TO and a transfer time (GTO to Low Lunar Orbit, with 
high intermediate apogees of up to 1.4 x 10" km--) of up to 131 days [Biesbrock, 
200l][BelbrLino, 1993]. The delta-V requirement ranges between 1,170 and 1,325 m /s.
Rosetta. This ESA mission was originally intended to launch in January 2003; however, 
consecutive failures of the Ariane 5G launch vehicle forced ESA to postpone the launch until 
February 2004. Rosetta is now slated to encounter the comet 67P/Churyumov-Gerasim enko in
See chap ter 3 for a detailed  d iscussion o f  th is calculation . T o  provide som e g ro u n d in g , a typical 
m onopropellan t hydrazine  th ru s te r  aboard  a 100-kilogram  spacecraft w ould have to  expel app ro x im ate ly  
75 k ilogram s o f (decom posed) hydrazine to achieve th is delta-V .
T h is  is nearly  four tim es th e  E arth -M oon  separa tion  (384,400 km).
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2014 (Figure 3-2). The present analysis was performed prior to the decision to delay launch and 
thus includes only an examination of Rosetta’s initial mission profile, whose final destination was 
Comet 46P /W irtanen [ESA (3), 2000] .  This profile required Rosetta to perform a triple 
gravity assist (M ars-Earth-Earth, or MEEGA) and two asteroid flybys, one in 2006 (Otarawa) 
and the second in 2008 (Siwa). Ariane 5 and its upper stage provide a direct injection to escape 
(with sufficient excess velocity over escape to achieve a M ars rendezvous, roughly 3,400 m /s). 
Despite this, Rosetta still required 1,378 kg of propellant (54% of its wet mass). [Villefranche, 
1997] Since m ost o f the maneuvers planned prior to rendezvous with W irtanen are for orbit 
correction, one can assume that the final rendezvous requires the vast majority of the propellant, 
and (at a specific impulse, or o f between 240 and 292 seconds, approxim ating figures 
associated with N2H 4—a monopropellant— and bipropellant N2O4/  N2H4) a delta-V of 1,850- 
2,250 m /s. W ere Ariane to have deposited Rosetta into a standard GTO, the onboard 
propulsion would have to make up an additional 4,200 m /s  to achieve the first insertion window 
at Mars.
Surrey Interplanetary Platform (SIP). Surrey Satellite Technology, Ltd.’s SIP is a 590-kg 
satellite sized to provide up to 3,200 m /s of propulsive capability. This is sufficient to perform 
transfers from G TO to either Low M ars Orbit (LMO) or Low Venus Orbit (LVO), with 
bipropellant N 2O4 and monomethylhydrazine (MMH). Total payload in LM O /LV O  will not 
exceed 20 kg. [Jason, 2000]
GAIA. ESA plans to launch this mission to the Earth-Sun L2 point, 1.5 x 10" km from 
the Earth, via Ariane 5 direct injection in 2009. GAIA will chart the "billion brightest objects in 
the sky," given its shielded orbital location. Since orbital velocity at L2 is only 45  m /s , GAIA 
only has to null this velocity to remain there (or nearly so, to orbit L2). [ESA (2), 2001] There 
are stability considerations regarding prolonged stays at L2 that are beyond the scope of this 
discussion, and are certainly not pertinent to this first-order analysis. Reaching L2 from G TO  
would require 745 m /s.
H erschel/Planck. A far IR and sub millimetre telescope package, 3.5 metres in diameter, paired 
with Planck, a 1.5-metre telescope intended to improve understanding of cosmic background 
radiation anisotropies. [ESA (4), 2000] Herschel and Planck will be launched in 2007 aboard 
Ariane 5 to the Earth-Sun L2 point. They will then separate and perform their separate 
missions. [Pilbratt, 2000] This is roughly the same mission profile as GAIA, above.
G EM IN I. This Surrey mission concept includes a direct injection to GEO off o f a Russian 
Proton booster (Figure 3-3). Based on a Surrey minisatellite concept, G E M lN l’s payload mass
Specific impulse, or L, is another key figure of merit for a propulsion system. It is usually given in 
seconds, although a more accurate statement would be in Newton-seconds/kilogram (N-s/kg). The solar 
thermal propulsion systems under investigation are intended to provide up to 400 seconds of Z^. Higher Z, 
values allow for less propellant consumption, as will be seen later.
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is just 110 kg. [SSTL, 2001] W ere GEM INI examined as a low-inclination G TO insertion, the 
GTO-GEO delta-V would amount to roughly 1,500 m /s. This scenario requires significant 
perigee boosting— and lower thrust— since near-impulsive manoeuvres can be performed over 
longer times at apogee. A LEO-GEO transfer (expanding the choice of potential launch 
opportunities to include LEO-targeted boosters) would require an additional delta-V (LEO- 
GTO) of 2,500 m /s.
I
SSTL’s proposed geosynchronous 
m inisatellite, GEMINI. [SSTL, 2001]
Japan’s MUSES-C rendezvous with 1998 
SF36. [ISAS, 2002]
Figure 3-3 GeMINI and MUSES-C missions.
Near Earth Object (NEO) Flyby. There are several ongoing projects that propose to fly by or 
rendezvous with a Near Earth Object. These include (l)  Japan’s MUSES-C (Figure 3-3), which 
will return a sample of the asteroid 1998 SF36 to earth by 2007 [ISAS, 2002]; (2) Rosetta, 
discussed previously; (3) CONTOUR, a Johns Hopkins satellite intended to perform a flyby of 
two or perhaps three separate comet nuclei between 2003 and 2008 [APL, 2002]; and (4) 
SIMONE, a British proposal for a rendezvous with 4660 Nereus [W ells, 2001]. The British 
National Space Council (BNSC) and Particle Physics and Astronomy Research Council (PPARC) 
may be able to make funds available to perform a modest science mission to a candidate object. 
There are a number of opportunities to conduct a NEO flyby in the next few years. Some of 
them include the following close earth approaches:
1. 4179 Toutatis, a likely contact binary NEO (2.5 and 4 km diameter, respectively), which 
approaches within 1.5 x 10“ km of Earth on 29 September 2004 (and which represents one 
of the closest known NEO approach for the next 60 years) [JPL, 2002];
2. 1862 Apollo (2-4 km diameter), which approaches within 1.1 x 10" km in November 
2005;
3. 2000 AG6 (3.4 X  10“ km closest approach, July 2005);
4. 1999 R036, a small (170-370 m diameter rock), with a close approach of 5 x 10“ km in 
September 2005; and
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5. 2000 P N 9 (2-4 km diameter), 3 x 10" km closest approach, March 2006. [Harvard- 
Smithsonian Center for Astrophysics (CfA), 2001]
Toutatis (Figure 3-4) is an interesting choice and has been imaged in the past [JPL, 2002]. The 
approach of interest occurs soon after publication of this thesis. It is unlikely that a large-scale 
mission could have been built and launched in the allotted timeframe. At closest approach, 
Toutatis is racing through perihelion; the relative velocity of a probe with respect to Toutatis 
will be roughly 10,000 m/s.'' ' There is thus little hope of achieving anything but a high-speed 
flyby. Options (2), (4), and (5) all are better options in terms of closing velocities, particularly 
(4), 1999 RQ36. This object, while small, has a nearly circular orbit (.898 x 1.36 astronomical 
units, or AU), making it a candidate for a potential rendezvous.
A flyby mission to Toutatis, assuming an injection by a booster to GTO, could theoretically cost 
as little as 770 m /s, provided the spacecraft is optimally phased in its initial orbit."" As this is 
just short of escape velocity, it m ight prove valuable to examine follow-on interplanetary 
targets.
Figure 3-4 High-resolution radar im age o f  4179 Toutatis, taken by NASA’s G oldstone 
radar in 1992 from a range o f  4 m illion kilometres. [Ostro, 1995]
The missions examined above can be roughly grouped into three "classes":
I .  Near-Escape Missions, to include L2 orbiters (GAIA, Herschel/Planck), HETO (SIM), and 
"High HEO" (Cluster II, MMS, and NEO Flybys), with ideal-'" GTO-to-final orbit velocity
Earth’s velocity about the sun is approximately 30,000 m/s. At its perihelion, Toutatis will be moving 
at roughly 40,000 m/s with respect to the sun. Chapter 3 will discuss this and other calculations.
Achieving this optimal phasing is, of course, the problem. The host satellites of interest (small 
platforms of 100 kg or less) are usually “piggyback” or secondary payloads with little say in the final 
mission orbit—this will be dictated by the needs of the primary payload. This in turn implies that an 
optimal orbit will be extremely hard to come by.
The ideal analysis assumes “impulsive” (instantaneous) maneuvers, coplanar transfer orbits, and no 
third-body (e.g., sun, moon) or other perturbations. A detailed mission analysis—which is discussed in the
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increments of 700-1,200 m/s. These typically require short-duration perigee kicks to achieve 
final orbit.
2. Geosynchronous Earth Orbit CGEOl missions, such as GeMINl, with delta-V requirements 
(GTO-GEO) on the order of 1,500 m/s. This permits lower-thrust, apogee kicks to achieve final 
orbit.
3. Other Bodv Capture Missions, to include lunar orbiters (SMART-1, LUNARSAT), with ideal 
GTO-to-final orbit delta-Vs of 1,100 to 1,500 m/s, and interplanetary missions (Rosetta, Surrey 
Interplanetary Platform). The interplanetary missions examined here tend to be more energetic 
than their lunar counterparts, with delta-V requirements ranging up to 4,000 m/s. These will 
require a low-thrust system to provide a combination of perigee and apogee kicks.
Selecting one mission from each class, and subjecting it to further scrutiny, should 
provide substantial insight into the key trades and applicability of solar thermal 
propulsion.
3.1.2 First-Order Performance Comparison for a Solar Thermal Engine
The author has examined the use of two reference Surrey satellite platforms [Jason, 2000] in 
order to determine their relative utility for some of the missions outlined above. This first-order 
analysis concentrates on volumetric and mass availability onboard for a particular propellant and 
propulsion system combination. The two satellite platforms have the following features:
1. Surrey Microsatellite: 100 kg initial mass, 60 x 60 x 80 cm dimensions, with 49 litres (.049 
m») of propellant tankage permitted. The spacecraft is mass-limited to no more than 50 kg of 
propellant (Figure 3-5).
2. Surrey Minisatellite: 400 kg initial mass, 110 x 110 x 88.5 cm dimensions, with 180 litres 
(.18 m'*) of propellant tankage. No more than 200 kg of propellant is permitted aboard.
A third option, the Surrey Interplanetary Platform (SIP), is substantially larger— 590 kg— and 
was not investigated here [Jason, 2000]. Its higher launch mass is a fair indicator that it is 
likely to be more expensive to build, test, integrate, and launch than either o f the two options 
above. If  neither smaller satellite provides an effective platform for solar therm al propulsion, it 
m ight be useful to pursue a SIP-based option. A fourth, smaller option is investigated as an 
experimental platform; details are provided in Appendix B.
The propellant and propulsion systems examined include the following (all STP 
monopropellants are liquids at room temperature, selected for low molecular weight):
1. An ammonia-based (NH.i) STP system, ideal specific impulse (4 )= 407 seconds (s);
next chapter—will address these items in an effort to acquire more accurate delta-V requirements for the 
maneuvers under consideration.
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2. an STP-augmented hydrazine (NvH,.) system, with roughly the same ideal 4;-"
3. a water-based (H^O) STP system, ideal 4  = 333 s.;
4. a bipropellant N^O,/MMH (monomethylhydrazine)-*^ system, with an 4  = 319 s.; and
5. a bipropellant H oO v /kerosene system, 4  = 298 s.
The author has neglected nozzle expansion and downstream thermochemistry considerations in 
the calculation of ammonia and augmented hydrazine specific impulses. These factors will tend 
to lower a given system’s 4- It has been shown [Hastings, 1990J that an electrothermally 
augmented hydrazine thruster operating at a chamber temperature of 2,000 K and an area ratio 
of 50 can achieve 334 s. o f 4-
SST L  ^ o S a V-12
Turkey’s BilSAT, an SSTL microsatellite Prof. Sir Martin Sweeting describing SSTL’s 
launched in 2 0 0 3  [SSTL (2), 2001] UoSAT-12 minisatellite to Queen Elizabeth II
[SSTL (3), 2001]
Figure 3-5  Two Surrey microsatellites, BilSAT and UoSAT-12.
This first-order analysis does not include alternate low-molecular weight STP propellants 
(hydrogen, Hu, and methane, CH|,). These were dropped from consideration due to storage 
difficulties and volumetric problems. Both hydrogen and methane are low-density cryogens (Ho: 
71 kg/m^, boiling point: 20 K [Humble, 1995]; CH|: < 400 kg/m'*, boiling point: 111.4 K
[Lide, 1995]). O ther candidate propellants (e.g., nitromethane (CH.iNG^), unsymmetrical 
dimethylhydrazine,^^ and hydrogen peroxide, HoOo)— with higher molecular weights— were not 
considered, due to the long-term storage and handling difficulties they pose.
-■ H y drazine’s ideal perform ance will fall som ew hat sh o r t o f  am m onia’s, due to  th e  add itional n itro g e n  
co n ten t o f  th e  decom posed p roducts— 4  is inverse ly  p ro p o rtio n a l to p ropellan t m olecu lar w eigh t, and 
e x tra  No (28 g ra m s/m o le )  will raise th e  average m olecu lar w eigh t o f  the  p roduct species from  8.5 to  10.7 
g ra m s/m o le  (g/mol). T h e  a u th o r is assum ing  com plete  decom position  o f  hydrazine  a n d /o r  am m onia 
(in to  No and Ho) w hen m ak ing  these calculations.
MMH is a lower-density alternative to hydrazine. Its chemical formula is CH,;NH-NH.j [Humble, 
1995].
UDMH, chemical formula (CHi)oN-NHo, another alternative to pure hydrazine [Humble, 19,95].
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T he author will defer a discussion of possible electric propulsion alternatives due to the very low 
electrical power available on these platforms; with only 100 W  or less, transfer times (between 
initial and final orbits) become prohibitively large. A direct comparison is examined in detail in 
Appendix B. The standard formula for th rust power, P, is:
y \P = V 2 T c  (3-1)
Here, T  is engine th rust in newtons, r\ is an electrothermal arcjet’s electric-to-thermal energy 
conversion efficiency, and c is exhaust velocity (m/s). [Martinez-Sanchez, 1990] For a 
representative ammonia arcjet (c = 4,890 m /s), and presuming 75% conversion efficiency of the 
host satellite's entire power production capability of 100 W, T  = 30 milliNewtons (mN). For 
comparison, the solar thermal propulsion system under examination would provide roughly 
500-3,000 mN of thrust.^c
Given the mass and volume constraints imposed by the two platforms above, a maximum delta- 
V can be calculated.^' This analysis does not account for mass differences in the systems 
themselves (e.g., STP mirrors, bipropellant dual tank configuration). Results follow:
1. STP-NH;j: This system delivers 1,389 m/s aboard a microsatellite, and 1,255 m/s aboard a 
minisatellite. Ammonia's low density (600 kg/m") tends to compromise this system's 
performance.
2. STP-NaHt: This system can deliver 2,702 m/s aboard a microsat, and 2,399 m/s on a 
minisatellite. Hydrazine's storage density (1,004.5 kg/m") is 1.7 times that of ammonia. This 
system takes advantage of the hydrazine decomposition reaction used in space-qualified 
monopropellant thrusters for years and adds additional heat (concentrated sunlight). This is 
required to "boost through" ammonia decomposition in the thrust chamber, which is highly 
endothermie. Electrically augmented systems have suffered due to high power requirements 
(and low power conversion efficiencies) [Martinez-Sanchez, 1990].
3. STP-HaO: Delivers 2,197 m/s on a micro, 1,950 m/s on a mini. A water-based system is 
arguably the most environmentally sound approach, as water is universally available and not 
normally subject to usage restrictions. Water often suffers in more detailed comparisons, 
typically due to thrust chamber corrosion, freezing, and two-phase flow issues. [Lawrence, 1998]
4. NvO/MMH: This bipropellant scheme delivers 2,167 m/s with a microsatellite, and 2,166 
m/s on a minisatellite. There is significant space heritage in this system [Humble, 1995]. 
NuO/MMH represents the most probable competitor to STP in this satellite weight class.
5. HoOu/kerosene: Delivers 2,024 m/s on either a mini- or microsatellite. Both this and the 
N0O 1./MMH combination are mass-limited.
' This factor of 16-100 in thrust is directly related to time-to-orbit. See Appendix B. 
Again, see chapter 3 for details.
4 2
Solar Thermal Propulsion fo r  Microsatellite Manoeuvring
Both STP-N2H4 and STP-H2O theoretically outperform their bipropellant counterparts. These 
two systems will therefore be investigated in greater detail in the following chapters. Both 
appear to provide sufficient delta-V to permit most o f the missions outlined above to be 
performed on both mini- and microsatellites. In particular, STP-N2H4 offers an opportunity to 
integrate upper stage propulsion and onboard stationkeeping and attitude control, using the 
augmented system for orbit transfer and the unaugmented system for normal maintenance.
3.2 Detailed M ission Analysis
Using STK Astrogator, the author will provide greater detail for each of the three mission 
classes noted above. This will provide a starting point for system requirements definition.
3.2.1 Geosynchronous Orbit Insertion
Technically the simplest o f the three mission classes, two GEO orbital insertions were 
examined: (l) Launch aboard an Ariane 5’s ASAP (Ariane 5 Structure for Auxiliary Payloads) to 
a 350 X 35,717 km elliptical geosynchronous transfer orbit. Ariane delivers the host satellite to 
this orbit with an inclination o f -7°."^  ^ (2) Launch aboard Atlas HAS to a 350 x 35,717 km GTO, 
with an inclination of 17°. Since this launch occurs at Cape Canaveral, Florida (latitude = 28.5 
°N), some inclination change is performed by the booster prior to separation.
This orbit (Figure 3-6) is similar to that of CRRES (Combined Release and Radiation Effects 
Satellite), launched into GTO via Atlas Centaur, in 1990. W hile the CRRES orbit is fairly 
stable, the following quote makes clear that perturbations (including Earth oblateness, solar, and 
lunar effects) nevertheless have a significant impact on its orbital elements:
“Perturbations to the CRRES orbit have played an important role in the design and planning 
of the CRRES mission. Specifically, perturbations due to the Earth's oblateness (J2 
perturbations) cause cumulative secular variations (i.e., increasing with time) in the argument 
of perigee and the right ascension of the ascending node. These variations, coupled with the 
apparent l°/day motion of the Sun, result in a new rotation of orbit perigee and apogee 
toward earlier local time, as the mission proceeds. Apsidal rotation also produces a periodic 
variation (36° peak to peak) in the latitude of perigee with a period of -525 days. These two 
motions, given the initial local time of apogee, determined when and where, in local time and 
latitude, significant mission events such as the CRRES chemical releases occurred.
Third body influences of the Sun and Moon, along with atmospheric drag, cause periodic and 
secular variations in the semi major axis, eccentricity, and inclination. Third body effects and. 
atmospheric drag are highly coupled and can have a dramatic effect on the stability of high 
eccentricity orbits, especially those slightly more eccentric or inclined than CRRES. 
Thousands of orbits in the neighbourhood of the CRRES orbit were investigated in a study of 
high-eccentricity orbit stability and evolution. No eccentric re-entries were found to be 
possible for the range of CRRES orbits of interest.” [Johnson, 1992]
Kourou, French Guiana, Ariane’s launch site, is at 5.5 °N latitude. [Larson, 1992]
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These effects, while relatively small for GEO transfers, become substantially more pronounced 
for the near-escape and lunar capture missions to be discussed presently.
GTO-to-GEO Transfer [STK Astrogator] Firing at nodal crossings reduces
inclination prior to GEO insertion [STK  
Astrogator]
Figure 3-6 Geosynchronous Orbit Insertion.
Both GEO insertions were intended to place a 100-kg microsatellite in a GEO orbit of near-zero 
inclination and pre-specified longitude (116 °E). The first case modelled in STK A strogator—  
from the lower-inclination Ariane G TO — required 58 individual manoeuvres to transfer the 
microsatellite to a geostationary position over the Far East. Details are provided in Table 3-1.
The microsatellite model assumes a Va-Newton solar thermal thruster with an average specific 
impulse of 400 s. This approximates the calculated performance of ammonia or augmented 
hydrazine propellant."" Burn times at apogee and at orbital nodes are limited to 5000 s (83 min., 
20 s.) to minimize delta-V penalties associated with non-impulsive manoeuvring. Note that the 
delta-V figure obtained here is slightly higher than the ideal analysis in the previous section 
(-1,500 m /s). This results primarily from the T  inclination change, which was not originally 
accounted for. However, there is a finite burn penalty associated with each apogee kick, 
including the inclination change burns at the nodes.
The second scenario— an Atlas HAS launch to a 17° inclination G TO— is less favourable. This 
transfer is substantially more expensive than the first, due to the initial orbit’s higher 
inclination. A number of additional plane change maneuvers were required to reduce this 
inclination over the course of the transfer. This added approximately 13 days to the overall
"" As discussed in Chapter 1, a solar thermal augmented hydrazine thruster is assumed to have a 
performance similar (if slightly lower) than an ammonia thruster. The specific impulse figure of - 4(X) s. 
assumes complete dissociation of hydrazine, as well as its primary decomposition product, ammonia, into 
N.j and Ho. Ammonia decomposes via the following (endothermie) reaction: 2NH.) * No + 3 Ho.
[.Marti nez-Sanchez, 1990]
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scenario, and demands roughly 20 hours of additional operating time on the solar thermal 
engine.
Start Date
End D ate 
Elapsed Time 
Number o f Maneuvers
Total Velocity Change 
Propellant Consumption 
Final Mass 
Engine “On-Time”
Start Date
End Date 
Elapsed Tim e 
Number o f Maneuvers
Total Velocity Change 
Propellant Consumption 
Final Mass 
Engine “On-Time”
1 A pril 2005, 00:00:00.00 (Julian D ate  2453461.5
6 M ay 2005, 09:11:16.96 (JD 2453496.88)
35 days, 9 hrs., 11 min.
58 (51 apogee kicks, 7 p lane changes a t node crossings).
Two-orbit “hold” o f  42 hrs., 20 min. introduced after apogee
kick 48 to  attain proper orbital phasing at GEO
1,761 m /s
36.184 kg
63.816 kg
80 hrs., 33 min.
Table 3-1 Ariane ASAP, GTO to GEO.
1 April 2005, 00:00:00.00 (Julian D ate 2453461.5
19 May 2005, 00:11:44.39 (JD 2453509.47)
48 days, 0 hrs., 12 min.
73 (49 apogee kicks, 24 plane changes at node crossings).
Six-day “hold” introduced after apogee kick 48 to  attain
proper orbital phasing at GEO
2430 m /s
46.206 kg
53.794 kg
101 hrs., 23 min.
Table 3-2 Atlas HAS, GTO to GEO
These two scenarios bound the likely performance requirements for a geosynchronous transfer. 
Details for this second mission are shown above (Table 3-2).
For comparison, a bipropellant NvH i/N^O,. system (4  = 319 s.) would consume 53 kg of fuel— 7 
kg more than the STP engine described above. On a microsatellite, this amount of weight 
represents substantial design margin— additional payloads, for example. A monopropellant 
N2H 1. system (4  = 230 s.) would use 66 kg of fuel to complete this maneuver plan— leaving only 
34 kg for payload. This shows that an STP-augmented hydrazine thruster could mass as much 
as 20 kg more than the monopropellant system by itself, and still break even with the simpler 
system’s unaided performance.
These analyses provide insight into a process for setting system mass targets; clearly, if the 
augmented STP system cannot achieve better performance than a simple hydrazine 
decomposition system due to its additional weight (or volume), it does not represent good value. 
Likewise, if an STP engine (augmented or unaugmented) fails to outperform a bipropellant 
N0H 1./N 2O 1. system based on additional system mass requirements, it is unlikely to be pursued or 
adopted for use. The second of these potential criteria is the more stressing, due to the 
bipropellant’s higher performance capability. Since the Atlas HAS G TO-to-GEO mission has 
the highest delta-V requirement of any of the missions examined, a satisfactory STP system
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would have to be built for no more than ~7 kg more than the corresponding bipropellant 
scheme, to be considered effective. For delta-Vs of -1 500  m /s, this “margin” falls to 6.3 kg.
3.2.2 Near-Escape Missions
Near-escape missions are characterized by relatively short perigee kicks, which are used to 
increase the semi-major axis of the orbit and, if necessary, escape the earth’s gravitational sphere 
of influence (SOI). The missions of interest can be classified as “near-escape” as they impart very 
little hyperbolic excess velocity to the host spacecraft. This results in a final heliocentric orbit 
that is nearly identical to that of the earth itself and which, depending on the escape bearing, 
can result in earth return (or gravity assist) trajectories.
The use of near-escape trajectories is particularly useful for the study of Near Earth Object 
(NEO) missions— NEOs often pass close to earth and afford the mission planner the possibility 
of low (propellant) cost missions if timed correctly. The author has investigated a number of 
likely NEO candidates, to include several Potentially Hazardous Asteroids (PHAs),"' which 
engage in close approaches to the earth and which, due to their size, m ight pose the threat of 
widespread catastrophe were it to impact [JPL  (2), 2002]. Table 3-3 summarizes their 
characteristics.
4179 Toutatis .918 X  4.102, 0.47 6.5 km“ Yes .01, 29 Sep 04
1992 UY4 1.011 X  4.304, 2.83 1-2 km Yes .04, 8 Aug 05
1999 RQ36 .898 X  1.36, 6.02 170-370 m Yes .033, 20 Sep 05
2000 AG6 .822 X  1.208, 2.47 20-50 m No .022, 22 Jul 05
2000 PH5 .769 X  1.227, 2.07 85-190 m No .036, 26 Jul 05
2000 UK 11 .665 X  1.104, 0.78 25-60 m No .03, 3 Nov 05
1862 Apollo .647 X  2.295, 6.36 2-4 km Yes .075, 6 Nov 05
2000 PN9 .757 X  2.933, 51.3 2-4 km Yes .02, 6 Mar 06
2001 F0127 .743 X  1.028, 7.27 8-24 m No .029, 22 Mar 06
2001 UP .634 X  1.138, 7.90 20-50 m No .035, 22 Oct 06
Table 3-3 Potential Candidates for NEO Flyby M issions, 2004-2006. [CfA, 2001]
Two missions were examined: (l) an escape and encounter with 4179 Toutatis near its close 
approach to the earth in late 2004, and (2) an escape and subsequent encounter with the recently 
discovered NEO 2000 UKl 1, in late 2005. The Toutatis mission is of interest primarily because 
its target achieves one of the closest earth approaches of any known asteroid or comet for the
G enerally , a N E O  is classified as a PH A  if  its abso lu te  visual m ag n itu d e  is g re a te r  th an  22.0 
(co rresp o n d in g  to  a d iam eter o f  rough ly  110-240 m eters) and resides in an o rb it characterized  by an E arth  
M inim um  O rb it In tersec tion  D istance (M O ID ) o f  0.05 AU  ( -7 .5  m illion km). [ IP L  (3), 2 0 0 2 ]
Based on several rad ar observations, 4179 T o u ta tis  m ig h t be a “co n tac t b in ary ” form ed by tw o 
irreg u la rly -sh ap ed  m asses, to ta llin g  4.6 km in len g th  [.IPL  ( I ), 20 0 2 ]
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next thirty  years [JPL  (l), 2002]. On 29 September 2004, it will approach within a scant 1.5 
million kilometres of the earth, less than four times the distance between earth and Moon.
A 2005 mission to 2000 UK 11 provides another opportunity to visit a low-inclination asteroid. 
Due to its much smaller apparent size, it represents a more difficult target; however, it will be 
moving at slower velocities than Toutatis near Earth. Toutatis, on earth approach, is near its 
perihelion and is moving at approximately 40,000 m /s. 2000 UKl 1 is closer to its aphelion at 
earth approach, and is travelling at somewhat slower speeds (24,600 m /s). The smaller 
difference in relative velocities might allow for a longer “encounter” time at flyby.
■/
Flyby o f  4179 Toutatis [STK 4179 Toutatis Flyby phasing orbit and
A strogator] escape [STK Astrogator]
Figure 3 -7  Toutatis Flyby Missions.
Details of the Toutatis mission are shown in Table 3-4. The spacecraft intercepts the asteroid 
approximately two weeks after earth close approach (Figure 3-7). The delta-V is nearly 2.5 
times the coplanar transfer assumption of 750 m /s, primarily due to escape firing losses.
The microsatellite model for Near-Escape missions to both Toutatis and 2000 UKl 1 (Table 3-5) 
assume a higher thrust than that used for GTO-to-GEO transfer— roughly six times higher 
(2980 mN). This is required in order to accomplish a significant velocity change in the smaller 
near-impulsive “window” at perigee. [Robbins, 1966] Thus, burn times are shorter, on the 
order of 920 seconds (-1 5  minutes). Average specific impulse remains the same, at 400 s. Both 
NEO mission profiles reveal much shorter total firing durations (12-13 hrs. vs. 80-100 hrs.) than 
their GEO counterparts. These missions are likely to be less stressing on the solar thermal 
engine, due to the reduced number of cycles and total thrusting time.
T h is  delta-V  penalty  can n o t easily be axoided. Severe lu n ar g rav ita tio n a l effects im pact spacecraft 
lo ite rin g  in h ig h er-eccen tric ity  o rb its . O ne op tion  for m in im iz ing  th is penalty  w ould be to  increase burn  
tim es d u rin g  the  escape sequence, o r  raise th e  en g in e’s th ru s t. F o r a so la r the rm al eng ine  u tiliz ing  
sensib le heat therm al sto rage , lo n g er burn  tim es will tra n s la te  to low er effective 4 , due to  opera tion  a t a 
reduced average  tem pera tu re , bu t th is  is likely to  be m ore  than  offset by a reduction  in to tal delta-V . 
M ore  w ork  is needed to  optim ize escape tra jec to ries .
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Start Date
End Date 
Elapsed Time 
Number of Manoeuvres
Total Velocity Change 
Propellant Consumption 
Final Mass 
Engine “On-Time” 
Encounter Relative Velocity 
Closest Approach
1 June 2004, 00:00:00.00 (Julian Date 2453157.5
13 October 2004, 16:05:00.00 (JD 2453292.17)
134 days, 16 hrs., 5 min.
55 (25 apogee/perigee kicks, 25 escape burns, 3 adjustment 
manoeuvres 60 days prior to encounter, 2 30 days prior)
1,770 m /s 
36.339 kg 
63.661 kg 
13 hrs., 12 min.
8.539 km/sec 
3,995 km"''
Table 3-4 Mission to 4179 Toutatis.
Flyby missions to Near Earth Objects are highly dependent on the orbital elements of the initial 
geosynchronous transfer orbit. W hile inclination, eccentricity, and semi-major axis will be 
roughly similar for any GTO, the orbit’s right ascension of the ascending node (Q) and 
argument of perigee (to) will determine whether or not the target lies in the narrow escape 
hyperboloid formed by the envelope of departure asymptotes -th is  window is narrow by 
necessity, since we are discussing “near escape” trajectories with very little excess velocity over 
that required to achieve escape. This limitation will make many GTOs unfavourable for specific 
NEO targets.
Start Date
End Date 
Elapsed Time 
Number of Manoeuvres
Total Velocity Change 
Propellant Consumption 
Final Mass 
Engine “On-Time” 
Relative Velocity at 
Encounter 
Closest Approach
1 February 2005, 00:00:00.00 (Julian Date 2453402.
2 November 2005, 11:44:00.00 (JD 2453676.99)
274 days, 11 hrs., 46 min.
52 (25 apogee and perigee kicks, 23 escape burns, 4 adjustment 
manoeuvres 10 days prior to encounter)
1,696 m /s 
35.127 kg 
64.873 kg 
12 hrs., 34 min.
7.08 km/sec
3,659 km
Table 3-5 Mission to 2000 UKl 1.
Since this limitation may very well be the overriding consideration in the choice of a specific 
target, the author has explored a method for attaining any desired "escape bearing,” given an 
initial GTO. This involves a series of (primarily) perigee kicks to raise the spacecraft’s orbit to a 
phasing orbit at approximately 830 x 206,000 km. At this apogee altitude, lunar perturbations 
are still sufficiently small that a hold in this orbit will not result in an eccentric re-entry. Table
W hile th is figure is h ig h er th an  m ission req u irem en ts  a re  likely to perm it (e.g., sm all sa te llite -capab le  
optical cam eras such as S M A R T -I’s A ste ro id -M oon  M ic ro -Im ag e r E x p erim en t will have reso lu tion  and 
field-of-vievv requ irem en ts  th a t dem and an approach on th e  o rd e r o f  100 km to achieve 10 m per pixel 
reso lu tion), it is rep resen ta tiv e  o f  the  delta-V  needed to achieve an approach o f  th is kind. [E S A  (5), 2 0 0 0 ] 
Sm all corrections will allow  for closer approaches— assum ing  the  sa te llite ’s position  d e te rm in a tio n  system  
is sufficiently  accurate.
4 8
Solar Thermal Propulsion for Microsatellite Manoeuvring
3 -6  illustrates an STK Astrogator simulation"® of a 100-day hold in this orbit and the resulting 
change in orbital elements. There is a noticeable upward drift in inclination, in addition to 
slight decreases in both orbital eccentricity and semi-major axis. As a consequence, perigee 
altitude rises from 830 to slightly more than 2,100 km. This is in line with expectations. 
[Johnson, 1992]
Apr 2005 18:30:00.00 
(JD 2453469.3)
Semi-major axis (a), km 
Eccentricity (e)
Inclination (i), degrees
Right Ascension of the Ascending Node (RAAN 
or n), degrees
Argument of Perigee (w), degrees 
Mean Anomaly (M), degrees ____
106,550
.932338
6.828
355.301
190.519
169.242
18 Ju l2005 
15:30:00.00 
(JD 2453570.1
106,247
.919370
8.650
358.305
190.569
255.274
Table 3-6 Effect of a 100-day hold on a highly elliptic (830 x 206,000 km) phasing orbit’s elements.
Once this orbit is achieved, the orbit’s inclination can be changed by up to 90 degrees for 
relatively low propellant cost (Figure 3-8). The maximum plane change cost is defined by:
AV P.C. = 2 Va sin (8/2) (3-3)
The velocity increment AVp.c. required to perform an instantaneous plane change of angle 0 is 
related to the orbital velocity at apogee V,, by the above trigonometric identity. [Bate, 1971] 
For the maximum plane change in the orbit of interest, orbital velocity at apogee is roughly 350 
m /s, so the ideal (impulsive) AVp.c. is 495 m /s. STK indicates that the actual cost of this plane 
change is 40% higher than the impulsive approximation suggests (Table 3-7).
Once the necessary plane change is performed, a series of apogee kicks are performed to 
circularise the orbit at roughly 206,000 km. Like the highly elliptical phasing orbit, this orbit is 
relatively stable for short duration.
A 10-day hold in this high circular orbit caused small eccentricity and inclination shifts. The 
orbit’s semi-major axis climbed from 213,000 to 221,000 km during this hold. Its period is 12 Vi 
days— which sets an upper bound for waiting time in this orbit, since a hold of one full period 
will permit access to all possible escape bearings. At this altitude, escape requires a velocity 
increment of only 567 m /s (Figure 3-8). The total velocity change associated with this set of 
manoeuvres is illustrated below. The STK simulation will always be more expensive, as it is 
capable of accounting for penalties associated with third-body, zonal effects, and finite-duration 
burns (which the ideal calculations disregard).
T h e  force m odel used for these calcu lations includes lunar, so lar, and all p lanetary  p e rtu rb a tio n s  (excep t 
P lu to), as well as zonal coefficients dow n to  .14. [S T K , 2 0 0 2 ] A discussion o f  zonal coefficients can be 
found in A ppendix A as well as [B a ttin , 1987].
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The total velocity change required to achieve any desirable escape bearing, from an initial 
(unfavourable) GTO, will fall between 2,300 (no plane change required) and 3,000 m /s  (90° 
plane change). The STK simulation, which requires 267 days to achieve escape in this fashion, is 
a 78-burn transfer placing the host spacecraft in a hyperbolic orbit with an eccentricity of 1.05. 
This equates to a hyperbolic excess specific energy of ju st .045 km-/s^ or a v» (hyperbolic excess 
velocity) of 299 m /s. For comparison, MUSES-C, Japan’s NEO rendezvous mission slated for 
launch in 2002, receives an energetic boost from its upper stage, which provides 18 km-/s^ over 
escape (v«, = 6 km /sec)— significantly greater than the near-escape trajectory analysed here. 
[Kawaguchi, 1998]
Multiple inclination change burns at high 
apogee [STK Astrogator]
Circularisation at 206,000 km and escape 
[STK Astrogator]
Figure 3-8 High Altitude Phasing Orbit (HAPO).
Astrogator 637 m /s  696’®
Ideal (Impulsive) 609 m /s  <495
1,083
1,032
3,023 
< 2,703
Table 3-7 Ideal and simulated velocity change requirements for a GTO-to-Escape mission, given
an initially unfavourable GTO.
An alternative to the above approach '" would be to make use of a lunar gravity assist (EGA) to 
achieve a specific escape trajectory. The value of this “high altitude phasing orbit” is that—  
while it is somewhat expensive— it should be applicable to any GTO in which a small satellite 
finds itself deposited. EGAs introduce several additional complications: lunar phasing (which 
reduces transfer opportunities), midcourse corrections to ensure the correct arrival asymptote in 
the lunar gravitational sphere of influence, and the need for orbital planning inside this region, 
prior to escape.
T h is  STK  sim ulation  includes a plane change o f  8.9.7 degrees. 
W hich  is no tab le  in th a t it is, in essence, a lun ar avo idance  m ission.
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3 .2 .3  Lunar Capture
The instability of increasingly more eccentric transfer orbits becomes rapidly apparent when 
attem pting to model earth escape or lunar capture missions. As the apogee of a spacecraft’s orbit 
approaches lunar altitude, perturbations become severe— long before the spacecraft ever enters 
the moon’s SOI. These perturbations are sufficient to cause large swings in the orbit’s semi- 
major axis, inclination, and eccentricity; this often results in re-entry at earth. The SM A R T-1 
spacecraft uses lunar perturbations to its advantage (Figure 3-9).
a
Figure 3-9  The SMART-1 lunar orbiter trajectory requires multiple lunar swingbys [ESA, 2 0 0 4 ] .
The solar thermal engine is a low-thrust, near-impulsive manoeuvring system capable of 
approximating “impulsive” performance via a series of perigee or apogee kicks. At near-lunar 
distances, a highly eccentric earth orbit has an apogee velocity of only 185 m /s. Since the moon 
is moving at slightly over 1,000 m /s in its orbit, the spacecraft, upon lunar approach, is moving 
at roughly 1,000 m /s relative to the moon— and accelerating rapidly as it moves closer. At low 
(earth-relative), high (moon-relative) approach velocities, a low-thrust engine is unable to impart 
a sufficient velocity change to close the orbit. Each 15-minute firing can produce only 25-55 
m /s of delta-V. The result is a hyperbolic flyby.
It is possible to increase the approach orbit’s energy— and thus its velocity at apogee— by 
increasing its perigee prior to lunar encounter. Table 3-8 illustrates the specifics of a successful
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lunar capture mission, simulated by STK Astrogator. A “full” Earth force model is used prior to 
close approach, at which point a selenocentric model is selected for orbital propagation. Final 
adjustment manoeuvres are also performed with the lunar model.*■'
Start Date
End Date 
Elapsed Tim e 
Number o f  
Manoeuvres
Total Velocity  
Change 
Propellant 
Consumption 
Final Mass 
Engine “On-Time” 
Final Orbit
1 March 2005, 00:00:00.00 (Julian D ate 2453430.5
22 August 2005, 22:36:00.00 (JD 2453608.44)
177 days, 22 hrs., 36 min.
62 (21 perigee kicks, 28 apogee kicks, 4 trans-lunar injection  
burns, 7 lunar orbit insertion burns, and 2 final apolune-lowering  
burns)
2,103 m /s
41.5126 kg
58.4874 kg  
13 hrs., 12 min.
2,212 X 13,222 km, near-polar
Table 3-8 Lunar Capture Mission
Prior to trans-lunar injection (TLI), the spacecraft is raised from its initial G TO to a 136,500 x
206,000 km elliptical orbit (Figure 3-10). The perigee of this orbit is sufficiently high to achieve 
substantially higher apogee velocity once the orbit is raised to lunar altitude.
Successive perigee and apogee firings 
boost a lunar orbiter to a 136,500 x
206,000 km phasing orbit [STK  
Astrogator]
A lunar orbiter passes under the moon's 
south pole prior to low-thrust orbital 
insertion [STK Astrogator]
Figure 3-10 Lunar Orbit Insertion Steps.
Following a 7-day hold (awaiting appropriate lunar phasing), the spacecraft fires at four discrete 
periods near perigee, three hours apart. 18 days later, the vehicle arrives at the moon, where it 
performs 7 lunar orbit insertion (LOI) firings— again, three hours apart (Figure 3-ll). This 
permits the solar thermal engine to return to a “charging” or sun-pointing state, following the
The lunar force model includes zonal coefficients up to and including .I‘i. [STK, 
Apogee velocity in a 136,500 x 381, !00 km orbit is 738 m/s.
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previous burn, with sufficient time to achieve maximum cavity receiver te m p e r a tu re .T w o  
final manoeuvres— both performed at sequential perilunes— slow the spacecraft into its final 
orbit around the moon. The required delta-V for this mission is 40% higher than the figure of 
1,500 m /s discussed in the author’s preliminary analysis. As has been noted, this is partially due 
to finite burn penalties associated with the TLI and LOI firings, although the greatest 
contribution arises from the need to achieve an intermediate staging orbit at 136,500 x 206,000 
km.
,1_Mar_05
21 A ug 2005 15:04:36.50 T im e S tep: 5,00 s e c
Figure 3-11 Lunar capture with a low-thrust system, using seven insertion burns over 
approximately 20 hours. Final orbit is achieved through the use of two successive firings at
perilune [STK Astrogator]
3 . 3  Summary
A number of candidate missions have been reviewed to determine the applicability of solar 
thermal propulsion. Three mission classes were seen to benefit from the inclusion of STP—  
Geosynchronous, Near-Escape, and O ther Body Capture— and realistic scenarios constructed 
using advanced trajectory analysis software. Generally, finite burn and third body perturbation
'■* The author assumes the use of a thermal storage system (e.g., an insulated graphite block) for the 
purposes of this analysis. A clirect-gain system would not require interim “recharges.”
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considerations, which were not considered in the initial assessment, demonstrated that each of 
these missions will be more expensive than simple coplanar, ideal impulsive assumptions imply. 
For Near-Escape and Lunar Capture missions, lunar perturbations become sufficiently severe to 
w arrant carefully selected phasing orbits to prevent eccentric reentry or— while potentially less 
catastrophic— substantial shifts in orbital elements. The author proposes a novel manoeuvring 
sequence to avoid these lunar perturbations and permit earth escape along any desired 
trajectory: the High Altitude Phasing Orbit (HAPO). W hile this set o f manoeuvres is relatively 
expensive in terms of propellant consumption, it sets an upper bound on escape requirements for 
satellites lofted to (potentially unfavourable) geosynchronous transfer orbits, providing 
maximum flexibility to the mission designer. M ost missions cluster around the 1,700-2,100 m /s 
regime. This is well within the capability of the solar thermal thruster schemes outlined in the 
preliminary analysis.
For lunar capture missions, the author proposes the use of intermediate, low-eccentricity 
phasing orbits in order to achieve low -thrust insertion upon lunar approach. This approach also 
limits lunar perturbations prior to the trans-lunar injection sequence.
5 4
Solar Thermal Propulsion for Microsatellite Manoeuvring
Chapter 4
4 Preliminary Design
This chapter includes a discussion of the author’s solar thermal propulsion system design 
philosophy, likely options, and potential trade spaces. The author provides a brief review of key 
rocket propulsion and astrodynamics concepts necessary to the discussion, then describes the 
design trades and analyses necessary for the formulation of the baseline preliminary design. The 
three final designs are based on requirements stated in Appendix B.
4.1 Rocket Propulsion Fundamentals
Simply put, rockets move spacecraft. Humble [1995] notes:
“...A propulsion system accelerates matter to provide a force...that moves a vehicle or 
rotates it about its center of mass. Over the years, functions have been defined to more 
accurately describe what the propulsion system does. The main ones are (l) Launch, 
accelerating a vehicle from Earth, or near Earth, through the atmosphere to a desired orbit;
(2) Orbit insertion, moving a vehicle from an initial orbit to a mission orbit; (3) Orbit 
maintenance and manoeuvring, keeping the space vehicle in the desired mission orbit or 
moving it to another desired orbit; and (4) Attitude control, providing torque to help keep a 
spacecraft pointed in the desired direction.”
The author is primarily concerned with how to better implement functions (2) and (3). The 
solar thermal propulsion system— and many other low-to-moderate thrust systems intended as 
onboard spacecraft propulsion— are insufficiently powerful (by several orders of magnitude) to 
provide a launch capability. Orbit maintenance and attitude control require relatively small 
velocity changes and therefore do not generally call for high-performance (high specific impulse) 
propulsion systems. If thrusters are required, "  schemes involving cold gas or monopropellant 
hydrazine are usually deemed sufficient to perform the task [Humble, 1995].
Substantial velocity changes— on the order of hundreds to thousands of meters per second—  
provide sufficient increases in orbital energy to move vehicles from low earth orbit to 
geosynchronous orbit, to the moon, near earth objects, and other planets. A minimum-energy.
To despin momentum wheels, or to counteract small torques incurred during main engine firings (due 
to thrust vector misalignment).
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two-impulse, coplanar (i.e., Hohmann) transfer between low and geosynchronous orbits requires 
a velocity change (delta-V, or AV) o f 4,200 m /s. A seven-day transfer from low earth orbit to 
lunar orbit is nearly the same— 3,900 m /s . These classes of manoeuvres provide examples of 
what can be achieved with low-to-moderate th rust systems such as solar thermal propulsion.
M ore expensive (higher delta-V) missions perm it outer planet and eccentric or highly-inclined 
near earth object rendezvous, or solar system escape. These scenarios have high delta-V 
requirements: F or instance, launching a satellite into low earth orbit requires a AV of -10,000 
m/s.'^s Transfer from a low earth orbit to a solar escape orbit requires a minimum of 8,700 m /s  
[Hill, 1992].
The instantaneous velocity of a spacecraft relative to a central mass (e.g., the earth, moon, sun, 
or planetary body) can be calculated from the following relation, commonly known as the vis- 
viva integral [Battin, 1987] when solved for v^ :
V  — iGAf I  I ( 4 - 1 )
The spacecraft’s velocity, v, is related to the gravitational constant G (6.67 x 10 "  N-m^/kg^), 
the central mass M  (kg), the spacecraft’s instantaneous separation from the central mass, r (m), 
and the spacecraft’s orbital semi-major axis, a (m). “>
A coplanar" transfer o f a spacecraft to a new mission orbit requires a AV imparted by the 
vehicle’s propulsion system. In order to provide a satellite in a circular low earth orbit a 
sufficient AV for it to leave the earth’s gravitational sphere of influence (i.e., escape), the 
propulsion system m ust produce the following instantaneous change:
^2-V, = J G M f  ^ 1 1 - J g mU 2 «2 J V I
Here, = n  (instantaneous velocity change), = infinity (parabolic orbit), and a/ = rj (initial 
circular orbit). For an initial circular orbit altitude of 300 km (r, = 6,678 km), -  v/ = AV =
" This includes gravity and drag losses sustained during the vehicle’s ascent. However, it is not delta-V 
but thrust-to-weight ratio that prohibits the use of low-thrust systems in these mission scenarios.
"  A vehicle in a 300-km altitude, circular low earth orbit travels at 7,723 m/s. The earth’s mass (M) is 
3.972 X 10'-" kg. For a circular orbit (where r = a), vis-vlva is simply:
GM
  (4-3)
r
"  A non-coplanar transfer assumes a plane change (see Chapter 2). These are often quite expensive in 
terms of required delta-V.
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10,922 -  7,723 = 3,199 m /s. Initial orbits with higher energies— and correspondingly higher 
values of the vis-viva integral above— will lower this AV requirement. For example, a spacecraft 
in a highly elliptical geosynchronous transfer orbit (a = 24,355 km, perigee altitude = 300 km), 
moving at 10,147 m /s at perigee, must only increase its velocity by 775 m /s to escape.
This is important inasmuch as a lower AV will necessitate a smaller propellant expenditure. 
The amount of propellant required to impart a specific AV can be calculated via the following 
relation:
-Ar
(4-4)
The propellant mass, required to produce a specified velocity change AV is related to the 
spacecraft’s initial mass, m, (prior to the firing), and the propulsion system’s effective specific 
impulse, This equation is credited to Tsiolkovskii [Brown, 1990]. The exponential nature of 
the relation is shown in Figure 3 .1,‘® for selected propulsion systems.
0.9
 ^ 0.8
chi
0.6  - - UK T5 Ion Engine 
—— PPS 1350 Ion Engine 
STP Augmented N2H4
0.5
0.4 4
5000 15001000 2000 3000
cumulative delta-V (m/s)
Figure 4-1 Burnout mass fraction (satellite mass following engine firing /  mi) for velocity changes 
of up to 3,000 m/s, for three representative propulsion systems: (l) the UK T5, an electrostatic 
ion engine, Lp = 4,000 s; (2) the PPS 1350, a HaU effect thruster, L,, = 1,600 s; and (3) a threshold 
performance STP-augmented hydrazine thruster, Lp = 350 s.
'■'* B ut it must do it at perigee. As a consequence o f  o rb ita l co nserva tion  o f  an g u la r  m om en tum , th e  
spacecraft’s velocity  will begin to  fall as it m oves aw ay from  perigee, ev en tually  reach in g  a m inim um  at 
apogee (in th is p a rticu la r case, apogee velocity  is only 1,609 m /s) . T here fo re , near-im pulsive  m anoeuvres 
are  requ ired  to achieve escape w ith the  velocity  changes calculated  above. S h o rt-d u ra tio n  m anoeuvres 
im ply h igh  th ru st.
A lso A ppendix B.
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Figure 4-1 neatly encapsulates the potentially misleading nature of the simple calculations 
described above. W hile the electric propulsion alternatives provide high burnout mass fractions 
(80-95%) at delta-Vs of 3,000 m /s, what is not shown in this figure is the composition of the 
burnout mass. A substantial portion of this mass is in fact dedicated to the electrical power 
system required to produce the high voltages required for ionisation (in the case of an ion 
thruster) or a combination of ionisation and magnetic field sustainment (in the case of Hall effect 
thrusters). In either case, thrust levels— and thrust-to-weight ratios— are extremely low, which 
drives transfer times. This is exacerbated by the limited volume and surface area available for 
power production on small satellites. Appendix B provides additional information and a 
comparative look at EP and STP system performance on microsatellites.
Specific impulse, alluded to a number of times in previous chapters, is “the conventional method 
of comparing propellants, propellant combinations, and the efficiency of rocket engines.” 
[Brown, 1996] It is simply defined as the thrust per unit weight propellant flow rate:
is, =
A rocket's thrust, T , can be defined as the sum of two terms;
(4-5)
(4-6)
For an optimal expansion (in which P,, the pressure at the nozzle exit plane, equals the ambient 
pressure Pa) the final term vanishes and Z/. can be seen to be the quotient o f the effective exhaust 
velocity at the rocket nozzle exit plane, lu, and gravitational acceleration g. Since Ue can be 
defined, given a specific set of assumptions, '^ " as:
1 -
(4-7)
/</. is therefore:
(4-8)
Here, y is the ratio of propellant specific heats Q  (constant pressure) and C (constant volume), 
nominally a figure between 1.10 and 1.67. R  is the universal gas constant (8,314.3 J/kmol-K),
These include (l) homogenous, invariant propellant composition through the rocket’s nozzle, (2) perfect 
gas behaviour, (3) no frictional losses at the walls, (4) adiabatic expansion, (5) steady, constant flow, (6) 
departure of all gases axially, and (7) uniformity of gas velocity across any section normal to the nozzle 
axis. [Brown, 1996]
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and Tc is the “chamber temperature,” or near-zero flow velocity (stagnation) temperature found 
in the engine prior to the convergent-divergent nozzle section. M  is the propellant molecular 
weight (g/mol). Ammonia propellant— assuming little or no decomposition— at a chamber 
temperature of 2,000 K (y -  1.14, M =  17.03) thus achieves an ideaU' U of 407 s.
Propellant Type Density (g/cm^) Lp (s) D i p (g-s/cm®)
Xe (3000 psi) “ 2.0000 1600 3200
Xe (882 psi)'’ 1.1000 1600 1760
STP H.' 0.0710 917 65
STP-augmented NsH*’’"’ 1.0045 402 404
STP NH.' 0.6000 449 270
STP H.O” 1.0000 372 372
MMH/N.OP 1.1590 319 370
H.OVKerosene 1.2790 305 390
Hybrid H O»/ Polyethylene*' 1.2970 300 389
N.O 0.7500 206 155
H»0» (89%) 1.3800 179 247
“ 3000 psi storage pressure [Polyflex, 1999], UK T5 L,, [Wells, 2001]
882 psi storage pressure [Gibbon, 2002], UK T5 
' heated to 2500 K. C,, and y values are at 1500 K, ideal expansion to vacuum assumed 
oxidizer/fuel ratio optimised for maximum 
' Complete dissociation of ammonia to N. and H» assumed
Table 4-1 Density, Lp, and Density-Lp, for representative monopropellant and bipropellant
combinations.
The above equation strongly suggests the maximization of the quotient T JM , in order to 
achieve the highest possible P. This has driven past designers of solar thermal engines (and 
nuclear rocket engines) to hydrogen propellant (M  = 2 g/m ol) and very high chamber 
temperatures (approaching 3,000 K). In theory— and practice— this has resulted in high 
performance levels. During ground tests in Nevada in the late 1960s and early 1970s, the 
NERVA (Nuclear Engine for Rocket Vehicle Application) nuclear thermal rocket achieved a
“Ideal” here implies a perfect expansion to vacuum [P, = P.). The assumption of no decomposition is 
used only to provide an example; at this temperature, there will be substantial decomposition to N., and 
Hu, for nominal chamber pressures.
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specific impulse of 835 s [Humble, 1995] with Ha propellant. This is twice the performance of 
the best chemical upper stage^’^ and provided high thrust levels (890 kN).
The solar thermal engine is capable of specific impulses in this range— however, the author has 
made a decision to bar the use of liquid hydrogen, due to incompatibility of the propellant with 
microsatellites. This incompatibility is twofold: (l) liquid H /s  storage density is extremely low, 
71 k g /m ’ (one-fourteenth that of water), which indicates that very little could be stowed aboard 
a small satellite, and (2) the low storage temperature of the propellant— H^ is a “hard” cryogen, 
boiling at ju st 20 K— which demands heroic measures to dam heat leakage and prevent boil-off 
[Cady, 1996].
Small satellites impose volumetric constraints that require a hybrid figure of merit that takes 
into account both the performance {U) of a propellant and its storage density p. The product of 
a propellant’s density (in g/cm^) and its X/., occasionally referred to as the density-//, (D/./.), 
provide a good indication of the volumetric compatibility of the propellant [Haag, 2001]. 
Representative propellants and their properties are shown in Table 4-1. W hen this product is 
taken into account, it can be seen that high-//, performers like Ho become untenable for highly 
volume-constrained systems.
B8B
Figure 4-2 Mars orbiter utilising “ganged mirror” solar thermal propulsion for insertion firings.
Space Shuttle Main Engine (SSME), a liquid Oo/liquid Ho chemical propulsion system, offers 455 s of 4  
[Hill, 1992].
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4.2 Baseline Engine D esign
The baseline solar thermal propulsion system (Figure 4-2) will, of necessity, be compact, 
lightweight, low-cost, and high-performance. The degree to which compactness, lightness, cost 
reductions, and performance enhancement m ust be achieved is dictated by a set of baseline 
requirements in Appendix B (q.v.). These requirements, and the step-by-step option tree shown 
in Figure 4-3, provide a high-level framework for determining the general, and the more 
increasingly specific, details of the system under consideration.
Baseline Engine Design Seiection
O rbit Transfer Strateg}’
Thermal Energy  
Transfer M ode
Concentrator
Articulation
Cone.
Type
Direct Gain
Articulating
Rigid
D eployable
Rigid
M u l t i -
I m p u l s e
T h e r m a l
Storage
Non-
Ar t i c u l a t i ns ;
Wrap-rib, radial rib, hæp-column, Melal, composite, glass opiics Potenlially very iightvieight with
lension truss, petal, etc.-expensive (tenses or mlrrorsPbighesI areal exceiient stowage characlerislics, but
but potential^  IghtweigM densily (kg/nPI but simplest, unptoven for optical appiicalions
cheapest, significant henlage
Minimum dV is highiy desirabie... 
and the multi-impulse approach is 
always more efficient than the 
spiral transfer.
While potentially simplifying the 
receiver subsystem, a direct 
gain engine will require sun- 
pointing during thrusting, thus 
articulating reflectors.
A non-articulating reflector 
subsystem may rely on the 
spacecraft for pointing. 
Separate pointing and tracking 
will not be required.
Rigid, fixed optics represent the 
least-cost, highest-quality, 
greatest heritage approach.
The designer must accept a 
weight penalty, however.
I I Selected
I \  Allernallre
Figure 4-3 Top level options tree for STP engine design effort.
The first trade involves the selection of an orbit transfer strategy— in this case, spiral (constant 
thrust) versus multi-impulse (apogee and perigee firings). The solar thermal engine concept is 
capable of fulfilling either strategy, or both. A spiral strategy has the advantage of perm itting 
smaller engine components— and thus a system weight reduction— since the impulse provided 
by the engine can be “spread out” across a given orbit. However, selection of a spiral strategy 
requires the selection of a direct-gain engine. Such an engine would not store heat but would 
transfer it directly to the propellant while the engine’s concentrating m irror is pointed at the 
sun. Since a spiral transfer will require constant sun-pointing, the potential complexity (in the 
form of independently articulating structures with high-accuracy pointing"''*) appears to rule out 
such an approach.
' * Pointing accuracies are likely to fall in the range of 0.1-0.25 degrees. This will be discussed in detail, 
later in this chapter.
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Furtherm ore, ruling out liquid hydrogen as a potential propellant— due to the host satellite’s 
severe volumetric constraints, and the complexity of systems required to maintain it as a 
liquid— makes a spiral transfer strategy even less attractive. By foregoing Ha’s high potential Lp, 
and requiring the use of moderate molecular weight, storable propellants (NHg, N2H4, or H2O), 
the author is limited to specific impulses in the 400 s range. W hile relatively high, this is only 
25% higher than conventional bipropellant systems— logical competitors for any fielded STP 
engine. Spiral transfer strategies will incur substantial delta-V p e n a ltie s ,w h ic h , at these 
moderate specific impulses, cause the STP system to underperform relative to bipropellant 
N 2H4/N 2O4. These factors combine to necessitate the choice of a multi-impulse transfer strategy.
The second trade involves the selection of a thermal energy transfer mode to the propellant. 
There are two potential options available; direct gain and thermal storage. In the previous 
paragraph, the author has noted the principal objection to a direct-gain system, namely the 
requirement for a potentially expensive and complex set of articulating concentrators. A  second 
pitfall is the low thrust power P  (= 14 Tiu) available with direct-gain systems; since the direct- 
gain solar thermal engine can only transfer as much incident solar radiation as falls on its 
concentrator surfaces, thrust power is limited to array input. This is not true of therm al storage 
systems, which take in energy over a longer period and can exhaust it at whatever power level is 
required, given the constraints o f the design.
For comparison, the 30-cm m irror in Fig. 4-4 is assumed to impart 77 W  of solar power to the 
engine’s receiver. W ere that receiver to be used in direct-gain mode, maximum thrust would be 
limited to 39 mN. This is on the order of electric propulsion systems proposed for small 
satellites; any transfer time advantage associated with using S T P  would be lost. In a thermal 
storage system, the receiver is heated over a specified period (in this case, 2.7 hrs.) and the actual 
firing conducted over ju st 428 s. T he thrust level in this instance is 1,000 mN— 25 times the 
direct-gain thrust.
T h e need to  provide independently po in tin g  concentrators, coupled w ith  little  i f  any m ission  
advantage, points to  the selection  o f  a thermal storage heat transfer approach.
T h e  author has ruled out concentrator articulation as an approach that is lik ely  to be too  
expensive to im plem ent aboard a sm all satellite. A  key advantage to  articulation is the  
decoupling o f  spacecraft pow er production and solar therm al engine p o in tin g  requirem ents—  
w hich w ill conflict i f  a non-articulating (fixed to satellite) concentrator is selected . B ody- 
m ounted photovoltaic arrays w ill receive little  if  any incident su n ligh t during the “charging  
period” for the solar therm al engine, since the vehicle w ill be required to poin t the concentrator  
at the sun. T h is could be resolved through provisions for additional battery pow er (to a llow  the
Roughly a 40% Increase in delta-V, for LEO-to-GEO transfers. Appendix B provides additional details.
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satellite  to ride out the artificial eclipse conditions), canted body panels, or a deployable panel (or 
panels) for pow er production during engine therm al charging.
T h e selection  o f  a rigid, fixed concentrator— as opposed to inflatable and deployable'^ designs—  
is prim arily driven by technical risk and cost. A  rigid, fixed concentrator, m ounted to one face o f  
a m icrosatellite, is the sim plest solution , w ith ex istin g  tech nolog ies (e.g., space telescope optics) 
providing substantial guidance for im plem entation. [K asl, 1997] D eployable or inflatable optics 
allow  for larger surfaces (and thus h igher pow er input) and ligh ter structures, at higher  
com plexity  and cost. A  notional m ounting m eth odology  is depicted in F igure 4-4 and F igure  
4-5. Selecting the rigid, fixed approach perm its the satellite  designer to preserve a know n  
spacecraft structural configuration, prior to launch. A  sing le  m echanical configuration should  
also reduce test requirements.'"
Notional solar thermal engine structural 
configuration. 30 cm mirror, 428 N-s 
receiver.
Solar thermal engine configuration, 
showing structural elem ent pass­
throughs in mirror.
Figure 4-4 Solar thermal engine configuration.
Additional top-level trades include the selection  o f  a propellant (N^Hi. being the nom inal front- 
runner due to its high D//.), thermal storage receiver m aterial selection, concentrator m aterial 
and configuration selection , propellant feed system  approach (blow dow n or regulated), and the  
specific im plications o f  these choices for testin g  and m ission  operations. T h ese  w ill be 
elaborated on throughout the remainder o f  this chapter.
This must be distinguished from articulating. A deployable system will move—once.
Although this approach might complicate satellite thermal management, as it will shadow the satellite 
during any thermal charging period. This might require additional power for electrical heaters, for 
systems susceptible to degradation as a result of temperature swings.
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D etail o f  receiver body ring mount, 
showing aft receiver face and nozzle
D etail o f  receiver body ring mount, 
showing slotted “C” bar elem ents and fore 
receiver face
Figure 4-5 Solar thermal engine, receiver mounting detail.
4.3 Concentrator Array Design
|B u ll's  Eye
Fresnel lens schematic for 
lighthouse applications 
[Amass, 2000]
Large parabolic dish concentrators for terrestrial solar 
thermal energy production at JPL’s Edwards Parabolic 
Dish T est Site [U. Missouri, 2002]
Figure 4-6 Fresnel lens and paraboloidal concentrators.
Several types of concentrator optics (Figure 4-6) theoretically permit a space-based solar 
thermal engine to achieve high concentration and, as a result, high propellant temperatures. 
These Include parabolic polnt-focus dishes, spherical dishes, and Fresnel lenses or mirrors. 
Fresnel lenses, named for the French physicist Augustine Fresnel (1788-1827), are multlple- 
element optical systems that collimate light from a central source, or conversely, focus parallel 
rays from a distant source at a focal point [New Brunswick Lighthouses, 200IJ. While Fresnel 
lenses can be produced Inexpensively from lightweight plastic, they suffer from chromatic
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aberration; sunlight, which has a large wavelength distribution, is refracted at different angles 
according to the lens material index of refraction (n). This limits its concentration ratio (C) to 
roughly 1,000 [Kreider, Fresnel m irrors are composed of independently targetable
segments that focus light on a central receiver; this is practical for terrestrial systems but overly 
complex for this application.
0.1
0 .0 9
0 .0 8
E 0 .0 7
parabola,
i 'ocal leng th
0.0.7
0 .0 4
0.0 5
0.01
0 0.1 0 .5 0.0
D istance a long  m irro r radius
Figure 4-7 Parabolic and spherical mirror profiles, indicating increasing divergence for larger radii 
(lower f-number). The parabolic mirror has a focal length (f) of unity; the spherical m irror’s radius
of curvature is 2f = 2.
Spherical concentrators approximate parabolic systems, are easier and less expensive to 
construct than their aspheric counterparts, but themselves suffer from spherical aberration—  
rays from the outer edges of such a m irror will focus not at a point, but along a line [Pedrotti, 
1993J. W ithout augmentation, they are capable of C values approaching 150 [Kreider, 1979]. 
Such mirrors can be constructed by hand: Amateur astronomers figure and polish glass
substrates and apply reflective coatings to dishes of 30-50 cm diameter and even greater. Due to 
their relative ease of fabrication, mirrors with spherical curvature were among the first optical 
elements used in telescopes. For focal length-to-m irror diameter ratios greater than -1 0 , a
We will use different definitions for concentration ratio throughout this section. Here, we define C as 
the ratio of concentrator area to the area of the focused “spot” at the receiver, assuming that the spot 
encompasses all sunlight incident on the concentrator. Later we will define a geometric concentration 
ratio G that is dependent only on the areas of the concentrator and receiver.
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spherical surface approximates the parabolic surface when the circle’s radius is twice the 
parabola’s focal length (Figure 4-7).^®
Flat plate 
absorber Solar
cone
Parabolic mirror
D ^ 2 b
Figure 4-8 Key specifications for a parabolic point-focus mirror^®
Parabolic point-focus mirrors (Figure 4-8) allow the highest concentrations, with local C 
approaching the thermodynamic limit. O f course, being neither spherical nor refracting 
elements, they do not suffer from either spherical or chromatic aberrations. Hottel [1967] has 
shown that the maximum achievable concentration ratio is defined by:
^  One can confirm this by equating the slopes of parabolic (focal length =fj and spherical curves (radius = 
r) and assuming small values for maximum rim-to-mirror apex separation {z). For sufficiently high f-  
numbers {~f/10), the difference in z at the respective rims of a parabolic and spherical mirror is somewhat 
less than a quarter-wavelength of visible light (the human eye’s maximum sensitivity occurs for X = 550 
nm [Pedrotti, 1993]). The quarter-wavelength rule is often used to define a threshold for quality 
telescopic optics—an RMS wavefront error of A./4 (see Footnote 5), averaged over the mirror’s surface, is 
considered sufficiently accurate that the optics are diffraction-limited—limited only by the wave nature of 
the incident light, and not by imperfections in the optical surface itself [Hecht, 1998].
Mirror diameter D and focal length f  are related through the optical element’s/-«M»z6^r (//#), where f /#  
-  f/D. For a parabolic mirror, the rim angle O is a somewhat more complicated function o f f  and D. A 
mirror with a rim angle of 30 degrees possesses an f-number of^.933. This is an extremely “steep” optical 
surface, relative to commonly manufactured telescope optics, which are most often found in the range of 
f / ^ to f / \0  [Apogee, 2002]. These shallower parabolic mirrors are not useful for concentrating sunlight, 
due to the small rim angles and lower concentration ratios available for exploitation. Since spherical 
mirrors only approximate parabolic mirrors for higher f-numbers { ^ f /10), they are poor candidates for this 
application.
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(4-9)
Here, 0™« is the sun’s subtended half-angle (0.25°) and n is the ambient index of refraction. For a 
flat absorber— or, alternatively, a thermal storage cavity aperture— an ideal concentrator of rim 
angle 0  may achieve concentration ratios equivalent to [Kreider, 1979]:
C max J!iit
_  s in ' 0 cos*(O + )
sin'"^  0.. (4-10)
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Figure 4-9 Parabolic point-focus mirror concentration versus rim angle 0
Thus, while a C value of 52,000 is theoretically achievable (i.e., does not violate thermodynamic 
principles), the specific geometry of the parabolic m irror and receiver will limit practical C 
values. For instance, given a rim angle of 30°, the practical limit is 9,800. C reaches a maximum 
at 0  = 45°, where C = .25 and Cmax ~ 13,000. Kreider’s equation represents a global value: 
It assumes that the flat plate receiver is sized to absorb (or admit) all light incident upon the 
parabolic m irror— thus, for very small values (~ 0°) and very large values (~ 90°) of 0 ,  the 
receiver aperture and parabolic m irror areas approach one another, and C approaches unity 
(Figure 4-9). Local concentration ratios for h igh -0  dishes can be substantially higher, in some 
cases reaching an appreciable fraction of the thermodynamic limit [Jaffe, 1989] [Kreider, 1979].
The parabolic m irror can be constructed from a wide variety of materials, including glass (e.g., 
Zerodur®, Pyrex® , etc.), metals"», composites, and ceramics. Given the severe mass constraints
A good recent example of the use of metal optics in advanced applications is NASA Goddard Space 
Flight Center’s Developmental Cryogenic Active Telescope Testbed (DCATT), which used a 90-cm
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imposed by small satellites, m irror areal density (kg/m^) becomes an important figure of merit. 
Low thermal-expansion glass is perhaps the most commonly used material in amateur 
astronomy, although it is difficult to form minimum-thickness elements [Baker, 2002] due to 
distortion resulting from residual stress buildup in the optic. This results in relatively high 
areal densities.
Metal optics can be machined directly from blanks. Metal machining clearly offers significant 
heritage. Single-point diamond turning can produce RMS wavefront errors"' of Z /2  (for a 
visible wavelength of 550 nm) and a microroughness"'^ of 3 nm [M iller, 2000]. The author has 
investigated the procurement of a 30-cm diameter f/O.93 aluminum m irror from an American 
optical manufacturing vendor. A preliminary quote of $2,500 (^^ 1,700) was obtained; however, 
this does not include additional costs associated with “lightweighting,” (i.e., removal of excess 
backing material) coating, polishing, or allowances for mechanical attachments. Such a m irror—  
with .25-mm isogrid backing— would be 2.4 cm in thickness and mass 1.7 kg (24 k g /m ‘-^ ). This 
compares favourably with highly lightweighted glass systems (e.g., Hextek’s 18-in. (45.7 cm), 
11.4 lb. (5.2 kg) Gas-Fusion™  mirror, at 32 kg /m ‘^) [Hextek, 2000].
Initial figuring o f  the DCATT primary 
(T6061 Al)
DCATT primary mirror undergoing  
machine polishing
Figure 4-10 Developmental Comparative Active Telescope Testbed (DCATT) mirror fabrication.
Ceramics, such as SiC or C/SiC, have already been used in space-based telescope applications. 
ESA’s Herschel far-infrared telescope— with a 3.5-meter SiC primary m irror (Figure 4-11, left), 
constructed from brazed segments— is slated for launch in 2007. [Pilbratt, 2001] Ultram et, an
segmented primary mirror constructed from diamond-turned T606I aluminum. The mirror face was 
coated with nickel and polished (Figure 4-10). [Davila, 1998] [DCATT web site, 2000]
Root-mean-square (RMS) wavefront error is a global measure of quality for a specific optical element. 
The element’s deviation from a parabolic ideal is measured for a variety of points across the surface of the 
mirror, and those data points are averaged to provide an RMS wavefront error figure.
A measure of surface roughness, related to the optical element’s specularity. The smaller the 
microroughness, the less diffuse (more specular) the reflection of light at the mirror surface. This results 
in higher image clarity in telescope systems.
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advanced materials vendor based in Pacoima, California, has fabricated “open-cell” m irror SiC 
test coupons at advertised areal densities of 10 kg/m^. [U ltram et, 2001]. Despite their promise, 
these materials can still be considered “advanced,” with relatively immature processes and high 
fabrication costs [Baker, 2002].
Composite Optics, Inc., a San Diego-based vendor of advanced structures for space applications, 
produced a 2.0-m, 35-kg. far-infrared dem onstrator m irror for the FIR ST (Far Infrared and 
Submillimeter Space Telescope, later Herschel) mission (Figure 4-11, right). The element—  
constructed from carbon fiber-reinforced polymer— has an areal density of 11 kg/m -. The 
addition of carbon fibers to a polymer substrate permits control o f the matrix material’s 
coefficient of thermal expansion, which can be reduced to essentially zero. COI claims an RMS 
wavefront error of 2.1 pm. [COI, 2000]
I r% S i l t
----^
F«Rsi rcfpsto
1.35-m SiC demonstrator mirror for 
Herschel telescope [Herschel web site]
2.0-m, 77-lb. (35 kg.) carbon fiber- 
reinforced polymer mirror [C O I web 
site]
Figure 4-11 Herschel advanced technology mirror elements.
Plastic optics— machined from hard polymethyl methacrylate (PMMA), polycarbonate (PC), or 
polystyrene (PS)— would, in principle, allow for very low areal densities. PMMA and PC have 
specific gravities of 1.1-1.25 g/cm". W hile commonly available, easy to machine, and low-cost, 
plastics have poor thermal conductivity (< 0.2 W /m /K ), low stiffness, and high coefficients of 
thermal expansion relative to candidate reflective coatings (e.g., aluminium, nickel). These 
properties are a likely source of optical errors, due to (l) preferential expansion of a given sector 
of the plastic mirror (“warpage”), or (2) cracking of coatings due to GTE mismatch. Polystyrene 
and polycarbonate would also be susceptible to both atomic oxygen attack and outgassing.
Based on the above data, the author has selected a machined metal optic for the baseline 
(preliminary) concentrator design, based primarily on long-established, widely-available 
machining and polishing capabilities, moderate areal densities, and low substrate material cost. 
Highly polished, protected aluminium provides reflectivities of roughly 90% through the visible
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spectrum. O ther surface coating options include nickel, silver, and rhodium.®" M irror diameters 
of 6 0  cm are preferred, as they will conform to SSTL enhanced microsatellite volume 
constraints. To achieve near-maximum concentration ratios (C) of 10,000 or greater, as well as 
to minimize engine dimensions, the focal length of the optic must fall within the range 3 0  cm < /  
<  6 0  cm, corresponding to /-num bers off /O .9 3  to f /O .6  and 0  values of 30° to 45°. Faster (small 
integer or fractional /-num ber) mirrors will be steeper and may pose fabrication problems, with 
rim angles above 45° providing no additional advantage.®' As depicted in Figure 4-12, C is 
maximized for a flat-plate receiver at 0  = 45° {f/O.6).
Bare Nickel 
Rhodium 
Aluminum Quartz 
A l u m i n u m  M gF2 
Gold 
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Enhanced Rhodium 
For Hg I & G Line Spectrum
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Figure 4-12 Specular reflectance of various optical coating materials for light at wavelengths of 
200 nm < A, < 2,400 nm [Optiforms, 2001]
Figure 4 -1 3  shows notional Solid Edge models o f a thin (2 .5  mm) aluminium concentrator. The 
hexagonal backing structure is 36.95  cm across, vertex to vertex; total weight is roughly 1.7 kg 
(2 4  kg/m-'). No mounting locations are shown in this view. Given an optical efficiency of 0 .8
Nickel is often selected due to its hardness and resistance to scratching during normal handling, at 
reduced reflectivities relative to aluminium; however, nickel possesses a CTE value which is 
approximately half that of its aluminium substrate. Silver offers very high reflectivities but is susceptible 
to tarnishing and is extremely soft. Rhodium is hard, with higher reflectivity than nickel.
E.g., NASA Goddard is exploring “superpolishing” o f aluminium optics to very small surface 
roughnesses— as little as 0.8 nm RMS. [Content, 2001] However, Goddard’s experience is only with 
aspheres slower than//3 , unsuitable for this application. Additional effort would be required to achieve 
superpolished, fractional f-number aluminium optics. High rim angles (> 45°) provide high local 
concentration ratios but low global concentration, making such “bowl-shaped” mirrors unsuitable for this 
application.
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(including a reflectance of 0.9), this m irror should be capable of relaying approximately 77 W  of 
solar input into an appropriately designed receiver.®"
Figure 4-14 illustrates a larger concentrator assembly, 57.6 cm in diameter, with an alternate 
(sparser web) backing structure composed of 5 mm-thick ribs and torsion rings. This m irror is 
/ /0 .6  (0  = 45°), masses 6 kg (23 kg /m ‘-^ ), and has its central section removed to facilitate 
placement on the nadir face of a microsatellite.®® This m irror’s estimated power input, at an 
optical efficiency of 0.8— not accounting for the central hole— is 282 W.
m
Figure 4-13 30-cm f / l  concentrating mirror (front and rear faces).
57.6-cm f/.5 2  concentrator, aluminium  
substrate
Rear face o f  57.6-cm f /.5 2  mirror, rib and 
ring backing
Figure 4-14 57.6-cm f/.52 concentrating mirror.
T h e re  is a ~  10 W  loss due to  the  cen tra l obscu ra tio n  o f  th e  receiver. T h e  ta rg e t inp u t fo r th is  system  
(100 VV) can be m et by increasing  th e  m irro r  d iam e te r  from  30 to 34 cm.
T h is  is very  nearly  th e  la rg est m irro r  th a t can be accom m odated  by the  A riane  5 A S A P ’s vo lu m etric  
req u irem en ts  (60 cm x GO cm foo tprin t) w ith o u t a w aiver. T h e  receiver body w ould h an g  th ro u g h  the  
cen tra l hole, inside the  m icrosate llite  ad ap te r  ring . T h e  receiver w ould m ount d irec tly  to  the  sa te llite ’s 
nad ir face panel itself, o r to  an in term ed ia te  m o u n tin g  r in g  on th e  face panel.
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As will be seen later in Section 4.6, the decision to use rigid metal optics (rather than low areal 
density ceramic or carbon fibre systems) incurs a serious weight penalty. A lightweighted, 79- 
cm diameter aluminium optic, constructed at a highly optimistic areal density of 20 kg/m^, 
would still mass almost 11 kilograms. An alternative concentration scheme, discussed in 
Chapter 2, would replace the single, large metal m irror with multiple smaller mirrors. This 
would be achieved through the concatenation of focused sunlight via low-attenuation optical 
fibres [Feuermann, 1999][Cariou, 1985]. This approach, first broached by Kato and Nakamura 
for terrestrial solar therm al applications, has been made feasible in the intervening three decades 
by advances in optical fibre processing. Fibre light attenuation results partially from impurities 
in the base fibre material and partially from flaws in processing. In the 1970s, Kato [1976] 
speculated on the use of fused-silica and soda-lime-silicate (SLS) glass fibres for passing visible 
wavelengths (A, = 200-1,000 nm), noting, “...the  transmission of more than 80% of solar 
radiation over [a ]  length of about 40 metres is possible... using fused-silica core optical fibres.” 
Due to spectral shift o f the incident light towards the infrared— and preferential absorption of 
specific wavelengths— energy dissipation falls away rapidly after the first few metres; the 
“surviving” flux encounters reduced absorption over the remaining length of fibre. Thus, while a 
straight-line extrapolation of the 80% figure would lead one to estimate a per-kilometre 
transmission of ju st 0.3% (-25 dB/km), Nakamura demonstrates that the figure is much closer to 
20% (-7 dB/km). This is in line with current state-of-the-art [Polymicro, 2004].
Assuming fibre transmission efficiencies of 80%, a single 57.6-cm m irror can be replaced by ten 
20-cm mirrors. Both Lee [1998] and Ashby [1980] note that space m irror mass ntm tends to 
scale nonlinearly with diameter D -^ Lee suggests the relation rrim = while Ashby is
more conservative, using the relation = f(Dtn)- A 20-cm m irror would therefore mass 
between 1.5 and 6% that o f a 57.6-cm mirror.®^ Since intercepted area scales with the square of 
diameter, multiple small m irrors should save significant mass.
4.3.1 Concentrator Array Pointing Error
Bendt and Rabl [1981] provide a useful framework for analysing the optical performance of a 
parabolic dish concentrator. Given “perfect” (i.e., zero slope error) optics, an angular acceptance 
function, f(0), can be derived which represents the fraction of incident light at zenith angle 0 
reaching a receiver aperture of pre-determined size (Figure 4-15). For point-focus 
concentrators, 0 is small—perm itting the approximation sin 0 = 0.
Each of the ten 20-cm diameter mirrors are predicted to mass 360 grams, for a total mass of 3.6 kg. 
This represents a 40% weight savings over the larger mirror the ganged assembly replaces. Twenty 
mirrors of this diameter could be substituted for the large (79-cm) concentrator discussed at the end of the 
chapter, saving almost 4 kilograms (35%).
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An arbitrary point P  on the dish can he defined in the coordinate system:
P  = p ,a ,z  = - ( 4 - 1 1 )
Here, a is the receiver radius and b the dish radius. A local rim angle (|) is also defined; (j) reaches 
its maximum = ^ max = 0 )  at the dish’s rim. A ray incident at P , with zenith angle 0 and 
azimuth angle \\f, defines a point acceptance function:
fp(0,vi;,p,a) = i f  the incident ray reaches the receiver
= 0, f  the ray misses the receiver
Incident
->p
Figure 4-15 Parabolic dish reflector
Integration of this function over, and subsequent division by, the dish area—provides an average 
angular acceptance over the entire aperture. After introducing a new angle P = \|/ -  a , Bendt 
and Rabl note that, due to azimuthal symmetry, angular acceptance is not dependent on \\i (i.e., 
f(0,vi;) = 1(0)). They continue:
“The function fp was defined with respect to radiation incident on the receiver. 
However, reversing the direction of the rays does not change the path. Hence one can 
treat the receiver as an emitter and ask whether any ray originating from the receiver 
and reflected at P leaves the aperture in the direction (0, P). The answer is
fp(0,p,p,a) = 1, if yes 
= 0, if no
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Because of azimuthal symmetry, it is sufficient to evaluate fp(6,P,p,a) only on one radius line, a  = 0 ...” 
[Bendt, i98 i]F o r a flat plate or cavity receiver, rays em erging from the receiver and reflecting at 
P  form an elliptical cone defined by two critical angles, 0s and 0i. These are the angular minor 
and major axes of the elliptical cone, and can be determined from the dish geom etry to be:
6* = —— cosçS and = - ^  f4- l 2,-
1 +  ^  1 +  r  ^ 1 3 )
If we note that (l)  we can minimize 0s by substituting Zmax = 6V4 and (jimax = 0 ,  and (2) 
maximize 0i through the substitution of Zmin = 0, some additional algebraic manipulation and the 
application of trigonometric identities produces the following:
a . sin 0  cos 0  ,
=  - s i n 0  C O S 0  =  — — , and (4-14)
z)  6  2  ^  0
Cx, the geometric concentration ratio discussed previously, is equal to l f /a \  T he smaller of 
these, 0s,mill, defines the boundary of the parabolic dish’s unity acceptance region. For 0 < 0s,min, all 
incident rays will reach the receiver. This implies that, if any part of the solar disk lies within 
0s,miii of the dish’s zenith, the whole of that portion of the sun’s incident radiation will reach the 
aperture. The larger angle, 0i,max, defines the boundary between a fractional acceptance region— 
where some, but not all, of the incident energy reaches the receiver, and the zero acceptance 
region.
T he balance of Bendt and Rabl’s effort is directed towards precise calculation of f(0) in the 
fractional acceptance region (0s,min < 0 < 0i,max)— which, as they note, is not susceptible to 
analytic determination.®® To simplify, the author will take the average value o f f(0) within the 
fractional acceptance region to be approximately 0.5. For a given geometric concentration ratio 
Cg and dish rim angle 0 ,  the angles 0s,min and 0i,max define two concentric circles centred on the 
dish’s zenith. The intersection of these circles and the solar disk results in incident radiation 
reaching the receiver (Figure 4-16).
When combined with certain assumptions regarding both optical errors and the source (e.g., the Sun), 
an intercept factor, defined as the fraction of the incident flux intercepted at the receiver, can be calculated. 
[Bendt, 1981]
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Unity acceptance 
(all sunlight enters Solar
disk
F ractional acceptance 
(some sunlight enters 
receiver)
Figure 4-16 Intersection of parabolic dish acceptance regions and the solar disk. Light and dark 
gray areas represent the boundaries of the unity (0 = and fractional (0 = 0u..x) acceptance
regions.
T he author has assumed a “pillbox” or flat solar intensity profile (no degradation towards the 
periphery), although this profile is more accurately modelled as a Gaussian distribution. In 
space, atmospheric “smearing” of the sun’s shape does not occur and the pillbox assumption is a 
reasonable one. Nevertheless, to offset the possibility of an overly optimistic prediction of 
acceptance, the author has assumed an apparent solar diameter of .53“— slightly larger than 
Kreider [1979]. For a given separation distance, the common area of the three circles can be 
calculated, and, combined with the pillbox and fractional acceptance average value assumptions, 
total incident sunlight can be determined."^ For a parabolic dish with rim angle 0  = 30° and a 
concentration ratio of 10,000— very close to the theoretical maximum for this 0  [Feuerm ann, 
1999]— the author has plotted the incident radiation (in suns) versus concentrator misalignment 
or off-pointing angle 8 (Figure 4-17). Note that, even for perfect alignment (0 = 0°), the 
received radiation is only .93 suns— this is a consequence of the specific choices of 0  and desired
The area of two overlapping circles can be calculated from the following equation, where r and R are the 
radii o f the circles, and d is the separation distance between the two circles’ centres [W eisstein, 1 9 9 9 ] :
 + r + li + r — li )((7 — r + li + /■ + /?)
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Q.™ For the selected values, the solar disk is slightly larger than the unity acceptance circle but 
smaller than the fractional acceptance circle, so a portion of the sun’s energy, incident from its 
rim, does not intercept the receiver. Increasing 0  to 45° increases intercepted input to -0 .9  
suns at a 0.1° offset (Figure 4-18).
An energy balance, equating incident sunlight for a given tracking error 0, with estimated losses 
(aperture re-radiation, radiation losses through the insulation package, convective losses during 
testing in air), should provide a maximum achievable receiver tem perature and, consequently, 
maximum engine specific impulse. The author’s Cavity Heat Up Sequence (CHUPS) Visual 
Basic code, described in the next section, addresses these issues— maximum achievable receiver 
temperature appears to be fall in the range of 2,400-2,500 K for threshold charging times."^
contribution from fractional 
and unity acceptance regions
contribution from unity 
acceptance region
0 0.05 0.1 0.15 0.2 0.25 0.3 0.35 0.4 0.45 0.5 0.55 0.6
tracking error (deg.)
Figure 4-17 Incident sunlight reaching the receiver aperture, in suns, versus parabolic dish 
tracking error. O = 30°, Cg = 10,000.
Selection of a smaller C (say, 5,000) would allow interception of all incident sunlight at perfect 
alignment, but would result in a larger receiver aperture, higher re-radiation, and lower achievable 
temperatures. A better alternative is a larger O (Fig. 3.9)
■' Combined with an aluminium optic’s reflectivity of -0.9, selecting a maximum offset angle o f  0 .1 
degrees (for O = 45 deg., Q= 10,000) provides a net optical efficiency (solar input into receiver divided by 
solar input into concentrator) o f -0 .8 .
That is, the time required to heat the receiver from its nominal “hot start" temperature (803 K for an 
engine using hydrazine’s ultimate decomposition products, nitrogen and hydrogen) to its maximum 
temperature.
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Figure 4-18 Incident sunlight versus parabolic dish tracking error. O = 45°, Cg = 10,000.
4.4 Receiver Design
The solar thermal propulsion receiver is a high-temperature heat exchanger, imparting 
concentrated radiant energy to a propellant. Two types of receivers— direct-gain and thermal 
storage—have been proposed for use in solar thermal power and propulsion systems. Until fairly 
recently, virtually all of the options considered for propulsion were “direct-gain,” i.e., systems 
that transfer solar energy directly to a propellant, via solid wall heating [Shoji, 1985] or 
through various windowed, seeded-bed or porous wall approaches [Shoji, 1 9 8 6 ] . Direct-gain 
systems are constrained by the power input of the system’s concentrator, since no energy is 
stored. This not only constrains available thrust but demands sun-pointing while manoeuvring. 
This dictates articulating, deployable concentrator arrays with an independent pointing 
capability. W hile complicating the concentrator design, direct-gain systems permit, in principle, 
relatively simple, lightweight receiver designs; the system is heated to tem perature only during 
thrusting, perm itting the propellant to act as a natural coolant along problematic conductive 
thermal paths such as propellant lines.
Therm al storage system s, w hile investigated  for space solar dynam ic pow er applications [N A S A  
GRC, 2 0 0 0 ] , have on ly  recently been considered for onboard propulsion. T h e  Integrated Solar  
Upper Stage and Solar Orbit T ransfer V ehicle [F rye , 1 9 9 8 ]  [P artch, 1 9 9 9 ]  concepts both  
em ploy therm al storage to decouple thrusting and sun pointing, increasing available tiirust 
levels and thus reducing orbit transfer tim es. Im plem entation o f  the receiver is com plicated by 
the need for insulation as well as thermal dam s a long  likely leak paths, not to m ention higher
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overall weight (owing to the use of thermal storage material). There are several options 
available for thermal storage:
Sensible heat storage, which uses the heat capacity of a single-phase material such as graphite 
(Cp = 2.09 kJ/kg K at 20 °C [Lienhard, 1987]) to store incident heat across a wide 
temperature range;
Phase change or latent heat storage, which offers the attractive possibility of extremely high 
energy density, such as lithium fluoride [hr = 1.05 MJ/kg at its melting point of 1121 K 
[Pletka, 1998]). NASA’s Glenn Research Center examined the use of a eutectic salt 
(LiF/CaFa) for thermal storage. Elemental boron, which melts at 2348 K, possesses an A/of 
4.65 MJ/kg. Elemental silicon melts at 1687 K and possesses an A/of 1.79 MJ/kg. [Lide,
1995]
Thermochemical storage offers “...high energy density in the storage medium...” combined 
with room-temperature storage capability [Claasen, 1980]. The reaction must be reversible, 
and, to minimize mass, the heat of reaction must be substantial. Claasen indicates that the 
following reaction is promising, representing approximately 1.23 MJ/kg of thermal storage:
2S0j + 02-^ 2SOs + 98.3 kJ/m ol
The author has selected a sensible heat storage system due to its relative simplicity o f design 
and moderate but acceptable performance levels. Over a 500-degree tem perature range, sensible 
heat thermal storage in graphite represents approximately 1.05 M J/kg. This is nearly on a par 
with phase change or thermochemical storage. W hile the la tter two modes offer the possibility 
o f very high energy densities (and very small receivers), they incur substantial difficulties. 
Phase change systems suffer from containment structure bursting and void formation [Kerslake, 
1993]. Thermochemical storage presents the problem of containment o f the separated products, 
as well as selection of appropriate catalysts for the reversible reactions of interest.
4.4.1 Thermal Storage Media
A material selection matrix (Table 4-2) provides insight into materials that m ight be used for a 
sensible heat storage receiver. Key factors include high specific heat, high melting point, low 
thermal expansion in the temperature range of interest, and high thermal conductivity. 
Thermal conductivities are typically given at or near 273.15 K (0 °C). Coefficients o f thermal 
expansion are given at the highest tem perature range for which data is available. The product 
pQTn, is provided as a useful figure of merit, as it represents a characterisic material energy 
density. Several high-temperature elements— both metallic and metalloid— are considered. In 
addition, a number of refractory ceramic materials are examined for potential use. M ost o f the 
data in Table 4-2 is drawn from [Lynch, 1966].
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Beryllia (BeO) offers high energy densities but is expensive, toxic when particles are inhaled 
during machining or grinding processes, and highly regulated due to its status as a known 
human carcinogen [Brush Wellman, 2002]. The refractory metals are relatively poor 
performers, despite their high densities and very high melting points; their low heat capacities 
make them weak candidates for thermal storage. O ther metals will provide less performance 
than those shown. Silicon, boron, and alumina (ALOg) all have melting points at or below the 
peak receiver temperature target of 2 ,5 0 0  K— thus, while they remain potential candidates for 
use at lower temperatures, or for systems incorporating phase change storage, they do not 
appear to be useful for the application at hand.
O f the remaining materials, graphite (C) is the least expensive, easy to machine, and available 
from a number of sources both in the UK and overseas. The US Air Force’s ISUS program  
selected a coated graphite cavity for its recent ground testing at Edwards Air Force Base and 
the NASA Glenn Research Center [W esterm an, 1 9 9 8 ] . The primary drawback to graphite is 
its potential for reactivity with propellants o f interest at high temperatures— in this case, 
ammonia, hydrazine, or water. A non-reactive coating (e.g., ISUS selected a rhenium coat) 
potentially serves as an effective propellant barrier, but adds questions of differential thermal 
expansion and cracking of the coating during thermal cycling, as well as the selection of a 
reliable coating method (of which there are a number to choose from, including sputtering, 
thermal spray, ion plating, and chemical vapor deposition, or CVD). [Pierson, 1 9 9 6 ]
c 2,100 2,091 ' 3,923 24 2 17.2
B 2,350 2,930 " 2,348 0.7-1.9 7 16.9
Si 2,330 963 1,685 156 4 3.8
B.C 2,520 2,511“ 2,700 30 6 17.1
BN 2,270 1,988“ 3,273 17 0“ 14.8
BeO 3,008 2,428“ 3,010 207 13.5 22.0
ALO, 3,980 1,360‘‘ 2,322 33 11.9 12.6
SiC 3,210 1,465“ 2,818 173 5.4 13.3
W 19,300 134 ^ 3,643 163 4.4 9.4
Re 21,030 150 « 3,453 40 6.7 10.9
Mo 10,022 255 2,890 138 6.5 7.4
“ At 2000 K.
'' At 1367 K.
" Hot-pressed BN [Pierson, 1996]. 
•* At 1644 K.
“At 1922 K.
' Over the range 293-393 K.
«At 1273 K.
Table 4-2 Properties of Potential Thermal Storage Materials 
[Lienhard, 1987][Lynch, 1966][Pierson, 1996] [MatWeb, 2002]
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Boron carbide (B4C) has a very high heat capacity at temperature, nearly 20% greater than 
graphite at 2,000 K, reactivity concerns similar to that of graphite, and extremely high hardness 
(with concomitant difficulties in m a c h in in g ) . :^  B^C's high heat capacity makes it an extremely 
attractive thermal storage medium, if it can be isolated from the propellant stream. Lawrence 
[1998] experimented with unprotected B4C particles in a fixed bed for heat transfer to water 
propellant; the B4C reacted with the water to produce a slurry of boric oxide (B2O3).
Boron nitride (BN) is another high-tem perature capable, high-specific heat material (roughly 
that of graphite) which could be used for either therm al storage or for containment. Hexagonal 
BN is an electrical insulator with a structure very similar to graphite, but with greater oxidation 
resistance. [Lynch, 1966] It is also resistant to chemical attack by nitrogenous and 
hydrogenous compounds (i.e., ammonia, hydrazine) at very high temperatures— making it a 
useful choice for coatings or receiver structure.^^ The material is soft and easily machined. 
Cubic BN, which is produced via high-pressure, high-tem perature treatm ent o f hexagonal BN, is 
structurally similar to diamond and extremely expensive.
Silicon carbide (SiC) is characterized by moderate specific heat at 2,000  K, good oxidation 
resistance, and significant industrial acceptance (as an abrasive). W ith its excellent stiffness-to- 
density ratio and high thermal conductivity, SiC has been proposed for use onboard ESA’s 
Herschel space telescope, as the substrate material for the prim ary mirror. [Safa, 1997] As it is 
readily attacked by nitrogen above 1670 K, it would—like B4C— necessitate a material barrier 
(BN, for example) in order to consider it for long-term  use in an atmosphere of high- 
temperature ammonia or hydrazine decomposition products. [Lynch, 1966]
Based on these factors, the author has selected B4C as the primary thermal storage medium— its 
high heat capacity at peak temperatures permits the design of a relatively small receiver 
subsystem. Carbon and silicon carbide are possible alternatives, although neither matches boron 
carbide’s energy density. The B4C will be separated from the incoming propellant by a BN 
barrier. In the baseline receiver case, this will require either (l)  small boron carbide particles to 
be coated with a layer BN, or (2) a monolithic boron carbide structure to be overlaid with a BN 
coat. The B4C/BN  particle container or “can” will be hot-pressed BN, known for its low (near­
zero) coefficient o f thermal expansion An alternate plan‘d® would be to remove BtC from the 
design altogether, substituting BN as the thermal storage medium. Due to BN’s lower heat 
capacity, this substitution would require a slightly larger receiver, but would remove any 
possibility of ammonia or hydrazine product degradation of B4C elements.
Only cubic boron nitride (BN) and diamond are harder.
BN is stable in nitrogen to 2673 K. [American Ceramic Society, 1994]
The use of low-CTE, hot-pressed BN for the receiver structure will minimize thermal “walk” by the 
receiver with respect to the concentrator mirror.
■'* In the event that BN coating provides unacceptable performance.
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4 . 4 .2  Insulation
Very high-temperature, low therm al conductivity materials are required to insulate the hot 
(2,000-2,500 K) receiver prior to firing. A t these temperatures, radiative losses are quite 
substantial; an uninsulated 10 cm (length) by 10 cm (radius) cylinder at 2,000 K radiates
approximately 114 kW  to a uniform 290 K background, according to [Lienhard, 1987]:
Q = A £ a (T ,* -T /)  ( 4 - 1 7 )
W here Q  is the radiative heat loss in watts, s  is the cylinder’s effective emissivity (here taken to 
be equal to l), cris Boltzmann’s constant (5.6697 x  10-» W/m^-K^), and T, and Ts represent the 
cylinder and “cold space” temperatures, respectively. In order to maintain this cylinder at 2,000 
K, the radiative loss would have to be countered by an equivalent solar input; in near-Earth 
space, this would necessitate the use of a large solar concentrator, nearly 85 m^ in area.
At an external surface temperature o f 400 K, this same cylinder sheds only 130 W — this loss can 
be countered by a relatively small amount o f incident sunlight, roughly equivalent to a tenth of a 
square meter. One can estimate the needed therm al conductivity (It, W /m -K ) o f an insulation 
package for a hot receiver by assuming one-dimensional, steady radial conduction through a 
thick-walled cylinder [Lienhard, 1987]:
^  _  27rklAT
% “  (4-18)
In
For an internal radius (r,) of 7 cm, maximum heat dissipation of 130 W  and a temperature 
difference of roughly 1,600 K, the cylinder’s required A can be calculated to be < 0.072 W /m -K . 
W hile certainly low, this figure falls w ithin the realm of a number of high temperature 
insulation materials, including various ceramic fibers and powders. Current Space Shuttle tiles 
are composed primarily of silica (SiOa) fibers and intended for thermal protection during vehicle 
re-entry.[NASA Spaceflight, 2001] Advanced alternatives, such as NASA Ames’ AETB-12 
tiles, are composed of silica, alumina, and aluminoborosilicate fibers, useable to 1800 K and 
offering k values of 0.06 W /m -K. [NASA, 2001] The U.S. Air Force Research Laboratory’s 
Solar Orbit Transfer Vehicle (SOTV) is considering the use of graphite felt and tungsten 
multilayer insulation to shield its cavity, a large graphite monolith. [Partch, 1999] O ther high 
temperature options include zirconia (ZrOg) foam— with thermal conductivities on the order o f 
0.1-0.2 W /m -K  [Lynch, 1966]. U ltram et [2002], a California-based materials vendor, indicates 
that zirconia foam offers Shuttle tile insulative capability at “...1,000 °F [560 K] higher 
operating temperature.”
T he author selected a jacketed insulation package composed of (l)  a zirconia inner shell, for 
high-temperature use (near peak receiver temperatures o f 2,500 K), and (2) an alumina- or
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alumina/silica fiber outer shell, with reduced temperature capability but improved (lower) 
thermal conductivity. This was eventually replaced with a simpler, machinable graphite foam 
package with higher thermal conductivity.
4 .4 .3  Sizing Considerations
Appendix B provides details o f the microscale solar thermal engine’s specific impulse, thrust, 
charging time, and firing duration requirements for three missions (GTO-to-GEO, G TO-to- 
Near Escape, and LEO orbit raising). These figures were translated directly into requirements 
for peak receiver temperature, energy storage, and maximum heat dissipation.
The first (derived) figure of merit is total impulse per orbit, which, for constant thrust systems, 
is simply thrust multiplied by burn time. Table 4-3 provides total per-orbit impulse and related 
threshold requirements for the three missions of interest.
Coupled with minimum acceptable specific impulse (350 s.), the per-orbit impulse permits an 
estimate of thermal storage receiver size. The je t power (P) of the solar thermal engine is:
^  =  ( 4 - 1 9 )
Here, T  is thrust and % is the propellant exit velocity. The product of power and burn time 
provides an estimate of the total energy removed from the receiver during each burn. This 
calculation actually overpredicts the removed power, since the incoming propellant has 
substantial initial energy even at its storage temperature (ammonia and water at 300 K, or 
hydrazine decomposition products at 863 K). Higher inlet temperatures are clearly desirable; a 
substantial portion of the heating of hydrazine products is performed via its decomposition, 
whereas incoming ammonia or water will have to be heated from ambient conditions— driving a 
requirement for greater receiver heat storage. Nevertheless, the simple calculation suggests 
that a mass of 1.63 kg of boron carbide provides 2,970 N-s of impulse at an Lp of 350 s ."
n ! n !
GTO-to- 0.15 4 5,000 750 1.29
GEO
GTO-to-Near 5.2 5 540 2,970 4.82
Escape 
LEO Orbit 1 2 428 428 0.73
Raising
Table 4-3 Threshold Requirements for Thermal Storage Cavity Receivers, from Appendix B.
■■ A ssum ing  an average  (equivalent) heat capacity  o f  1,805 .I/Ug-K, peak receiver and  p ro p e llan t in let 
tem p era tu res o f  2,500 K and 863 K, respectively . B,.C’s heat capacity  a t  low (room ) tem p era tu re s  (300 K) 
is ro u g h ly  800 .J/kg-K , [L y n ch , 1966] ris in g  asym pto tica lly  to  2,400 .J/kg-K  a t 2,500 K. T h e  a u th o r ’s 
firin g  sim ulation  p ro g ram  indicates th a t ju s t  l .I 5  kg  is needed to  heat hydrazine  decom position  p ro d u c ts  
from  863 K to receiver tem p era tu re  and achieve th e  th re sh o ld  A requ irem en t.
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Substituting boron nitride for B4C would raise the therm al storage mass required to 1.9 kg.^s 
H igher heat capacities lead to smaller receiver masses, smaller volumetric displacements, and 
smaller overall receiver surface areas, lowering radiative losses and allowing higher peak 
temperatures to be reached. Equivalent heat capacities were calculated by finding the average 
value of heat capacity values at 100 K intervals across the temperature range of interest.
4.4.4 Selection of a Heat Transfer Mode
The solar thermal receiver is intended to efficiently transfer— via convection— heat from a 
therm al storage medium (e.g., boron carbide, graphite, or boron nitride) to a gaseous-phase 
propellant. The simplest approach would be a set o f single-pass channels through a monolithic 
block of the thermal storage material; multiple passes complicates plumbing and requires 
additional plena to contain propellant. Lawrence [ 1 9 9 8 ]  examined various approaches for 
nitrous oxide and water resistojets and concluded that packed, fixed beds of small 
(submillimeter) particles offer high-efficiency heat transfer (due to high surface area) combined 
with simplicity o f construction, providing significant advantage over channels or tubes."^® 
Packed beds are immune to thermal shock and expansion difficulties that monolithic structures 
encounter; any stresses generated in the bed material are alleviated locally. Such beds do have 
disadvantages, including relatively high pressure drops (due to high frictional losses), and 
channelling (preferential flow through sections of the bed, resulting in inefficient heat transfer). 
T he need for maximal heat transfer has led the author to select a packed bed for the baseline.^»
There are multiple correlations available for particle bed heat transfer. Lawrence [ 1 9 9 8 ]  
provides the Achenbach correlation:
I - J  rRe. Y
N u r,  = -------- T 6 2 2 9 2 6 +  6 .4 4 6 0 3  XIO
■D.
Here, heat transfer is related to the bed porosity (void volume/bed volume) £  and the 
characteristic Nusselt number (iVwDp),®' where Nu is defined as:
SIC has a Cp of 670 J/kg-K at 300 K, 1,465 J/kg-K at 1,922 K [Lynch, 1966]. The author assumes an 
average or equivalent Cp of 1,347 J/kg-K.
Reticulated foams—randomly connected open cells inside a material matrix—are another high 
efficiency heat transfer option which has been examined for numerous applications, including fuel cells 
[Haack] and high temperature insulation [Ultramet, 2002].
The author has computed the heat transfer coefficient for a monolithic block-and-channel configuration 
with hydrazine decomposition product propellant at high pressure. The value—assuming 100 1-mm bore 
channels—is -2,000 W/m--K. While this is on the order of the figures obtained for packed bed 
coefficients, the relative area for heat transfer (pipe wall vs. particle surfaces) in channel flow is 
substantially smaller.
The Nusselt number is a non-dimensional grouping which is inversely proportional to the thickness of 
the thermal boundary layer near a convectively-cooled (or heated) body of interest [Lienhard, 1986].
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~ ~ k ~  (4-21)
In this formulation, the Nusselt number (based on a characteristic length, which in this instance 
is the average particle diameter) is computed from the product o f the bed heat transfer 
coefficient h, the average particle diameter Dp, and the bed material thermal conductivity k. The 
correlation itself is an empirical one, related to the flow Reynolds number:
Re„ (4-22)
W here Us is the flow superficial velocity, or the velocity o f the flow in the absence o f the particle 
bed. Dynamic viscosity, or p, represents viscous forces. Small values indicate the dominance of 
viscous forces, and the presence of laminar (non-turbulent, non-mixing) flow regimes. This 
correlation also includes reference to the flow Prandtl number:
?■■ = —  (4-23)
This relation also includes p, as well as the fluid’s specific heat, Cp. This correlation provides an 
estimate of the bed/fluid heat transfer coefficient k  via empirical calculation of the Nusselt 
number. The figure for k  can then be used to determine heat transfer via [Lienhard, 1987]:
Q  = kA(Tb — Tp) (4-24)
Throughout the duration of a firing, the receiver will lose heat through convective processes to 
the propellant. Propellant exit temperature, and therefore instantaneous specific impulse, will 
fall in line with the receiver temperature. Eventually, the receiver body will fall to the 
propellant inlet temperature, and will no longer transfer heat to the propellant. T he effective 
specific impulse of the solar thermal engine will be the time-averaged specific impulse through 
the course of the firing. This effective Lp m ust exceed the minimum (threshold) requirem ent of 
350 s. to be considered fully successful.
To aid the process of preliminary design, author has constructed a simple Visual Basic 
simulation of a particle bed cavity heat exchanger. In this simulation, the particle bed is divided 
into thin slices and an energy balance performed on each slice (and each element of propellant) at 
each time step. Convective heat transfer between slice and propellant slug is calculated for a 
given time step,®- and a new temperature distribution (gas and bed) determined. Radiative and
Other values in this equation include the flow Reynolds’ number (Re), also based on particle diameter, 
which indicates the relative magnitude of inertial forces to viscous forces within a fluid, and the flow 
Prandtl number (Pr), which indicates the relative magnitude of thermal and viscous boundary layers. Pr 
is roughly on the order of unity for gases—0.67 for diatomic gases, specifically.
In this case, using the Whitaker correlation, an alternative (but similar) formulation to Achenbach:
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conductive losses are neglected for purposes of the simulation but could be included; the primary 
heat transfer mechanism— for short durations— is convective, between bed and propellant. The 
user may select a number of bed and propellant characteristics, including bed and propellant 
densities, thermal conductivities, specific heats, and bed dimensions. An initial bed temperature 
and propellant inlet temperature are also determined prior to starting the simulation. Finally, 
the user must select a time constant for the simulation; this value must be sufficiently small to 
permit the linearized form of the heat transfer equation to return valid results. Too large a time 
constant will cause the solution to oscillate or diverge.*^
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Figure 4-19 Gas exit temperature vs. time, 750 N-s cavity receiver, 150 mN thrust, 5,000 second 
burn time. This sequence of curves represents four cavity receivers with fixed bed radii (5.5 cm) 
but varying bed lengths (and thermal masses).
Figure 4-19 illustrates the performance of various receiver configurations for the G TO-to-GEO 
mission. This mission requires a nominal per-orbit impulse of 750 N-s, equivalent to a constant 
150-mN thrust level over 5,000 seconds. All cases are identical save for bed length. The 
longest (lO-cm) bed provides an average /,/. of 401 s, nearly the ideal value for this propellant
+ 0.2(rc ^^  )Pr 4-25)
T h is  co rre la tion  is taken from  K reith  and Bohn [1997]. O th ers  include U padhyay  {K reith, 1997] and 
K un ii/L evensp ie l [R hodes , 20 0 1 ], M o st o f these co rre la tio n s p rov ide  regim es o f  applicability , in te rm s o f 
th e  flow R eyno lds’ num ber. T h is  m u st be considered  w hen a tte m p tin g  to  sim u la te  a given bed g eo m etry  
and p ropellan t type.
T h e  a lg o rith m  (P artic le  Bed H eat T ran sfe r, o r PB H T ) is re la tive ly  sim ple. It de te rm in es th e  en erg y  
and tem p era tu re  profiles o f  th e  bed and re s id en t p ro p e llan t a t tim e t d t from  values know n a t tim e i\ 
thu s, th e  code is exp licit and  subject to  instab ility . W h ile  im plicit m ethods could be used to  c rea te  an 
in h eren tly  stab le  a lgo rith m , th is was n o t deem ed necessary.
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(decomposed N^Hi.) and initial bed temperature. As the bed length is reduced to smaller and 
smaller values, the total amount of thermal energy resident in the bed declines. The very high 
values of h (on the order of several hundred W /m^-K for this configuration) drive the gas to 
near-bed temperatures after traversing only a fraction of the bed; the exit end of the bed (and gas 
exit temperature) thus remains near its peak for a substantial fraction of the burn time, for long 
bed lengths. At 2.5 cm, however, the bed configuration produces an average U o f only 301 s—  
fully half of the burn is spent at the minimum (gas inlet) temperature of 863 K. The 5-cm 
configuration produces an average U of 355 s.
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Figure 4-20 Gas exit temperature vs. time, 2,808 N-s cavity receiver, 3 N thrust, 936- second burn 
time. This sequence of curves represents the performance of particle beds having fixed bed 
lengths (5 cm) but varying radii and, therefore, varying thermal mass.
Figure 4-20 and Figure 4-21 provide similar information for large (2,808 N-s) and “micro” (428 
N-s) impulse cavity receiver configurations. These are sized to fulfil (l) a GTO-to-Near-Escape 
role, and (2) a LEO orbit-raising role, as per the stated requirements in Appendix B. The 
sensitivity of large cavity gas exit temperature to changes in bed radius is explored in Figure 4- 
20. The top curve represents the largest radius— 7 cm— while the bottom curve represents the 
performance of a bed radius of 4 cm. Average specific impulse (for a nominal 936-second burn) 
range between 305 s. (4 cm) and 397 s. (7 cm). The design point radius (5.5 cm) provides an 
average U of 359 s. In Figure 4-21, the 428 N-s receiver performance is provided for 2,500 K
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and 1,950 K peak temperatures, corresponding to average It. figures of 361 s and 325 s, 
respectively.*'-
2 4 5 0
2,500  K s ta r tin glad 2250 
bh
^  2050 
d, 1850
m p era tu re
B
^  1650
1,950 K s ta rtin g
d 1 4 5 0  
Q  1 2 5 0
1 0 5 0
8 5 0
0 100 200 3 0 0 5004 0 0
tim e (s.)
Figure 4-21 Gas exit temperature vs. time, 428 N-s cavity receiver, 1 N thrust, 428- second burn 
time. This receiver’s thermal storage mass is 712 g (boron carbide).
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Figure 4-22 Cavity “hot wall” temperature vs. time, 2,760 N-s cavity receiver, fixed insolation of 
333 W. The three curves represent a range of possible insulation package thermal conductivities.
Note that the performance level of this receiver, at a peak operating temperature of 1,950 K, is 
somewhat below the threshold value of 350 s., specified in Appendix B.
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Figure 4-23 Cavity “hot wall” temperature vs. time, 2,808 N -s cavity receiver, 3 N thrust, 
936- second burn time. Insolation values o f 333 to 533 W  are shown.
Figure 4-22 shows the impact of exterior insulation on achievable receiver temperature, utilizing 
the CHUPS (Cavity HeatUP Sequence) code. CHUPS is a combined radiative/conductive heat 
transfer model, constructed by the author and applicable to cylindrical heat exchangers. The 
user inputs receiver geometry and material data, as well as simulation constraints and external 
data (e.g., insolation, rejection temperatures for radiative surfaces). The program  output 
provides some insight into the duration of the heatup, or charging, sequence prior to firing.*'^ 
Output from this preliminary effort with the CHUPS code will be compared to similar output 
from W inTherm, a commercial thermal modeller obtained by the author, and M STISM  
(Microscale Solar Therm al Integrated System Model), devised by the author, in Chapter S.*® 
After seven hours of direct insolation, a receiver containing insulation having the lowest thermal 
conductivity {k, 0.01 W /m -K , top curve) reaches a peak temperature of 2,500 K. Increasing k to 
0.05 decreases this maximum to 2,365 K. A further increase (to 0.2 W /m -K ) constrains the 
receiver from getting much higher than 2,000 K.
Figure 4-23 illustrates the effect of insolation on the large (GTO-to-Near-Escape) cavity. A 
larger insolation (i.e., larger concentrator input) can substantially reduce charging time; at 533 
W — 60% more than the nominal (default) figure of 333 W — charging time (ambient to 2,500 K) 
is reduced to 7 hours. A "hot start,” or charge from 863 K to 2,500 K, requires 6.2 hours.*'
*•’ Charging times are constrained in Appendix B to threshold values of 4 hours (GTO-to-GEO), 5 hours 
(GTO-to-Near Escape), and 2 hours (LEO Orbit Raising), respectively.
CHUPS and WinTherm output generally agree, but underpredict the amount of incident power 
required to achieve a given peak temperature. MSTISM and test results agree well. See Chapters 5 and 6.
This is approximately one hour longer than the requirement in Appendix B. At an optical efficiency of 
0.8, a 533-W input requires a mirror with nearly half a square meter of intercepted surface area, or a
8 8
Solar Thermal Propulsion fo r  Microsatellite Manoeuvring
Similar analyses can be performed for the small (750 N-s) and “micro” (428 N-s) cavities (Figure 
4-24, Figure 4-25). The small, G TO-to-G EO  capable receiver reaches 2,500 K from ambient in 
3 hrs., 20 min., with an insolation of 333 W . Its hot-start recharge time is 3 hrs., 5 min. At 275 
W, these figure rise to over 5 14 hours (ambient-to-2,500 K) and 5 hrs., 5 min. (hot-start). At 
200 W, insolation is insufficient to allow the peak temperature to be reached for any charging 
duration.
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0 3600 7200 10800 14400 18000 21600 25200 28800 32400
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Figure 4 -2 4  Cavity “hot wall” temperature vs. time, 7 50  N-s cavity receiver, 150 mN thrust, 5 ,0 0 0 -  
second burn time. Three levels of insolation (200 , 2 75 , and 333  W) are shown.
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Figure 4 -2 5  Cavity “hot wall” temperature vs. time, 4 2 8  N-s cavity receiver, 1 N thrust, 4 2 8 -  
second burn time. The four curves represent insolation levels of between 100 and 30 0  W.
diameter of 79 cm. This is larger than the Ariane 5 ASAP footprint of 60 cm x 60 cm, and would either 
require a waiver or necessitate folding of the structure (which would be clearly undesirable).
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The micro receiver’s charging performance (Figure 4-25) is shown with insolation figures of 100 
(lower curve), 200, 250, and 300 W  (upper curve). At the minimum solar input level of 100 W, 
CHUPS indicates that the receiver hot wall could reach 2,000 K after 3 14 hours.** At 250  W, 
the receiver is predicted to reach 2,500  K, but only after almost 5 hours. The receiver “hot sta rt” 
capability at 250  W  input is still over 5 hours. If the peak temperature requirement is relaxed to 
2,000 K, charging time (ambient to 2,000 K) performance improves substantially: 3 14 hours at 
100 W, and slightly more than an hour, at 300  W.
As will be shown in the next chapters, the relatively simple PBHT and CHUPS codes used for 
the preliminary design phase provided an overly optimistic assessment of incident power 
required to achieve a specific performance plateau (i.e., peak external cavity temperature). For 
example, the simple PBHT code used here assumed no radiative losses from the cavity receiver 
during firing, although such losses are shown to be significant in Chapters 5 and 6. The 
CHUPS code, a one-dimensional coupled conduction/radiation model, accounts for only part of 
the radiative losses in the receiver and uses an oversimplified model for heat transfer between 
receiver and insulation s lic e s .C H U P S  therefore does not properly account for cylindrical 
geometry, and, for a fixed input power, overpredicts peak cavity temperature. This 
overprediction results in a preliminary estimate for required m irror diameter that is low by a 
factor of approximately 2 (Table 4-4). T he detailed design (Chapter 5) addresses these issues.
GTO-to-
GEO
0.15 750 5,000 1,002 333 /  63 3.1 /  2,501
GTO-to-Near
Escape
3.0 2,808 936 2,745 533 /  79 5.4 /  2,408"
LEO Orbit 1 428 428 
Raising
Decreased below 2,500 K to reduce charging time.
712 100 /  34 2.7 /  1,957
Table 4-4 Preliminary STE design points, with estimated concentrator size (assuming single 
mirrors and an optical efficiency of 0.8), “hot-start” charging times, and calculated peak
temperatures achievable.
The table above summarizes the key performance parameters of the micro, small, and large solar 
thermal engine model baseline. These parameters were used to construct preliminary solid 
models of the system components, intended to throw light on potential fabrication problems, 
joining and sealing, and satellite vehicle compatibility issues. The baseline design for the
** Following the same procedure as above, at an optical efficiency of 0.8, a IGO-W  input will require O.O.O 
m- of surface area—a mirror of 34 cm diameter.
utilising the thermal resistance of a plane wall [LlkA] in place of that for a cylinder {In R/ünkl). Here, R 
= >"o /  where r„ is the slice’s outer radius and r, the inner radius.
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receiver assumes a boron nitride-coated boron carbide particle bed contained within a boron 
nitride can (in orange, Figure 4-26). Zirconia spacers separate the can from the insulation 
package, which is composed of zirconia foam (inner shell) and silica/alumina fibre (outer shell). 
The cavity would be sleeved with boron carbide to maximize absorptivity.
428 N-s cavity receiver, insulation  
package and fore plenum removed to 
show fore injector detail.
428 N-s cavity receiver, view selected  
to reveal details o f  the insulation  
package’s construction.
Figure 4-26 428 N-s cavity receiver details.
Figure 4-26  and Figure 4-27  illustrate details of the “micro” receiver’s construction. The aft end 
or cavity plug (yellow) will be machined to remove a conical section, reducing direct re-radiation 
of near-paraxial light impinging on the aft section of the cavity. There are two identical 
“injector plates,” each with several hundred countersunk holes with diameters of 2 mm 
(countersink) and 0.2 mm (hole). The final diameter is slightly less than half the diameter of the 
selected bed particles (500 pm), allowing for particle retention. The aft plenum couples to a 
200:1 area ratio nozzle— protruding several centimetres beyond the aft insulation face. As will 
he seen in the next chapter, this nozzle configuration, while plausible, represents a significant 
source of radiative loss during heatup.
The insulation package is a four-piece assembly with dowel-and-hole construction for ease of 
alignment. In the case of the micro cavity, this insulation is uniformly 16.5 mm thick,")" save 
only at the nozzle exit plane and near the cavity aperture. A single propellant feed line (not 
visible in the cutaway figures above) is routed through a hole in the fore insulation cap and 
through the fore plenum.
6.5 m in o f  Z rO j, 10 m m  o f  alum ina fiber.
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The receiver structure is essentially an amalgam of ceramic materials, primarily BN and B4C. 
The only metal items to be included are (l) the propellant feed line into the fore insulation cap, 
which will be a high-temperature metal (W, Re, or Mo are likely choices), and (2) the mounting 
structure— not shown here— which will clamp to the exterior surface of the insulation package. 
Aluminium alloy (e.g., T 6061 ), equivalent to that used in the concentrator substrate, was 
baselined.
Figure 4-27 Fully assembled cutaway views of the 428 N-s cavity receiver, 5 cm outer radius, 8.9
cm insulation fitting length.
There are four options available to the ceramicist for joining ceramic items [Schwartz, 1990]. 
These include mechanical methods (bolts, screws, tie-downs, or other fasteners), brazing, 
welding, and sealant bonding. Mechanical bonding was initially dismissed as the least likely 
approach for achieving a hermetic seal between ceramic/ceramic and ceramic/metal interfaces.'” 
Sealants (e.g., cements) were seen to provide relatively low strength bonds at low temperatures 
(< 1,430 °C), but only a very few were rated to survive the high peak temperatures needed in the 
cavity receiver. Refractory metal alloy brazing showed the greatest promise for strong, 
hermetic joints. This led to a series of bonding trials, discussed in detail in Chapter 6 .')'^
4.5 Propellant Feed System D esign
Before embarking on a detailed description of the propellant storage and feed system, it is first 
necessary to revisit the issue of propellant selection. Unlike the vast majority of rocket 
propulsion systems in use today, solar thermal propulsion system does not rely on conventional 
chemical reactions to produce high-temperature exhaust. A low-molecular weight
Note that there are cases— such as the fitting together of insulation package elements— which lends 
itself to mechanical bonding.
Ceramics (such as BN or SiC) that sublime, rather than melt, are not candidates for welding. [Schwartz, 
1990] The number of very high temperature brazing systems is extremely limited [REMBAR, 20 0 2 ].
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monopropellant is heated to very high temperature within the STP engine’s receiver and is 
exhausted to produce th rust at high specific impulse. The ubiquitous choice has long been 
hydrogen (Ha), due to its low molecular weight and potential for high specific impulse— perhaps 
as high as 1,000 s. Earlier in this chapter, the author indicated that Ha is not a candidate for use, 
owing to specific storage concerns (i.e., cryogenic storage temperatures) and volumetric 
constraints it imposes on a small satellite.®* This will also be true of helium (which has a lower 
boiling point than Ha) and methane (CH^ .®^ , which boils at 112 K at 1 bar [CGA, 1966]). 
Liquefied petroleum gases (e.g., butane, C4H 10; propane, CgHg; propylene, CgHe; and various 
butylenes) all have specific gravities on the order o f 0 .6, relative to water— approximately that of 
ammonia. Unlike ammonia, however, these hydrocarbons will evolve hydrogen gas and carbon 
particulate upon decomposition— a phenomenon that can coat and eventually block flow 
passages (or the engine throat) and which is clearly something to be avoided.
Nitrous oxide (N2O), a propellant option with some history at Surrey, will decompose to Ng and 
O2 above 793 K [Zakirov, 2001]. Its storage density®* of 785 kg/m* is higher than the 
hydrocarbons and ammonia, but lower than water, hydrazine, and hydrogen peroxide. Its 
relatively poor performance {Isp = 206 s. at its adiabatic flame temperature of 1,913 K) is due to 
the high molecular weight o f its decomposition products. This, in addition to the large amount 
o f free oxygen evolved— which is likely to corrode most materials at the STP engine’s operating 
temperature— does not recommend N 2O. W hile certain coatings (e.g., iridium) can mitigate the 
erosive effects of oxygen [U ltram et, 2002], propellants with no oxygen content are desired.
Other room-temperature storable, low-molecular weight liquids include water, ammonia, 
hydrogen peroxide, and hydrazine. Like N2O, hydrogen peroxide suffers from the high average 
molecular weight o f its exhaust products (HgO and O2 [Clark, 1972]), as well as its oxygen 
content and potential for engine material corrosion. W ater is an extremely stable molecule with 
moderate molecular weight (18 g/m ol) and high storage density at room tem perature— 1,000 
kg/m*. It offers the possibility of high specific impulse (372 s. at 2,500 K), and decomposes via 
the following reaction [Humble, 1995]:
2 H.O (g) 2fL (g) + O. (g) + 483,860 J
®* Recall that liquid Hv’s density is approximately 71 kg/m*.
®) Methane—for terrestrial use—is typically stored in cylinders as a non-liquefied compressed gas at 
pressures of 2,000 psi (136 bar) at 294 K (21 degrees C). Methane has a specific gravity, relative to air 
( 1.21 kg/m* at sea level), of 0.53491 at 289 K (16 degrees C) and 1 bar [CGA, 1966]. Given perfect gas 
behavior, this permits storage densities on the order of (2000/14.7) x 1.21 kg/m* = 160 kg/m*, more than 
a factor of two better than liquid hydrogen but only 16% that of liquid water.
»■'> At 293 K (20  degrees C) and 50 bar [CGA, 1966].
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Catalysis or very high temperatures are required to allow this highly endothermie reaction to 
proceed.®* In the presence of most materials, however, water is highly corrosive at temperatures 
o f interest. Katscher [1986] indicates the following reaction is responsible for erosion of 
graphite in certain “high”-tem perature (950-1,200 K) nuclear reactor systems:
C + H ,0  (g) CO (g) + H. (g) + 131,000 J
This would clearly present a problem in an uncoated graphite receiver. An oxidation-resistant 
coating would be required. Similarly, Lawrence [1998] found that uncoated boron carbide 
particles and water propellant proved incompatible, at temperatures above 570 K. Boric oxide is 
produced, along with other products, according to Fujii [1991]:
BfC + 6H ,0  -> 2 B 2O3 + 6 H 2 + C
Despite its touted oxidation resistance [Lynch, 1966], boron nitride— the selected prim ary 
receiver material— is likely to encounter similar boric oxide formation [Pierson, 1996] at 
sufficiently elevated temperatures in steam. In general, water is a highly corrosive molecule that 
is likely to erode most of the substances deemed useful for receiver structure or therm al storage. 
A refractory metal, metal oxide, or specific metal carbide (e.g., HfC, ZrC [U ltram et, 2002]) 
coating would be required to permit the use of water. The author reserves the use of water as an 
alternate, but cannot baseline it due to the additional design constraints it imposes.
Ammonia (NHg), a low density liquefied gas (600 kg/m*), is stored under its own vapor pressure 
of 8 bar at 294 K (21 °C). This is highly advantageous from a design standpoint; no separate 
expulsion method (pressurant gas or pumping) is required to move the propellant from tank to 
receiver. It is nominally capable of achieving an ideal Isp o f 400 s, assuming no decomposition. 
However, ammonia decomposition is a fact o f life; state-of-the-art hydrazine thrusters are 
designed to maximize temperature (and therefore 7^ )^, given a known level o f ammonia 
decomposition in the th rust chamber [Humble, 1995]. Like water, ammonia decomposes to Ng 
and Ha endothermically, robbing the propellant flow of energy.
Ammonia (and its decomposition products) are compatible with the baseline receiver design. 
The primary structure (BN) and particle bed (BN-coated BtC) are resistant to hot hydrogen, hot 
ammonia, and hot nitrogen at high temperatures.®^ Lynch [1966] notes that BN, in hydrogen, 
“may be used effectively above 3,500 F [2,200 K ].” Due to its high-tem perature compatibility 
with the baseline design, and despite its relatively low D/^p (Table 3.0) ammonia is a strong 
contender aboard missions whose margins permits the use of a low-density propellant.
®“ Complete dissociation via thermal decomposition would require an enthalpy change of 13.4 MJ/kg. 
The corresponding temperature rise (assuming an average Cp of 2,500 J/kg-K [Lide, 1995]) is over 5,000 
K. The H2-O2 reaction’s adiabatic flame temperature (stoichiometric) is roughly 3,500 K. As the baseline 
system will not approach these temperatures, there is unlikely to be any significant water dissociation.
Further investigation will be required to determine the porosity of BN coatings and their effectiveness 
as barriers to various propellant components (e.g., H^O, Oo, No, Ho).
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Hydrazine (N2H4) is a common spacecraft propellant w ith a long heritage, used in both 
monopropellant systems (via decomposition) and bipropellant systems (with an oxidizer, 
typically nitrogen tetroxide, N2O4). It has a high storage density (1,004.5 kg/m*) but requires a 
pressurant for use. It is moderately toxic, has been declared a probable human carcinogen, and 
is flammable as well as shock-sensitive [ATSDR, 1997]. On its own, it is capable of 7^ figures 
approaching 230 s, but this is limited by ammonia decomposition [Humble, 1995]:
3 N 2H, 4NHa + M  - 336,280 J
4NH, 2  N 2 + 6 H 2 + 184,400 J
The first (exothermic) reaction produces ammonia and nitrogen gas with an adiabatic flame 
temperature of 1,650 K. The second (endothermie) reaction produces additional nitrogen in 
addition to hydrogen gas— this tends to lower the exhaust product temperature substantially 
[Hastings, 1990].®* The average molecular weight of the decomposed products (10.67 g/m ol) is 
slightly higher than that o f ammonia’s decomposed products (8.5 g/mol).
T he first reaction holds significant promise, however, for a method by which a solar thermal 
propulsion system could augment— in much the same way as an electrothermally augmented 
(ETA) hydrazine thruster®® augments— the chemical system’s base performance. The novelty in 
such an approach is the solar thermal engine’s much higher efficiency o f energy transmission, 
relative to its electrothermal cousin: Unlike the classical ETA  thruster, which suffers from solar 
cell efficiencies on the order of 14-35% [Larson, 1992][W ells, 2001], and additional 
transmission line, power conversion, and heater efficiencies (-75%  [Hastings, 1990]), the STP 
system offers direct solar energy input at very high efficiencies, perhaps approaching 80% or 
higher— assuming high-reflectance materials (r > 0.9), negligible contamination and shading 
effects, and reasonable pointing accuracies (< 0.1°). Solar therm al augmented (STA) hydrazine 
would raise the decomposed products (NH3, N2, and H2) to temperatures as high as 2,500 K, and 
specific impulses approaching 400 s. The author is not aware o f any previous proposals to use 
solar heating as a chemical propulsion augm entation system.'®"
®* Full decomposition of ammonia leads to an adiabatic flame temperature of 863 K.
®® Brown [1996] describes Intelsat V’s 414-W  electrothermal hydrazine thruster, which achieves a 
specific impulse of 295 s and a maximum heater temperature of slightly more than 2,200 K.
100 Pqj. comparison, Hastings [1990] provides an example ETA system for the U.S. DSCS III (Defense 
Satellite Communications System) satellite. For a supplied electrical input power of 1 kW and a desired 
Isp of 315 s, he shows:
 ^ (4-27)
Here, the ETA system’s thrust (7) is the product of the heater efficiency, T), the supplied electrical power, 
P, and the exhaust velocity tie (= ghp), divided by the per-mass augmentation power required, E, in 
M.I/kg. Hastings calculates a thrust figure of 813 mN. Assuming a solar cell conversion efficiency of 
14%, and no other losses, the required solar cell array area is over 5 m''. This system is clearly
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T h e  prim ary advantage o f  hydrazine over the other propellants under investigation  is its large, 
exotherm ic heat o f  decom position. W h ile  w ater and am m onia w ill enter the receiver at their 
storage tem peratures (300 K), hydrazine’s products w ill enter at rough ly  860 K. T h is  
tem perature difference (560 K) represents an additional 2.2 M J/kg'»' o f  en ergy  that is available 
for heating  propellant. T h is  is substantial; for a m icro receiver (428 N -s im pulse), the total per- 
burn propellant consum ption is approxim ately one-ten th  o f  a kilogram  and the total en ergy  
storage capacity on the order o f  1.5 MJ. T h e  “sav in gs” (0.22 MJ) is a substantial fraction—  
15%— o f the total capacity. T h is  can be seen in F igu re 4-28, in which the additional energy  
made available in the hydrazine case (burn average I^ p -  325 s) allow s it to rough ly  m atch  
am m onia’s perform ance (burn average I^ p =  329 s), desp ite hydrazine’s m olecular w e ig h t  
disadvantage. In actuality, am m onia decom position  (and resultant endotherm ie lo sses associated  
w ith  Ha and Nv form ation) w ill apply equally to the am m onia case, w hich m eans that the  
calculated Isp above is som ew hat h igher than w hat could be achieved in reality. T hus, the 
hydrazine case is likely  to  be superior.
900
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Figure 4-28 Gas exit temperature vs. time, 428 N-s receiver, 1 N thrust, 428- second burn time, 
1,950 K initial bed temperature. The two curves represent hydrazine decomposition product input 
at 863 K (top) and ammonia at 300 K (bottom). Ammonia’s performance does not account for 
endothermie losses associated with Ha and N. formation.
inapplicable to sm all sa te llites— they  are sim ply  too  p ow er-lim ited  (by v ir tu e  o f  volum e and surface area 
co n s tra in ts )  to  take  advan tag e  o f  th is capability . T h e  m icro STP cav ity  receiver (428 N-s) discussed  in th e  
p revious section provides a sim ilar (1,000 mN) th ru s t  level for a firin g  tim e o f  over 100 seconds. T h e  
receiver m ass is es tim ated  a t 500 grams; the  c o n c e n tra to r  (34 cm diam eter) will m ass ro u g h ly  2 kg. T h e  
system  should be able to  rep ea t its perfo rm ance after a 2 .7 -hour therm al c h a rg in g  period . No electrical 
pow er inpu t is required; th e  on ly  m ajor concessions to sa te llite  design  will be ( l )  re se rv in g  the  nad ir face 
for the  c o n cen tra to r  m irro r, and (2) th e  need to  p rov ide accu ra te  p o in tin g  for STP the rm al ch arg in g .
Assuming ammonia’s specific heat of 3,910 J/kg-K, at 1,500 K. Water at 1,500 K and 10 bar pressure 
has a somewhat lower specific heat, 2,618 J/kg-K. [Lide, 1995]
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On the basis of the above analysis, the author has selected hydrazine as the primary propellant 
for all missions under scrutiny. Its high density Lp, coupled with its long-standing heritage as a 
spacecraft propellant, offsets its well-known toxicity and handling problems. Furtherm ore, 
hydrazine’s decomposition offers the possibility for a significant boost in propellant inlet 
temperatures at the receiver, reducing the amount of energy required for storage in the cavity 
receiver. Ammonia, which offers higher specific impulse but demands greater storage volume, is 
an alternate choice which will also be useful as a ground test propellant— owing to its 
decomposition product similarity to hydrazine and simpler handling requirements. Nitrogen, 
hydrogen, or inert gases (Ar, He) may also be used during ground testing to dem onstrate 
receiver heat transfer and propellant feed system flow characteristics.
4.5.1 Propellant Feed System Configuration
Gas
Pressure
Transducer
Fill Drain
PM D
C ontrol Valve 1
Control Valve ‘i
Control Valve
Hydrazine Catalyst 
Bed
ST P  CaHty 
Receiver
Hydrazine 
Fill D rain
Figure 4-29 Schematic of feed system in blowdown mode.
For small spacecraft propulsion systems, simplicity and cost drive the selection of a specific feed 
system configuration. The two potential choices are (l) a blowdown (unregulated) system, and 
(2) a regulated system. The blowdown system consists of a single propellant tank shared by the 
propellant (i.e., hydrazine) and the pressurant (e.g.. He, N.i, or Hj). W hile simpler than the 
regulated system, feed pressure will fall as propellant is expelled from the tank. This will result 
in a decrease in thrust over time, thus complicating mission operations somewhat— a fixed-burn
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time firing will deliver smaller and smaller impulse bits as the mission progressesd°^ A 
regulated system uses a mechanical or computer-controlled regulator to deliver propellant to 
the engine at a fixed, predetermined pressure. This requires the addition of a pressurant tank 
(nominally pressurized to very high values, 200-340 bar [Brown, 1996]) and additional flow 
control devices and fittings. Propellant management devices or PM Ds (e.g., bellows, 
diaphragms, pistons, vanes, or wicking screens) are required to ensure separation o f liquid 
propellant from the gas pressurant during zero gravity operation. T he author has tentatively 
selected a rolling diaphragm positive expulsion device and a blowdown mode for the baseline 
propellant management system, based on Humble [1996]: The rolling diaphragm tends to be a 
low-mass, low-cost design.A representative blowdown system operating at a beginning of life 
(BOL) pressure of 350 psi (24 bar) and an end-of-life (EOL) pressure of 100 psi (6.8 bar) will 
allow the micro STP system to provide between 500 (EOL) and 1800 mN (BOL) of thrust, 
according to the standard equation for th rust (Equation 4-6) and:
P A
c*^  -  . (4-28)
Here, c* is the characteristic velocity'»^ of the propellant, which, in this case, is decomposed 
hydrazine; Pc is the chamber pressure, and At is the nozzle throat area [Humble, 1995]. For 
hydrazine decomposition products at 2,500 K, c* is approximately 2,100 m /s. T he micro 
engine’s design throat area. At, is 3.89 x 10 "^ m^ (corresponding to a radius of .35 mm). The 
author estimates that a spherical aluminium tank (30.75 cm outer diameter) with 1 mm sidewalls 
will mass 830 g and hold 11.75 kg'°^ of N2H4. This does not include structural attachments, 
propellant management devices, bosses, or fittings, which tend to significantly increase a tank’s 
mass. Humble [1995] notes that the addition of these items typically results in a tank mass of 
two to two-and-one-half times the tank shell mass (< 2.075 kg for this design). F igure 4-29 
illustrates a possible layout for this feed system.
The small (100 kg microsatellite, GTO-to-GEO, 1,761 m /s, burn-average Isp = 355 s) and large 
(100 kg. Near Escape, 1,770 m /s, burn average Isp = 359 s) engines require correspondingly 
larger tanks to accomplish their missions. W ith  a 10% margin and an equivalent blowdown 
r a t i o o f  3.5:1, these mission require 43.7 and 43.5 kg of hydrazine, respectively. Given SSTL’s 
enhanced microsatellite volumetric constraints (Appendix B, q.v.), multiple tanks will be 
required. Configurations (Figure 4-30) for a 43.7 kg propellant loading include (l) four
Alternately, a fixed-impulse scheme could be created in which burn times are increased over the 
duration of the mission.
The characteristic velocity is a function of chamber conditions and propellant only.
This is based on the LEO orbit raising mission (352 to 704 km), a cumulative delta-V requirement of 
193.6 m/s, a burn average U of 325 s. He fill gas at an initial pressure of 350 psi (24 bar), and includes a 
10% margin to cover ullage, trapped propellant volumes, and any contingency firing.
’ Blowdown ratio = BOL tank pressure /  EOL tank pressure.
9 8
Solar Thermal Propulsion for Microsatellite Manoeuvrinj^
spherical tanks in a cruciform configuration on a reserved platform (“propulsion shelf’) under 
the electronics s t a c k , e a c h  30 cm in diameter, massing 1.9 kg (4.75 kg with factor o f 2.5) in 
total and holding 10.93 kg of propellant each, (2) two hemispherical-capped cylindrical tanks on 
a propulsion shelf below the electronics stack, 28 cm x 55.6 cm, mounted transversely to the 
satellite +z axis, together massing 2.7 kg (6.75 kg with factor o f 2.5) and holding 21.85 kg of 
hydrazine each (3) six capped cylinders, mounted parallel to the satellite +z axis and around the 
electronics stack central “keep-out” zone, massing 4.96 kg (12.4 kg with factor o f 2.5) in total, 
holding 7.3 kg of propellant each, and measuring 13.75 cm x 68.3 cm. This last configuration 
adheres to the enhanced microsatellite internal volume (as well as the Ariane ASAP footprint) 
constraints, but its relatively high tankage mass detracts from its utility.
ii
(a) (b) (c)
Figure 4-30 Three possible propellant tank siting configurations for the SSTL enhanced 
microsatellite: (a) Spherical tanks in a cruciform configuration, (b) dual capped cylindrical tanks 
mounted transversely, and (c) six longitudinally mounted, capped cylinders. The view is along the
satellite’s z-axis (looking towards nadir).
4.6 Preliminary D esign Summary
The author has provided a detailed account of the preliminary design for a set of solar thermal 
propulsion systems (Figure 4-31), applied to the three mission classes described in Chapter 3. 
Specific requirements for these missions can be found in Appendix B. In most cases, the author
This configuration might not be achievable, given the 60 x 60 cm ASAP footprint.
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was able to meet the threshold requirements for I^ p and total impulse per f i r i n g . T h e r e  are 
several instances of shortfalls, discussed below.
The preliminary modelling suggested that system dry mass requirements could be met for the 
micro and small engine configurations. The large engine— at 19 kg— was found to be 
overweight as a result of its outsize metal mirror, which masses 10.5 kg. As the author has 
mentioned previously, simplifications in the preliminary receiver heating model show that even 
these relatively large m irrors would not be large enough to heat the three receiver types to 
operating temperature. Finding a means to resolve this dilemma became one of the principal 
tasks of the detailed design phase. W hile there are options available for decreasing this mass, 
the most commonly suggested alternatives, are also the most expensive.
X
S T P  small engine assembly, 12 kg, 63-cm  
concentrator. This system provides 150 
mN o f  thrust for up to 5,000 s (83 min.) 
at an average specific impulse o f  355 s, 
with hydrazine propellant.
Relative size o f micro (foreground, 
left), small (right), and large engine 
assemblies (background, left). 
Preliminary mass estim ates range from  
3 (micro engine) to 20 kg (large 
engine).
Figure 4-31 Solar thermal engine assembly layouts, preliminary design, single mirror approach.
A ganged mirror assembly, consisting of twenty 20-cm diameter paraboloidal dishes, provides a 
received power (at the cavity aperture) equivalent to a single 79-cm mirror. Co-alignment of 
individual mirrors would require either (l) all mirrors to be placed on a single mounting shelf, 
with pointing verified prior to launch, or (2) on-orbit alignment of each mirror, which is likely to 
be prohibitively expensive in terms of mass. An example of the ganged m irror concept is shown 
in Figure 4-2. Optical fibre runs would transm it the incident solar radiation to a single solar
T h ese  th ree  drive p ro p e llan t consum ption  (there fo re  volum e) and tran sfe r  tim es, the  key figures o f  
m erit. P e r-b u rn  to tal im pulse is a concatena tion  o f  th ru s t  and firin g  d u ra tion  req u irem en ts— w ith  lo n g e r 
firing  d u ra tio n s o ffse tting  decreased  th ru s t.
A a lighter-weight mirror solution (e.g., carbon-fiber reinforced polymers), would lower the areal 
density of the 79-cm mirror from its present 21.2 kg/m- to ~10 kg/in'- .^ This would reduce the mirror 
mass by more than 5 kg, reducing the system mass figure to 1,3.4 kg (below the threshold target of 15 kg).
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receiver, thus decoupling the receiver from the concentrator focus and allowing it to be placed 
anywhere on the spacecraft. Since a rigid, fixed 79-cm m irror is larger than the ASAP 
footprint— a key constraint— deployable shelves of 20-cm m irrors represent a plausible 
alternative that both saves mass (nearly 4 kilograms, in this instance) and permits stowage 
within the volumetric limitations of the most likely host launcher. W hile solar radiation 
transmission has been suggested for terrestrial applications and for space-based plant growth, 
the author is unaware of any previous suggestions to apply this technology to solar thermal 
propulsion.
Spacecraft internal volume presented difficulties— available propellant tank space is at a 
premium on SSTL’s microsatellites, and strict adherence to keep-out zones will require high- 
aspect ratio, inefficient tank configurations. Launch constraints— which determine maximum 
concentrator size and thus limit total solar input power for rigid, fixed m irror assemblies— are 
the greatest source of difficulty, as they drive thermal storage charging times to their thresholds 
and, in several cases, beyond. W hile maximum receiver temperatures can be lowered to reduce 
charging time, this adversely impacts specific impulse performance. Longer charging times have 
additional effects, including missed firing opportunities and longer transfer times. For example, 
the micro engine, sized to provide 428 N-s of impulse per firing, requires nearly three hours of 
charging and can only fire on every third pass.'*» This demands a 17-day transfer between 352 
and 704 km. The small engine, which provides 750 N-s of impulse per firing, is not constrained 
by its charging duration and should be capable of achieving a G TO-to-G EO  transfer in 117 
days— approximately 20% greater than the threshold requirement. The large (2,808 N-s) 
engine is tasked to perform more complicated manoeuvring: (l)  a lunar orbit insertion, and (2) a 
NEO flyby.
The flyby mission scenario includes 25 escape burns separated by three hours, and cannot be 
accomplished by the large engine (which requires over five hours to recharge). This is not likely 
to be critical for the flyby mission, however; additional wait time between firings at escape may 
require a slightly larger delta-V (as the majority of firings will be conducted farther from 
perigee), but the overall mission profile is not compromised. T he lunar capture mission is less 
forgiving. A low -thrust insertion at the moon requires multiple, closely spaced firings to perm it 
capture; the seven-burn insertion sequence (see Chapter 3) is unlikely to perm it a doubling of 
wait time between firings. To preserve the mission profile, charging time can be restricted to 
three hours for critical phases (TLl, LOI). This reduces maximum achievable receiver
The initial orbit’s (352 km circular) period is 92 minutes, of which 36 minutes is spent in eclipse. The 
remaining 56 minutes are available for thermal storage mass charging. Three consecutive charging 
periods—assuming minimal radiative loss in eclipse—are sufficient to permit a firing at design average 
specific impulse (325 s).
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temperature for affected manoeuvres to approximately 2,000 K (Fig. 3.30) and average Lp to 
roughly 325 s.i'°
"" Assuming performance similar to that of the micro engine, which also has a peak temperature of 2,000 
K and an average Lp of 325 s. This translates to an additional 1.6 kg of hydrazine propellant to balance the 
reduced specific impulse.
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Chapter 5
5 Integrated System M odelling and Detailed 
Design
5.1 Overview
This chapter begins with concentrator and receiver subsystem modelling using the validated, 
commercially available codes OSLO L T  (a ray-trace simulator for optical systems) and 
W inTherm  (a coupled-mode heat transfer simulator, utilised frequently in the automotive 
industry). A description of the author's Microscale Solar Thermal Integrated System Model 
(MSTISM), a system-level code intended to perm it detailed modelling and sensitivity analyses 
for detailed solar therm al engine design, follows the results o f proprietary code modelling. 
Finally, the author describes the process and outcome o f the detailed engine design activity, 
building on the preliminary design results obtained in Chapter 4. These designs were 
subsequently fabricated and tested, w ith results available in the next chapter.
5.2 Optical Performance M odelling with OSLO LT
The form, or surface slope error of a concentrating m irror determines its ultimate efficacy as a 
power transmission device. Small “hills” and “valleys,” no more than several tens o f  nanometres 
m height or depth, can significantly impact the performance of optical imaging elements. As 
noted in Chapter 4, telescopes and other imaging devices often quote a wavefront error o f 1 /4  
(equivalent to a surface form error of 1 /8). W hile solar concentration does not demand 
diffraction-limited optics and wavefront errors on the order of the wavelength o f light 
transm itted, poor m irror surface preparation can result in ray deviations, scattering, and low 
optical efficiencies. E theridge [1979] and Partch [1999] both detail pointing budgets that 
include m irror slope error requirements o f between 0.1° (1.7 milliradians, or mrad) and 0.5° (8.7 
mrad, integrated over the entire m irror surface). O ther budget elements include pointing errors, 
discussed in Chapter 4.
From geometrical principles, one can estimate the maximum local slope error that will still 
permit an incident ray to be received by an aperture of fixed radius r„. A centreline ray (one 
emanating from the centre of the solar disk) strikes a parabolic m irror at point P, a radial
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distance x  from  the norm al to  its apex (F igure 5-1) and is reflected. F or zero slope error, the  
reflected ray w ill arrive at point O. F or m axim um  perm issible slope error, the reflected ray w ill 
ju st intercept the aperture’s edge, at F or this value o f  slope error, 50% o f  the incident pow er  
w ill m iss the aperture; lig h t from  the far edge  o f  the solar disk w ill fall on the centreline o f  the  
aperture. A pplying the law  o f  cosines to  the triangle OAP  in the figure, and so lv in g  for the  
included angle  allow s one to deduce the perm issible slope error. T h is  is simply:
^  = cos '
^ r '  -O P '^  -
W here:
And:
O P = p f jy)-
(5-1)
(5-2)
(5-3)
For a 30” rim angle (f/.866), and a geometric concentration ratio o f 10,000:1, the maximum 
permissible slope error for a ray incident near the m irror periphery is 0.115° (2 mrad).
I)
\V -2 h
Figure 5-1 Local slope error calculation for centreline ray (left), Hartmann test wavefronts (right),
adapted from Malacara [1992].
For com parison, E theridge estim ates that his prim ary m irror is capable o f  a concentration ratio 
approaching 4,000, for a form  error o f  0.5” [1979J. A t 0.25”, C rises to nearly 7,000; at 0.13”, C  
is over 12,000. M alacara [1992] provides the fo llow in g  approxim ate relation betw een w avefront 
aberration or error W and ray deviation Ax at a “recording” plane (F igure 5-1, right):
PV = — [ ^ x d x (5-4)
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Malacara’s formulation includes the assumption that the distance from the recording plane to 
the m irror surface, d, is constant; while this might be approximately true for long focal length 
(high / / # )  mirrors, it is not the case for fractional / / #  paraboloidal mirrors. F or the case at 
hand, then, d  = f - y ( x )  is clearly a function of lateral travel x  and cannot be brought outside the 
integrand. If  Ax can be approximated with reasonable accuracy by a polynomial function in x, a 
direct correspondence between wavefront e r r o r * a n d  surface slope error Qx can be found:
U sing equations 5-4 and 5-5, it can be dem onstrated that a 63-centimetre diameter m irror,//0 .6 , 
produces a wavefront error on the same order as the ray deviation, if one assumes a fixed value 
for the deviation (Ax = 3.15 mm).**^ This in turn equates to a surface slope error a t the periphery 
o f the m irror o f 0.58° (10 mrad). F or a ray deviation that instead increases linearly in x, or for 
deviations with higher-order terms, much smaller wavefront errors are capable o f producing ray 
deviations of this magnitude.
Shape, form error, wavefront error, and resultant ray deviation will be unique to specific 
mirrors, it is, however, possible to specify a base m irror surface and introduce aberrations to 
determine the effect of imperfect fabrication or pointing on focal spot size, and, therefore, 
concentration ratio. T he freely available ray-tracing tool OSLO"^ LT, a Microsoft W indows 
based application with a spreadsheet-based graphical user interface, allows a user to simulate 
and analyse optical systems composed of up to ten refractive or reflective surfaces [Sinclair 
Optics, 2001].
T he theory of ray-tracing, and the details o f its implementation in OSLO LT, will not be 
described here, although Hecht [1998], Pedrotti [1993], and Lambda Research Corporation’s 
OSLO reference manual [2001] provide substantial background information. Fundamentally, 
as Pedrotti [1993] notes:
“If the quality of an image is to be improved.. .ways must be found to reduce the ever-present 
aberrations that arise from the presence of rays deviating, more or less, from [the paraxial 
ideal]. To determine the path of individual rays of light through an optical system, each ray 
must be traced, independently, using only the laws of reflection and refraction together with 
geometry. This technique is called ray-tracing because it was formerly done by hand, 
graphically, with ruler and compass...”
The resultant height (i.e., the difference between the ideal and actual surfaces, or form error), h, is '/a  W. 
For a ray deviation of 3.15 mm (equivalent to the focal spot radius for C = 10,000), W = 2.8 mm.
"•'* Optics Software for Layout and Optimisation (OSLO).
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Meridional rays, those that pass through the system’s optical axis, are easier to analyse than 
skew rays (those that do not pass through the optical axis), as meridional rays permit a two- 
dimensional treatm ent and therefore a simplification of the calculations involved [Pedrotti, 
1993].
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Figure 5-2 Representative screen shot of O S L O  L T  simulation, for 56-centimetre diameter, f /O .6
paraboloidal concentrating mirror.
Lens or reflective (mirror) element data is entered in a data entry spreadsheet window, to 
include each surface and its properties (e.g., radius, thickness, aperture radius, and composition). 
As OSLO is used primarily for lens design, default surfaces are refractive and elements are 
composed of glass. Figure 5-2 shows a 56-centimetre diameter paraboloidal m irror with a focal 
length of 33.6 centimetres; simulated fabrication error has been introduced in the form of 
comatic and spherical aberration.'" A pixellated disk representing the sun, subtending an arc of 
0.50”, has been placed on the object plane (at infinity). OSLO produces an image plot (lower left
Spherical ab erra tio n  resu lts  from  a m irro r’s failure to  focus rays a t a sing le  axial location; rays ten d  to 
sp read  long itud inally , p roducing  a line focus. C om atic ab e rra tio n , o r com a, re su lts  from  a v aria tio n  in 
effective focal len g th  for object po in ts no t on th e  optical axis. T h e se  and o th e r  Seidel aberra tions  re su lt 
from  expansion  o f  sin  0 (usually  app rox im ated  as 0) in S ne ll’s law to  include h ig h e r-o rd e r  ( 0 ‘, 0 \  .. .)  
te rm s [H ech t, 19518].
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hand corner of figure) dem onstrating that the focal spot produced by this m irror is slightly less 
than 5 mm in diameter, in the case of perfect pointing. This and other analyses were used to 
validate the large mirror design prior to fabrication. The effective concentration ratio for this 
system is better than 12,500.
Figure 5-3 Focal spot images, for perfect pointing (left), 0.5“ offset (centre, spot moves 2.93 mm 
from optical axis), 1.0“ offset (spot moves 5.87 mm from optical axis).
OSLO also permits an assessment of pointing error on focal spot size (Figure 5-3). As pointing 
offset increases, the focal spot translates and acquires a coma (tail), the hallmark of comatic 
aberration. At an offset of 1°, the spot has grown from 5 mm in diameter along the vertical axis 
to nearly 8 mm, and has moved almost 6 mm off-centre. Since the diameter o f the receiver 
aperture (8 mm), described later in this chapter, is designed to limit radiative losses from its 
interior and permit high peak temperatures, it can be seen that off-pointing of this magnitude 
will result in substantial losses and unacceptably poor performance. Pointing accuracies of +0.1° 
or better will be required to maximise power transfer while allowing a minimum aperture 
diameter.
Object s i z e  
0 .5 2 0  deg
(XC, YC) = 
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(OrrtTiiOrrm)
Figure 5-4 56-centimetre diameter paraboloidal concentrating mirror, perfect conic, 5mm spot 
(left) and imperfect, 9.2 mm spot (right), containing spherical and comatic aberrations. RMS 
wavefront error of mirror producing the image at right is 58 pm.
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To model the effects of aberrations, it is useful to establish the departure or “sag,” h, of the real 
optical surface from the ideal:
h =
R  X
+ax + bx^ + cx^ + dx'  ^+ ... (5-6)
The sag is therefore a function of the real surface’s radius of curvature Rc, its conic constant Cc (- 
1 for paraboloidal elements), and the lateral distance from the m irror apex x. The first term 
describes the base mirror. The coefficients a, b, c, d, ... in combination with the linear and 
higher-order terms in x  describe deviations from this ideal surface [LRC, 2001]. A 
representative plot of sag versus radial position is shown in Figure 5-5. A m irror with this sag 
profile will have a root-mean-square form error of 1.49 microns, or an RMS wavefront error of 3 
microns.
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-0 .0005
£
- 0.001
^ -0.0015
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Mirror Radius (x) (cm)
Figure 5-5 Sag versus radial position, 56-centimetre f / 0.6 paraboloid. Equation 5-6 coefficients: a 
-  -0.001, b = -1 X 10 ", c = -9.5 X 10 ", d = -5 x 10 ", e = 4 x 10 f  = -8 x 10 RMS form error =
1.5 pm.
A similar profile, but with exaggerated sag, was used to produce the focal spot image data in 
Figure 5-4, for the 58-pm RMS wavefront error mirror. This analysis shows that concentrating 
systems are capable of tolerating large wavefront errors— for some sag profiles, up to 100 times 
the primary light wavelength (588 nm). This will result in relaxed specifications for fabricators 
and substantially reduced cost.
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5.3 Thermal M odelling with WinTherm
T herm oanalytics, Inc., W inT h erm  [2 0 0 1 ]  therm al m odelling  softw are w as used to validate  
previous solar receiver therm al charging sim ulations w ith  the C H U P S code (Chapter 4) and as a 
benchm ark for actual heating profiles found in receiver tests (Chapter 6). W inT h erm  is capable  
o f  sim ulating conduction, convection , and radiation heat transport in and over shell structures o f  
the type displayed in F igure 5-6. T h e  heat diffusion equation [L ienhard, 1987], a parabolic 
differential equation, is typically  posed as:
V - ( k % ' )  + < i = p C ^ ^ (5-7)
Here, k  is the m edium 's therm al conductivity, q  represents heat flow , p is density, Cp is the  
m edium ’s specific heat, and T  the tim e- and spatially-dependent tem perature. Radiation at a 
boundary can be expressed by a boundary condition  o f  the third kind, in one d im ension (x):
6 T
-  ^ ' -  T-''ambient ) (5-8)
A dditional term s include the background or am bient tem perature Tambiem, the body’s em issiv ity  8, 
and the Boltzm ann constant a . W inT herm  utilises a tim e-averaging finite difference schem e, 
the C rank-N icholson m ethod, to sim ultaneously  so lve for all three m odes o f  heat transport, thus 
perm itting the determ ination o f  the m odelled objects’ tem perature profile over tim e. Crank- 
N icholson  is im plicit, requiring the solution  o f  a linear system  o f  equations at each tim e step, and 
is therefore unconditionally  stable.
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Figure 5-6 WinTherm model of Mk. I cavity receiver in electrical heating test configuration, 325 
W input power, left (one copper electrode shown in foreground). Temperature profile of solar 
receiver cavity external surface, insulation package external surface, and copper electrode, right.
W inT herm  first calculates radiation view  factors for each pair o f  e lem ents, by gen eratin g  a 
num ber o f  sim ulated rays at the first e lem en t and determ ining how m any rays intersect the
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second. U nfortunately, W inT h erm  does not take into account e lem ent th ickness when  
m odelling  radiation v iew  factors (although it does use user-inputted th ickness data to determ ine  
conduction  through individual elem ents). W inT h erm  w ron g ly  assum es that a structure’s inner  
and outer radiating surfaces are the same; therefore, the code’s results suffer from  significant 
inaccuracies w hen m odelling  thick structures in radiation-dom inant problem s, such as that 
occurring in high-tem perature solar receivers. T h e  sm all receiver structure (inner cylinder in 
F igure 5-6) accurately sim ulates the inner receiver surface but underpredicts radiative transfer 
(due to the sm aller-than-actual external surface area) betw een the outer surface o f  the receiver  
and the insulation package, producing h igher receiver tem peratures for a g iven  pow er  
dissipation than is actually observed. T e s t  results, discussed in Section 6.2.2 bear this out. 
W h ile  W inT h erm  is capable o f  m odelling  convective heat transfer, its reliance on shell elem ents  
tends to make com plex flow  passages (and particle beds) unrealisable. It was therefore not 
possible to com pare W inT h erm  w ith P B H T  m odel output.
A ttem pts were made to  predict both ideal (in-space) and ground te stin g  results. F igu re 5-7 
illustrates a resistive elem ent heating  m odel o f  the M k. I cavity  r e c e iv e r . T h e inner diam eter  
o f  the cavity is 22.5 mm; the outer diam eter is 85 mm. T o  overcom e W in T h erm ’s inherent 
problem s w ith m odelling thick bodies, a com prom ise diam eter o f  54 m m  w as used to m odel 
radiative heat transfer betw een ( l )  resistive heating elem ents and the receiver’s inner surface, 
and (2) the receiver’s outer surface and the insulation package’s inner surface. Vacuum  cham ber 
w alls, as w ell as front receiver body and insulation covers, are included in the m odel but not 
show n in the figure.
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Figure 5 -7  WinTherm model of Mk. I cavity receiver (left) and test results (right), 6 0 0  W input 
power with high resistive losses in leads (2 5 0  W), electrode/lead contacts (1 0 0  W), and electrode 
(200 W). Receiver shell is enlarged to “compromise” diameter (average of internal and external 
surface diameters). Conductive coupling simulates resistive heating via copper electrodes (lower 
left), molybdenum leads, and a ceramic heating element (centre).
D e sig n  d eta ils  for the M k. I and M k. II rece ivers can be foLind in S ection  5.6.
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Improved simulation results, such as those shown in F igure 5-7, were compared to test data but 
still failed to properly predict the temperature profiles of key elements. Sensitivity analyses 
were performed to determine the effect of higher-than-predicted insulation thermal 
conductivities and anomalous power dissipation in electrodes, leads, and contacts. Results from 
this investigation indicated that, even for cases with high insulation k  values (> 0.3 W /m-K), 
and with significant, remote resistive losses in the heating element circuit, it was not possible to 
achieve congruence between model and test output. A final modelling attem pt (Figure 5-8) was 
made to resolve the disparity between W inTherm  and test data; this simulation incorporated 
high-conductance fins to transfer heat between an appropriately sized inner receiver surface and 
outer surface. W hile this approach provided substantially improved agreement over previous 
models, its form deviates substantially from the actual physical layout of the Mk. 1 and Mk. 11 
receivers.
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Figure 5-8  WinTherm model of Mk. I cavity receiver (left) and test results (right), 6 0 0  W input 
power, 2 5 0  W dissipation in molybdenum leads, 150 W dissipation in copper 
electrode/molybdenum contacts. This model is designed to accurately simulate external and 
internal radiative surfaces while modelling conduction through the thickness of the body using
eight fins.
W inTherm  was used successfully to model copper target heating by a large (56-centimetre 
diameter) solar concentrating m irror under both atmospheric (with natural convection) and 
space conditions. Section 6.3.2 provides details.
5.4 Constructing an Integrated System Model
T h e  OSLO  N T  and W inT h erm  codes provide for h igh -fid elity  analysis in tw o very narrow  
areas: optical surface performance verification and coupled con vectiv e /ra d ia tiv e /co n d u ctiv e
heat transfer sim ulation in shell structures. W hile  potentia lly  very accurate, tliese m odels (in 
particular, W inT herm ) were cum bersom e to initialise and tim e-consum ing to run. T h e  m ore
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com plicated o f  the W inT h erm  sim ulations required as m uch as an hour to  process a receiver  
heating profile.
M ore im portantly, neither OSLO  nor W inT h erm  was capable o f  outp utting  data autom atically  
into another code for iterative analysis o f  the entire solar therm al propulsion system , to include  
not ju st the receiver structure and concentrator but also tankage and propellant m anagem ent, 
satellite  attitude control, firing profiles, and orbit changes resu ltin g  from  S T E  use. T o  address 
this deficiency, a w h o le-system  sim ulation o f  the S T E  was constructed, the M icroscale Solar  
T herm al Integrated System  M odel, or M ST IS M  (F igure 5-9). M ST IS M  w as built and operated  
w ithin  the com m only available spreadsheet program m e, M icrosoft E xcel (v9.0.3821 S R -l) , and 
was augm ented w ith  a num ber o f  V isual Basic scripts. T h ese  scripts assign  values to 
spreadsheet cells and perform  com plex, iterative calculations for heating and convective  
coo lin g— a task that E xcel is not particularly w ell su ited for.
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Figure 5-9 Screen shot of MSTISM Summary Input/Output Sheet.
MSTISM  is logically divided into seven input/output sheets (Figure 5-10): (l) Summary, which 
takes preliminary input from the user (e.g., microsatellite mass and STE propellant type) and 
displays results from most of the other sheets; (2) Orbital Mechanics, which permits the user to 
specify initial and final orbital parameters and outputs delta-V requirements; (3) Concentrator
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Performance, which accepts input regarding ambient solar flux, concentrator properties and 
geometry, and outputs key parameters such as received power and spot size; (4) Attitude Control, 
which allows the user to specify satellite or m irror pointing error and its distribution (which is 
then factored into concentrator performance); (5) Receiver Performance, which accepts inputs in 
the form of material properties and geometry, channel flow or particle bed heat exchange 
scheme selection, and concentrator power, then outputs both a heating and firing profile; (6) 
Propellant Management, which takes propellant type input from the Summary sheet and tank 
constraints from the user, then calculates tank numbers, masses, and volumes; and, finally, (7) 
Firing Profile, which allows the user to select firing type (i.e., periapse or apoapse) based on 
estimated engine performance, and assign burn times to individual manoeuvres, if required.
RECEIVER PERFORMANCE
INPUTS: Engine Cycle (DirectGan or 
Ihemal Storage)
Ambient and Peak Receiver Temperatures (K) 
Minimum Firing Temperature (K)
Heatup Profile Properties (time to temperature, 
time constant)
Tbermal Storage Material Properties (density 
[kg/m'S], volume (cm*3), specifc heat (J/kg^l) 
Receiver Aperture Diameter (cm)
Nozzle Throat and Exit Diameters (cm)
CAICUUTES: Thrust(N), Maximum Bum 
times (BOL and EOL), Peak/Min. Specifc 
Impulse (s). Estimated Power lor Heating ProSle
DISPLAYS: Receiver Heatup Protiie, Receiver 
Properties, Thrust, Bum Time, Power Balance 
(Incident Eom Concentrator/Req'd tor Heatup)
CONCENTRATOR PERFORMANCE
INPUTS: Ambient Solar Flux (W/m*2)
Solar half-angle (degrees)
Number of mirrors 
Mirror diameter (cm)
Mirror areal density (kg/m'^2)
Mirror reflectance (0.00-1.00)
Mirror rim angle (degrees)
Concenlrator-receiver misalignment (degrees)
Secondary concentrator concentration rafio 
Secondary concentrator reflectance (mirror) or 
transmittance (refractive element)
Mirror form error (microns RMS)
CALCULATES: MIrrorf-number, focal length, mass estimate, 
tieorefical concaitration ratio, ideal spot size, intercepted area 
(for incident power emulation),power to aperture, opScal 
eficiency
DISPLAYS: Concaitration ratio, spot size, power to aperture
MICROSCALE SOLAR THERMAL PROPULSION ISM 1 .0
ALL USER CONTROLLED FIELDS ARE BLACK.
MODIFY OTHER FIELDS AT YOUR OWN RISK.
THERE IS NEVER A SINGLE RIGHT SOLUTION.
THERE ARE AN INFINITE NUMBER OF WRONG ONES. THOUGH.
SUMMARY
INPUTS: SaHlite Mass (kg), PrapeHanlType 
(hydrogen, helium, nilrogen, H ,0, N ,H„ NH „ CH,)
CAICU LATES: Jet Power, Bum -Avaagai^
DISPLAYS: Mission Summsiy Data, Subsystem 
Suramaiy Data (masses)
ORBITAL MECHANICS
INPUTS: Cenlral Body Parameters (mass [kg], 
radius [km]), gravilatonal conslant [NHn''2/kg'2j) 
Orbital Parameters (starfng perigee/apogee and 
ending perigee/apogee alSludes [km])
CALCULATES: Transfer Type (spiral, ^ g e e  Kick 
only, perigee kick only, perigee/apogee kicks) 
Delta-V (multkickorspirë transfer, if applicable)
DISPLAYS; Transfer type, delta-Vs
Transfer Type, Transfer Type, orbital 
parameters, delta-Vs
FIRING PROFILE
INPUTS; Finng every nih orbit(n)
CALCULATES: Impulse per bum (kN-s). total 
impulse (kN-s), total number o f f  rings and type of 
each, Iransféf Sme (days), detailed (ring profile 
data (appTred delta-V, propellanlconsumplion)
DISPLAYS; Impulse per bum (kN-s), total impulse 
(kN-s), total number offrings and ÿpe of each, 
kansfer Ime (days)
Geometric
Transfer Time.Thrust (N) (BOL/EOL), Max. Bum Times (BOuEOL) 
PeëUMIn, Specific Impulse, Receiver Mass
Apogee/Perigee vs
Time, No. of Finngs
No. ofMirrors
Mirror Diameter
Incident Flux
No, oft^ksMisalignment error, 
solar half angle 
spot size factor
Geometric lank type, tank
masses, prop
mgml scheme
riJ
ATTITUDE CONTROL
INPUTS; Maximum tracking error and presumed 
distribution (scale factor for distribution)
CALCULATES: Fraction of lux reflected from 
mirrors thatenter ap0 "ture (sunfl-ac)
DISPLAYS: Error distribufion, solar acceptance 
V6RUS tracking/misalignment error
CALCULATES:; Tank masses
DISPLAYS Tank sizes and liisses ,
Figure 5-10 Microscale Solar Thermal Integrated System Model schematic.
The top, or Summary, sheet, requires only two inputs from the user: a starting  (wet) satellite 
mass and a choice of propellant. Selecting a propellant type initiates a Visual Basic script, which 
deposits temperature-dependent gas property data on several other sheets. This data includes 
viscosity, specific heat, and thermal conductivity, all derived from validated online databases 
[NIST, 2000]. Available propellants include hydrazine, hydrogen, ammonia, methane, nitrogen,
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and helium, with the option to add others.” ® Summary also contains key parameters from other 
sheets, including a graphical display of the manoeuvre profile, estimated system mass properties, 
performance (including time-to-fmal-orbit, specific impulse, and thrust), and subsystem details 
such as receiver peak temperature, incident power at the receiver aperture, and propellant tank 
supply pressure. If the user selects a new propellant. Summary provides a warning that the 
displayed data has not been updated to conform to this choice, and directs the user to perform 
additional actions.
The second, or Orbital Mechanics, sheet, defaults to a low earth-centred circular starting orbit. 
The user can modify central body properties to simulate heliocentric (or selenocentric) 
manoeuvres, but trajectories transiting between spheres of influence (e.g., earth-centred to 
moon-centred) are not permitted.’” The user can select starting and final orbital parameters, as 
well as finite burn penalties, delta-Vs supplied by other codes such as STK Astrogator, and 
starting orbital inclination. Orbital Mechanics will then proceed to calculate delta-V 
requirements for periapse and/or apoapse transfers, according to orbital energies determined by 
the vis-viva integral (Equation 4-1). This information is handed off to other sheets, used to 
determine required propellant mass, tankage properties, and firing profile details.
The third, or Concentrator Performance, sheet, requests a substantial amount of user input, 
including apparent solar disk half-angle and incident solar flux at the orbit o f interest, the 
number and properties o f the system’s concentrating mirrors, and potential sources of error. 
T he sheet calculates theoretical concentration ratio (according to Kreider [1979], using 
Equation 4-10) and ideal spot size. An empirical spot size factor, based on OSLO L T  model 
results for form errors o f up to 60 microns, is applied to the ideal calculation. Changes in the 
shape of the spot are not taken into account; comatic spot deformation is not significant unless 
the tracking error becomes severe (0.5° or greater, see F igure 5-3). The code then estimates the 
amount of radiant energy intercepted by the solar receiver’s aperture, taking into account losses 
associated with Bendt and Rabl’s analysis o f fractional acceptance regions (based on pointing 
errors, see Section 4.3.1). Concentrator Performance displays theoretical and geometric 
concentration ratios, as well as optical efficiency and the selected m irror profile.
” ® Water and butane are “greyed-out” propellant options. Water was not included owing to difficulties in 
modelling two-phase liquid/gas flow in the receiver. Butane (CiHio), while used operationally by SSTL 
for low-temperature resistojets on multiple spacecraft, dissociates above approximately 450 °C (723 K). 
Butane has a complicated decomposition chain with a number of hydrocarbon products emerging at 
various temperatures [Gibbon, 2000] [NIST, 2000].
"■ The addition of a patched-conic trajectory modeller for interplanetary (or earth-moon) orbit transfer 
was deemed a possible (but unnecessary) addition.
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The fourth sheet, Attitude Control, is closely coupled to Concentrator Performance. At present, 
it uses a simple Gaussian distribution"» to predict mean pointing accuracy, assuming two user 
inputs: maximum pointing error and a scale factor. The mean accuracy figure is then used to 
estimate the mean fraction of incident light reaching the receiver (via Equation 4-16)— this 
critical value is passed to the Receiver Performance sheet. Subsystem mass data is displayed on 
Summary.
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Figure 5-11 Screen shot of MSTISM Receiver Performance Input/Output Sheet.
The fifth sheet. Receiver Performance, is the heart of the MSTISM  model (Figure 5-11). The 
user is required to input a number of key parameters: (l)  receiver body properties (to include 
material thermal conductivity, specific heat, and geometry), (92) insulation package properties, (S) 
nozzle properties, (4) charging time and wait time prior to firing, and (5) minimum receiver 
body (or cut-off) firing temperature. Once these parameters are set, the user must run a Visual
iiH F or a g iven  p o in tin g  error e, the probab ility  P  th at th e sy stem  w ill be fou nd  in a g iv en  p o in tin g  sta te  
is rep resen ted  by:
P  = (5-0)
H ere, s is th e  sca le  factor se lec ted  by th e  user.
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Basic script contain ing a m odified version o f  the C H U P S code (see Chapter 4). T h is script 
estim ates the tim e-dependent tem perature profile o f  the receiver, for selected  chargin g  and w ait 
tim es, and takes several m inutes to  run."*’ T h e  user is then requested to  specify a choice o f  heat 
transfer m ode— channel or packed bed heat transfer— by selectin g  and runn ing an appropriate 
Visual Basic script.
6
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Figure 5-12 Effective Biot number for several ceramic blackbodies (with characteristic lengths of
0.5, 5, and 50 cm).
U nlike the C H U P S code, M ST IS M  uses a sim plified (lum ped-capacity) m odel o f  the receiver  
body in place o f  a series o f  concentric shells. For sm all ceram ic bodies at m oderate  
tem peratures, this can be show n to be a reasonable approxim ation. A n effective Biot num ber, Bi, 
can be defined to determ ine the im portance o f  internal conduction w ithin the receiver body  
relative to surface radiative coo ling  [B lanchard, 1 9 9 4 ] . T ypically , the B iot num ber has been  
used to uncover the relative im portance o f  internal conduction  and external convection; 
how ever, in the case at issue, the receiver body is in vacuum  and no convection  occurs. For  
sm all values o f  the Biot num ber ( «  l), the tem perature d istribution w ithin  the body is flat and 
lum ped-capacity solutions apply. F or large values ( » l ) ,  the tem perature d istribution is 
significant and other m ethods (i.e., finite difference conduction m odels) are necessary for an 
adequate sim ulation.'-" Blanchard defines Bi^ as:
Like CHUPS, the MSTISM heatup script uses an Eulerian (explicit) solver, which, for large time steps, 
can become unstable. The script was designed to select a time constant sufficiently small to ensure 
convergence, but this increases the number of computations and demands two to five minutes to process 
the solution.
In the large Bi case, a lumped-capacity solution will overestimate a body’s surface temperature, 
radiating more heat to the surroundings than the actual body, and underestimating peak body 
temperature.
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--------------- 1 ( 5 - 1 0 )
Big is therefore a function of body temperature (7),) and ambient (or background) temperature 
(7]), as well as the body’s characteristic dimension L, and its therm al conductivity k. For a small, 
black ceramic body (e = 1.0,7, = 5 cm, k =  \0  W /m -K), Big ranges from 0.03 at 293 K to 2.66 at 
2,000 K. This would appear to imply that the lumped-capacity solution is relatively sound for 
small bodies throughout the temperature range of interest. At high temperatures (above 1,400 
K), M STISM  will tend to underpredict peak receiver temperature, providing a conservative 
estimate. Figure 5-12 illustrates the variation of Biot number with characteristic length.
T he core of the M STISM  heating algorithm is an energy balance:
ônei ( Qtinsulation ^^aperltire Q ia p  )  ^^  )
Q„gt is the amount o f heat deposited in the receiver structure over a time T, calculated from the 
difference between concentrator input g,„ and the radiative loss terms Qir^ uiation, Qapenure, and Qggp. 
T he change in receiver body temperature over the time period t  to t + x is then calculated from 
the lumped-capacity relation:
nr —'T — Q^net
The M STISM  model does not incorporate temperature-dependent specific heat for receiver 
materials; the user is required to input an estimated average Cp based on the tem perature 
excursion seen by the receiver. For many of the ceramic materials investigated by the author, 
specific heat tends to rise in a linear fashion only over a fairly narrow range of temperature, 
eventually asymptoting near the material’s m elting or sublimation point. The author used 
room-temperature specific heat values to model low-temperature heating regimes, which tend to 
overpredict temperature and rise rate as tem perature increases. Modelling runs were often split 
into several regimes, w ith appropriate Cp values selected for each regime. An average or 
equivalent Cp was then inferred by inspection: namely, that single Cp value which most closely 
matches the final temperature state of the receiver determined from the piecewise modelling 
process. Rise rates for equivalent Cp models were found to be underpredicted at low 
temperatures and conversely at high temperatures, as expected.
M STISM  clearly cannot dispense with the concentric shell model where it is most im portant—  
in the insulation package. Here, the tem perature distribution can be extreme, with interior-to- 
exterior surface temperature variations of more than 1,500 K, and Biot numbers in the hundreds. 
The receiver’s insulation package is therefore divided into four shells of equal thickness tsheii and 
thermal conductivity ksheii- An energy balance similar to that in Equation 5-11 is applied to each
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of the shells in succession. To inhibit divergence in what is essentially an explicit formulation, 
the code selects a value for x based on the thickness of the insulation package, typically on the 
order o f 3 x 10-  ^seconds.
T w o  independent (but sim ilar) V isual Basic scripts a llow  M S T IS M  to sim ulate channel flow  or  
packed bed heat transfer for a variety  o f  propellant choices. Several o f  these  choices (hydrogen, 
nitrogen , and helium ) are stable species over the tem perature regim e o f  interest, and do not 
require decom position  product m odelling. H ow ever, even  these  propellants experience  
significant variations in key param eters; nam ely, specific heat, v iscosity , and therm al 
conductivity, as the tem perature o f  the propellant rises over its passage through the solar  
receiver body. Em pirical curve fits o f  N IS T  [2 0 0 0 ]  correlations w ere used to  track gas 
properties at various stations in the receiver.
B oth scripts w ere based on the author’s P B H T  code for heat transfer m odelling. O riginally  
developed to predict perform ance for packed beds, the code w as m odified to  a llow  sim ulation o f  
channel flow . B oth rely  on local estim ations o f  R eynolds, Prandtl, and N u sse lt num bers 
(Equations 4-20, -21, -22, -23, and —24). O nce the local N u sse lt num ber is determ ined, a g a s-  
body heat transfer coefficient is calculated and the total en ergy  transferred (from  receiver  
section to gas slug) can be estim ated. E quation 4-20 g iv es the N u sse lt num ber for a packed bed. 
T h is can be replaced w ith  P etukhov’s expression  for a channel flow  heat exch anger [L ienhard, 
1987]:
A. /  R ePr
------------------= = = ^  (5 -1 3 )
1.07 + 12
In this instance. Re, Pr, and N u  are based on the characteristic len g th  o f  the heat exchanger  
(which, in this case, is the channel’s hydraulic diam eter). T h e  D arcy-W eisbach  friction f a c to r / is  
estim ated using:
_______ I_______
( l.8 2 lo g „ , R e - 1.64^  (5 -1 4 )
Since channel flow  and particle bed heat exchangers can be susceptib le to sizeable pressure  
drops, the m easured supply pressure and the pressure in the receiver plenum  (i.e., cham ber  
pressure, or Pg) m ay be substantially  different. T h is  is critical to  proper estim ation  o f  
characteristic ve loc ity  (Equation 4-28), and, thus, specific im pulse. P ressure drop through a 
packed bed receiver can be estim ated w ith  the use o f  the E rgun equation:
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T he pressure drop over a fixed length L  is dependent on flow density p and dynamic viscosity p, 
the superficial velocity (w^ ), bed porosity e, and particle diameter Dp, all described in Chapter 4. 
Conversely, for a channel flow heat exchanger,
— ( S- 16)
This relation makes use of the friction factor (Equation 5-x), local flow velocity u, and the 
hydraulic diameter D.
Estim ating local gas-body heat transfer requires precise knowledge of gas properties, which, in 
the case of propellants susceptible to dissociation, involve mixtures and are highly variable. 
W hile some propellant selections available to the M STISM  user are stable even at very high 
temperatures, hydrazine (N2H4), methane (CH4) and ammonia (NH3) will decompose. T he 
decomposition is modelled in M STISM  as an equilibrium process without any intermediate 
products; at any position in the receiver flow path (channel or packed bed), an equilibrium 
constant Kp can be defined [Hill, 1992]:
=  ^  ( 5 - 1 7 )
F a V b
Here, Kp is a function of the various partial pressures o f a reaction’s products {pM, Pn) and
reactants (p a ,Pb) raised to the stoichiometric exponents a , P, p, and V:
oA + fiB<r^ p M  + vN
These are tabulated for a variety of reactions across a wide range of temperatures, and include 
ammonia and methane decomposition. One can also define an equilibrium constant K„ based on 
mole fraction:
K A T ) - ^  ( 5 - l S )
Then, applying the well-known Gibbs-Dalton Law ,>21
( 5 - 1 9 )
This permits the calculation of relative concentration (mole fraction) for each constituent, for a 
known temperature and pressure. In the case of ammonia,
- N , + — H , ^ x N H ,
2 2
'2' Gibbs-Dalton states that the mole fraction of the species is related to the ratio of the partial pressure 
of that species (pi) and the total pressure p„,.
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The number of NHs moles present at equilibrium (x) can be found by applying reaction 
stoichiometry and equating equilibrium constants Kp and K„, then iteratively solving for x:
2 - x
(5-20)
^  _  Z n ,Z h , _
" (  l / 2 - x / 2 Y  S / 2 - 3 X / 2
2 - x 2 - X
W ysong [2004] and Humble [1995] note that equilibrium calculations such as these are 
somewhat optimistic, in that the rate of reaction is often insufficient to allow the decomposition 
to proceed to completion. In the particular case of ammonia, decomposition is highly desirable 
because the molecular weight of the products (Ng and H^) is only half that of the reactants 
(NH.3)— which strongly drives achievable specific impulse. W hile reaction rate and propellant 
gas residence time was not accounted for in the M STISM  simulation, it will be seen later (in 
Chapter 6) that, for intermediate temperature regimes, ammonia decomposition does not go to 
completion prior to exiting the receiver body, and an estimation of propellant composition is 
critical to accurately assessing performance (i.e., characteristic velocity and specific impulse).
Atkins [1997] defines a reaction’s rate constant k, in cmVmolecule-s, as:
(5-21)
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Figure 5-13 First- and second-order reaction rate constants for ammonia decomposition [NIST,
2000].
Arrhenius first proposed this formulation in 1889 as an application of collision theory. T he rate 
constant depends on a pre-exponential factor A (which accounts for molecular collision rates), 
the activation energy (the minimum energy required for decomposition to take place), and the 
product of the gas constant R and ambient temperature T. Tabulations of A: for various reactions
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are maintained on the National Institute of Standards and Technology (NIST) web site for 
chemical kinetics [N IST, 2000]. Several of these are depicted in Figure 5- 13.’22 Note that the 
second-order reactions (the lower two curves) are substantially slower than the first-order 
reactions.
T he rate constant k  plays a crucial role in determining molar concentration [A]t given at any 
time t. An integrated rate law for a first-order reaction can be written as:
[ A \ = [ A ,Y “ (5-22)
Here, [A]t is simply a function of the initial concentration [Ao] and the declining exponential 
term  -k t. A t low temperatures, ammonia’s rate of decomposition is extremely low, only 
becoming appreciable above approximately 1,600 K. Since gas residence times in the solar 
thermal receiver body are relatively short (< .01 s), significant first-order decomposition only 
takes place when temperatures exceed 1,800 K.'23 Above these temperatures, even the short stay 
times seen in channel flow heat exchangers will perm it near-complete dissociation. The 
transition regime (1,600-1,800 K), while not addressed by MSTISM, will figure in the analysis 
o f test results.
T he M STISM  Receiver Performance heat transfer scripts subdivide the heat exchanger into 100 
sections for analysis. Gas slugs are passed from section to section, and gas properties 
recalculated in each section. Dissociation losses— based on equilibrium constant calculations—  
are added to convective heat transfer figures. As each slug emerges, the integrated power 
transfer from receiver body to gas is determined and the body temperature recalculated to 
reflect energy loss. Unlike the PBH T code, M STISM  does not retain section tem perature 
information for each gas flow iteration— it is assumed, due to the small body size and moderate 
thermal conductivity, that the receiver remains roughly isothermal throughout a firing. Gas 
flow simulation continues until the prescribed burn time expires or until receiver tem perature 
drops below the user-specified minimum. Radiative losses are accounted for during firings. 
Chamber temperatures (gas and body) and mass flow rates are tabulated out-of-view on Receiver 
Performance and a number of performance parameters calculated, including integrated mass 
flow, thrust coefficient, characteristic velocity, thrust, impulse, and specific impulse.
'22 For instance, NIST [2000] cites a 1994 reference by D. Baulch and C. Cobos (et. al.) for ammonia 
decomposition valid over the temperature range 2,000-3,000 K. The authors’ observations led them to 
select the following values for the rate constant formula: pre-exponential A = 8.3x10'*' s-', = 458.959
kJ/mole. This is a first-order reaction.
'2 * At 1,725 K, the Baulch/Kobos (1994BAU/COB847-1033) rate constant is 65.6. For a residence time in 
the receiver of 0.006 s, approximately one-third of the ammonia propellant will have dissociated. At 1,800 
K, this fraction rises to over 90%.
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Figure 5-14 Screen shot of MSTISM Propellant Management input/output worksheet.
F o llow in g  a sim ulated firing, burn-average specific im pulse, total im pulse, thrust, m ass flow  per 
burn, and efficiency estim ates are displayed on Receiver Performance. T h ese  figures o f  m erit are 
also passed to  Firing Profile to perm it estim ates o f  tim e-to-orb it (based on the num ber o f  
required firings). Propellant usage estim ates also perm it Propellant Management to  properly  
size  tanks for the user-specified m ission.
Propellant Management (F igure 5-14) requires the user to specify tank type (spherical or 
cylindrical), u llage fraction (default o f  5%), a desired cham ber pressure, m axim um  tank pressure  
(for tensile  yield considerations), and tank size constraints.
P ropellant data is supplied by the user se lection  on the Summary sheet. A  regulated supply  
pressure is found by adding the specified cham ber pressure to the pressure drop calculated by  
Receiver Performance. T ank specifications are determ ined from  propellant m ass and storage  
densities, as well as user selections for tank m aterial y ield  strength , structure density, and 
requisite factor o f  safety. For self-pressurised propellants (vapour pressure supply), the Visual 
Basic scripts in Receiver Performance w ill autom atically calculate an appropriate storage  
tem perature for the selected supply pressure; if  this is w ithin ±10%  o f  the expected storage  
tem perature. Propellant Management w ill reg ister  “OK.” T ank m asses so  calculated are 
displayed on Propellant Management and Summary.Bvwn tim e, applied thrust, and specific
12 2
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impulse information passed from Receiver Performance to Firing Profile perm it an estimate to 
be performed of delta-V per individual firing. Firing Profile allows the user to override the 
automatically assigned burn times and firing types (apoapse or periapse) as required. Orbital 
parameters are recalculated following each firing, and the full mission profile, as well as time-to- 
fmal-orbit, displayed both on Firing Profile and Summary. For near-circular orbits, eclipse 
duration t can be calculated from [Larson, 1992]:
r I------
t = cos'
cosfi
L  (5-23)
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Here, P represents the solar/orbit plane angle (i.e., the “beta” angle), x is the satellite’s orbital 
period, and req^/rsat  ^ is the ratio o f the squares of equatorial planetary radius to satellite orbital 
radius. The sheet will display a w arning if charging time exceeds the available orbital time in 
sunlight, prom pting the user to correct the entry.
Proper use of the M STISM  code requires adherence to the following procedural steps:
(1) Code startup: The user m ust enable the use of macros (Visual Basic scripts). If  the 
displayed page is other than Summary, the user should select the Summary tab at the 
bottom of the window.
(2) Summary: The user should select a “wet” spacecraft mass (i.e., including propellant) and 
a propellant type from the set of available options at the worksheet’s top left.
(3) Orbital Mechanics: The user should select a periapse and apoapse for both starting  and 
ending orbits. The code will assume a multi-impulse transfer, but will also estimate a 
spiral delta-V requirement for comparison, for circular-to-circular orbit transfers. This 
sheet will also warn the user if the STP system’s performance will require more than 
2,500 firings to achieve final orbit.
(4) Concentrator Performance: The user should select a m irror diameter, areal density, 
reflectance, and desired m irror rim angle. Multiple m irror inputs can be concatenated, 
although losses associated with fibre-optic coupling are not addressed by this code.
(5) Attitude Control: Default values assume a 0.3° maximum error in pointing accuracy, 
with a root-mean-square (RMS) tracking error o f 0.13°. The user is free to modify both 
the maximum error and the RMS error (via the scale factor mentioned previously).
(6) Propellant Management: The user can now select specific tank constraints and set 
chamber pressure to a desired value.
(7) Receiver Performance: The user should select thermal conductivity, specific heat, 
density, emissivity, thermal charging time, wait time, and geometric properties o f the
1 2 3
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receiver and insulation package prior to initiating the heatup profile script via the button 
labelled “Compute Heating Profile.” It is possible for the user to introduce values that 
will stop the heatup profile script: zero-thickness insulation packages and negative­
thickness receiver structures are examples.
(8) Receiver Performance: Once the heatup script has generated a profile of receiver 
temperature vs. time, the user should select (l) an appropriate nozzle throat and nozzle 
exit diameter, (2) minimum (cutoff) receiver firing temperature, and (S) heat exchanger 
geometric details, potentially including channel length and diameter, packed bed particle 
size, porosity, and other properties. The user can then select a firing solution script via 
one of the two buttons: “Channel Flow Receiver (Regulated Flow),” or “Particle Bed 
Receiver (Regulated Flow).” E ither script will produce a temperature profile for both 
the propellant gas and receiver body.
(9) Firing Profile: Once heatup and firing scripts have been run, a fixed firing profile is used 
repeatedly to achieve the user’s selected orbit transfer. Each firing is user-modifiable.
Changing propellant selections, concentrator power input, or receiver properties will require the 
user to rerun the heatup and firing scripts before results (shown on Summary) are accurate. 
Representative results from M STISM  runs are shown below.
The principal advantage of the M STISM  code over more capable, but more narrowly applicable, 
individual codes is its capability to provide a broad assessment of system performance and its 
implications for mission success. To illustrate the utility of the M STISM  programme, the 
author has performed a sensitivity analysis for a modest delta-V LEO orbit raising mission (460 
km circular to 560 km circular). Baseline mission parameters are shown in Table 5-1.
Start Orbit 460 X 460 km circular
560 X 560 km circular 
69 hrs., 36 min.
45 (22 apogee kicks, 23 perigee kicks). 
58 m /s
M ission Orbit 
Elapsed Tim e 
Number o f Manoeuvres 
Total V elocity Change 
Propellant Consumption 2.51 kg (ammonia)
Final M ass 97.49 kg
Engine “O n-T im e” 1 hr., 17 min.
Table 5-1 Baseline LEO orbit raising mission, key parameters.
T h e baseline S T P  system  assum es an 8-kg, lO O -cm  diam eter m irror '2 ' su pp ly ing  7 9 0  W  to an 
insulated, all-ceram ic (TiBv/BN) solar receiver. T h e  receiver structure m asses 1.13 kg and 
reaches a m axim um  tem perature o f  1,250 K in 50 m inutes. W ith  am m onia propellant, this 
system ’s burn-average fp  was calculated to  be 245 s. T h e  S T P  sy stem ’s total m ass (propellant
'2' Tiiis assumes an advanced mirror, ceramic or carbon fibre composite, with an areal density = 10 
l\g/m‘.
124
Solar Thermal Propulsion for Microsatellite Manoeuvring
excluded) was less than 9.5 kg. The baseline m irror is large— too large, in fact, to be stowed 
inside an ASAP footprint without folding. Since this contributes significantly to overall system 
complexity (and cost), it would be useful to find an alternative configuration that meets mission 
requirements without demanding high solar input. Figure 5-15 demonstrates the results of 
m irror downsizing, holding thermal charging time constant at 50 minutes.
1400
1000
800
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400
 100-cm m irror
 75-cm m irror
 50-cm m irror
 80-cm m irror
0
0 10 30 5040 GO
time (minutes)
Figure 5-15 MSTISM model o f STP bulk receiver temperature, for 100-, 75-, 50-, and 30-cm 
mirror inputs. Solar flux = 1,353 W/m^ Mirror reflectance = 0.90.
Input power (W) 790 513 239 86
Elapsed tim e to orbit (hrs.) 69.6 88.5 227.6 98.0
Number o f  manoeuvres 45 57 145 63
(apogee/perigee) (22 /23) (29 /28) (74 /71) (32 /31 )
T otal velocity change (m /s) 58 58 58 58
Propellant Consumption 2.51 2.61 2.88 4.42
(ammonia, kg)
Engine “O n-Tim e” (hrs.) 1.28 1.27 1.28 1.20
Burn-average I , p  (s) 245 235 213 138
Mirror mass (kg) 7.97 4.48 1.99 0.72
Dry STP system  mass (kg) 9.50 5.73 3.26 2.06
Final payload mass (kg) 87.99 91.66 93.86 93.52
Table 5-2 MSTISM performance sensitivity analysis, for mirror diameters of 100-,, 75-, 50-, and 30
cm. Final payload mass excludes propellant and STP system mass.
The second stage of this analysis examines modifications to the receiver, presuming a .30-cm 
concentrating m irror supplying 86 W  of input power. Smaller receivers (with a constant area 
aperture) of external diameters between 4 and 8.25 cm (Figure 5-16) were analysed. As shown 
in Table 5-3, a 20% increase in !,p can be gained through decreasing thermal storage mass, at the 
cost of tripling transfer time between the starting  and final altitude orbits.
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In Chapters 3 and 4, it was noted that the concentrating m irror was the primary mass driver, 
even for high delta-V missions; this is even clearer for low delta-V, as seen in Table 5-2. Yet, for 
the relatively low velocity change required by this mission, it can be seen that m irror 
downsizing does not adversely affect system performance. The downward trend in m irror mass 
more than makes up for the very slight increase in propellant mass needed to offset the 
significant specific impulse penalty. At a diameter of 30 centimetres, the m irror input power is 
insufficient to heat the receiver to the minimum firing (or cutoff) temperature of 600 K used in 
the other simulation runs; in this case, the cutoff temperature was lowered to 350 K so that a 
comparison could be achieved. W hile this results in a drastically reduced Isp, the impact on final 
payload delivered to orbit is minimal.
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Figure 5-16 MSTISM model of STP bulk receiver temperature, for 30-cm mirror input. Solar flux 
= 1,353 W /m \ Mirror reflectance = 0.90. Receiver diameter varies from 4 to 8.25 cm (x 5 cm
length).
A final sensitivity analysis examines the contribution of propellant type. The model will replace 
the baseline propellant, ammonia, with nitrogen, helium, and hydrazine, while fixing 
concentrator size at 30 cm and receiver diameter at 4 cm. Although the low velocity change 
requirement tends to obscure the differences in performance among these propellant types, the 
relative final payload mass values are instructive. Hydrazine, which is presumed to decompose 
in a catalyst pack prior to entry into the receiver, enters at 863 K; therefore, unlike the other
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propellants, the user-selected minimum firing tem perature is substantially higher (and the burn- 
average specific impulse is likewise higher).
Input power (W) 86 86 86 86
Elapsed tim e to orbit (hrs.) 98.0 115.4 177.1 271.9
Number o f  manoeuvres 63 74 113 173
(apogee/perigee) (32 /31) (38 /36) (57 /56) (88 /85)
T otal velocity change (m /s) 58 58 58 58
Propellant Consumption 4.42 4.25 3.85 3.64
(ammonia, kg)
Engine “On-Time” (hrs.) 1.20 1.20 1.22 1.22
Burn-average I.p (s) 138 143 158 167
Mirror mass (kg) 0.72 0.72 0.72 0.72
Dry STP system mass (kg) 2.06 1.71 1.26 1.09
Final payload mass (kg) 93.52 94.04 94.89 95.27
Table 5-3 STP performance sensitivity analysis, for variable receiver sizes and a fixed mirror 
diameter of 30 cm. Final payload mass excludes propellant and STP system mass.
This round of sensitivity studies reveals: (l) high input power confers no advantage for low 
delta-V missions, even if low areal density concentrating mirrors are used; (2) decreasing 
thermal storage receiver mass for a fixed input power permits higher peak temperature (and 
higher specific impulse) and is advantageous if a transfer time penalty can be accepted; and (3) 
for low delta-V missions and low input powers, the augmented hydrazine system provides 
performance superior to the other propellant choices. The difference between the baseline and 
the hydrazine system’s performance, in terms of overall payload delivered to orbit, is over 6 
kilograms.
Input power (W) 86 86 86 86
Elapsed time to orbit (hrs.) 271.9 53.8 121.7 3,305
Number o f  manoeuvres 173 35 78 2,092
(apogee/perigee) (88 /85) (18 /17) (40 /38) (88 /85)
T otal velocity change (m /s) 58 58 58 58
Propellant Consumption 3.64 5.90 2.65 3.05
(ammonia, kg)
Engine “On-Time” (hrs.) 1.22 1.26 1.41 1.31
Burn-average Lp (s) 167 102 231 200
Mirror mass (kg) 0.72 0.72 0.72 0.72
Dry STP system mass (kg) 1.09 1.42 2.42 1.01
Final payload mass (kg) 95.27 92.68 94.93 95.94
Table 5-4 Analysis for four candidate propellants, given a fixed receiver size (0.195 kg) and a fixed 
mirror diameter of 30 cm. Final payload mass excludes propellant, STP system mass.
W h ile  M S T IS M  d oes n o t accou n t for an cillary  hardw are (e.g., feed lin es, va lv es, tank b osses), th e  cod e  
d oes perm it th e user to  d eterm in e  th e relative  m ass efficacy  o f  various d esig n  ch oices.
127
Solar Thermal Propulsion fo r  Microsatellite Manoeuvring
T h e  M ST IS M  code is valuable in that it perm its a rapid com parison betw een design  points 
a long  m ultiple dim ensions (including propellant selection; insulation and therm al storage  
m aterial type, receiver and nozzle  geom etry, attitude control accuracy; size, type, and num ber o f  
concentrating m irrors) w ithout necessita tin g  the use o f  separate, com plex codes to  optim ise  
subsystem s separately. A s w ill be seen in Chapter 6, its ability to m odel receiver heating  profiles 
is m ore accurate than W in T h erm ’s.
5.5 Concentrator Subsystem Detailed Design
Two concentration schemes were carried forward into the detailed design phase— a rigid, fixed 
metal primary m irror (56-cm diameter) designed for direct mounting to a satellite facet, and a 
smaller (14-cm) rigid metal primary, intended to couple incident sunlight into optical fibres. N o  
secondary concentration was envisioned; both m irrors were designed to provide concentration 
ratios of 10,000:1 or greater. The small prim ary’s intercepted area is slightly in excess of 6% of 
the larger mirror.
Figure 5-17 Cutaway of 56-cm diameter mirror, with radial ribs and lightweighting (left), and 
front face, with tripod support pass-throughs. Estimated mass, assuming a magnesium substrate:
8.8 kg, 36 k g/m \
In order to maximize the large m irror’s potential for both test and potential flight opportunities, 
the author procured a near maximum-diameter concentrator. The design’s 56-centimetre 
diameter represents an approximate upper limit on two separate counts: (l) a substantially
larger non-deployable mirror will not be able to be mounted on a standard Surrey enhanced 
microsatellite face (dimensions 60 cm x 60 cm) [M ugnier, 2000] and (2) local (UK) vendors 
were unable to produce diamond-turned optics of greater size. For example. University College 
(London) possessed the capability to machine diamond-turned (D T ) aluminium optics at 
diameters of up to 20 cm and mechanically polish optics of up to 60 cm diameter [Brooks, 2002].
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Prior to 2003, Precision O ptical E ng in eerin g  o f  H itchin, H ertsfordshire, was capable o f  
m anufacturing D T  optics o f  up to 56 cm diam eter [P O E , 2 0 0 2 ].
Solar R e ce iv er  H ea tu p  P ro file
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Figure 5-18 MSTISM modelling, Mk. I cavity receiver under AM 1.0 (1,353 W /m “) and moderate 
terrestrial solar flux (750 W /m “). Receiver mass = 1.157 kg. Insulation k = 0.06 W/m-K.
The 56-cm diameter optic can be masked in radius to determine the effect o f reduced solar input 
on thermal charging time and maximum achievable receiver temperature, thus allowing for 
correction of the receiver thermal model. Under AMO'^« conditions, this m irror is expected to 
capture 333 W  o f  incident sunlight and— at an optical efficiency of 0.8— reflect 267 W  through 
an appropriately sized receiver aperture (0.64 cm diameter). Using the M S T IS M  model, this 
was shown to be sufficient power to heat the nominal micro cavity receiver (500 g) to 1,100 K in 
two hours.'-' The Mk. I cavity receiver (1.15 kg as designed), described in the next section, can 
be heated by this m irror to 971 K at A M o, or 800 K under terrestrial conditions (Figure 5-18).
Density, p (kg/m") 2,800 1,770
Thermal conductivity, k (W/m-K) 155 159
Specific heat, Cp (J/kg-K) 960 1,030
Young’s Modulus, E (GPa) 71 45
Coefficient of Thermal Expansion, CTE (in ./in /“C), 2.21x10 " 2.61x10
Table 5-5 Aluminium 7075-T73 and magnesium properties [Matweb, 2002] [Larson, 1992].
See Section 2.2. An extraterrestrial flux level of 1,353 W /tn- is assumed.
This calculation a ssu m e s  a ~4a p o in t in g  error of +0.30° and an RMS p o in t in g  error o f+(). 18°
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A more traditional approach, suggested by Brooks, involves a “rough cut” of the m irror surface 
(to approximately the correct form), followed by grinding to the exact form. A ground m irror 
would then be coated with a hard metal (e.g.. Ni, usually by chemical bath deposition or 
electroplating) to facilitate polishing. The polishing— which could be performed either by hand, 
with a polishing “lap” tool, or via an automated polishing machine, eliminates pitting  and other 
signs of microroughness (thus minimising diffuse reflection). The polished Ni coat would be 
recoated twice, first w ith A1 (which has a higher reflectivity than Ni) and then with MgFg. 
Unlike diamond turning, which is not conducive to overcoating, this approach lends itself to the 
use of a different metallic substrate. Magnesium— with a density of only 1,770 kg/m^— provides 
similar specific stiffness [E/ff) to aluminium at only two-thirds the mass. An M g version of the 
m irror depicted in Fig. 4 would mass only 8.8 kg (42.6 kg/m^). Another key figure o f merit, 
thermal quality, is defined by [Roberts, 2001]:
a C ,p  («-24)
Q is therefore a function of thermal conductivity k, the material’s coefficient o f therm al 
expansion a , its specific heat Cp, and its density p. Again, magnesium and aluminium (Table 
5-5) have comparable thermal quality figures— 3.34 and 2.61 m^-K/s, respectively. T he higher 
the quality, the better the thermal performance (i.e., less propensity for warpage due to uneven 
heating or cooling) offered by the metal substrate. Note the thermal quality of these metals in 
relation to other options: ( l)  beryllium (5.33 m^-K/s), a high-cost, high-performance m irror 
material; (2) steel (1.15), typically not considered; and (3) Schott’s Zerodurd) (fused silica) and 
Com ing’s ULE® (Ultra-Low Expansion borosilicate glass) used for telescope optics, with 
thermal qualities o f 15.85 and 25.32 m^-K/s, respectively [Corning, 2002][Schott, 2002]. 
W hile glass optics are acceptable for ground-based mirrors, they are generally too heavy for 
microsatellite applications, with areal densities on the order o f 40+ kg/m^. Finally, beryllium, 
while attractive from an areal density standpoint, is very expensive to procure and necessitates 
special precautions during machining [Dierickx, 2000].
Equation 5-6 provides the standard relation for the m irror surface. For a 56-cm diameter m irror 
with a 45°-rim angle (corresponding to an fM  ofy/0.604), the focal length is 33.8 cm and the base 
sphere radius is 2 /  or 67.6 cm. The equation takes the specific form (in cm):
_  (0.0147939)jc~
l + (0)(0.0147939)‘"x ‘" 135.19
M asking this m irror at the preliminary design diameter o f 34 cm will simulate an f / l  (O = 30°) 
optic. The geometric concentration ratio G, assuming a receiver cavity aperture of 0.64 cm 
diameter, is on the order of 7,700. W hen masked at 34 cm diameter, Q  = 2,800. The final
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mirror design (Figure 5-19) eliminated the hexagonal planform of the original, and excluded 
tripod pass-throughs.‘‘-^8 Aluminium was selected over magnesium, in part due to the fabricator’s 
long experience with the former metal. No vendor would agree to turn a magnesium billet 
without substantial preparatory efforts [Brooks, 2002] [PO E, 2002]. Fabrication results, 
including form error testing, are discussed in the next chapter.
Figure 5-19 Final mirror design submitted to Precision Optical Engineering (56-cm diameter 
aluminium, f/O.6 with no pass-throughs).
SECTION A-A
Figure 5-20 14-cm diameter solar concentrating mirror,//0.6, intended for ganged-mirror 
operation with fibre-optic transmission. Both plastic and metal (aluminium) optics were
constructed.
T h is  was done to sim plify fabrica tion  o f  the  m irro r  on th e  d iam ond tu rn in g  tool. T h e  fab rica to r 
suggested th a t the  hexagonal p lanform  m ig h t in troduce  zonal asym m etries into th e  final m irro r  form , and 
th a t a c ircu la r plan was to  be p referred . T h e  fab rica to r also dem anded th e  e lim ination  o f  p ass-th ro u g h  
holes, in o rd er to  use a vacuum  chuck for rea r  m irro r  support.
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An identical, but smaller, m irror form was supplied to Precision Optical Engineering and 
Carville, Ltd., for the production of multiple 14-centimetre diameter m irrors (Figure 5-20), in 
support of the ganged-mirror scheme utilising optical fibre transmission. Carville was requested 
to produce ten mirrors machined from polymethyl methacrylate (PMMA); Precision Optical was 
asked to fabricate three mirrors from aluminium. The PMMA m irrors would be overcoated 
with aluminium and a magnesium fluoride protectant layer. Results of both of these fabrication 
processes are discussed in Section 6.3.
5.6 Receiver Subsystem Detailed Design
Only the micro receiver, initially designed to provide 428 N-s of impulse per burn— was selected 
for detailed design and analysis. The small (750 N-s) and large (2,808 N-s) systems were not 
carried forward. W hile the larger engine types are of interest for providing high delta-V 
capability to standard (100 kg) microsatellites, it was decided that the smallest, lightest system 
would be of greater interest; it can be flight-tested aboard a small (20- to 100-kg) platform and is 
likely to be the lowest-cost of the three. Two versions were designed, built, and tested: the 
particle-bed heat exchanger (Mk. I), and a smaller, channel-flow heat exchanger (Mk. II). 
Craphite foam insulation, easier to obtain and machine, was substituted for zirconia/alum ina 
foam.
Figure 5-21 Baseline 428 N-s cavity receiver, B.C particle bed in BN containment, surrounded by a 
ZrO / ALOs insulation package, left, and engineering drawing cutaway view, right (dimensions in
millimetres).
T h e author conferred w ith a num ber o f  ceram ic m aterials experts [W oodfie ld , 2 0 0 2 ] [O liver, 
-P 0 3 ]  [M orrell, 2 0 0 2 ] [Y eom ans, 2 0 0 2 ] during the detailed design  phase. T h ese  individuals 
pointed out a num ber o f  practical difficulties w ith the baseline receiver design, illustrated in 
Figure 5-21. T h ese  included: ( l )  severe difficulties encountered when attem p tin g  to bond BN
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surfaces to  other B N  elem ents or different ceram ic m aterials through brazing or hot-pressing, 
due to B N ’s inertness; (2) thin w alls, potentia lly  too  thin to m anufacture reliably; (3) significant 
m aterial porosity  (for h igh-purity  BN) and therefore lik ely  propellant leakage during thrusting; 
and (4) potentia lly  catastrophic therm al expansion differences betw een B N  and B|.C structures.
FORF FACF
Figure 5-22 Intermediate design, 428 N-s flanged cavity receiver, B C particle bed in BN 
containment, insulation package removed to illustrate mechanical sealing, left. Flanged cavity 
receiver, engineering drawing cutaway view, insulation package removed, right (dimensions in
millimetres).
Bonding BN shapes is essential. T h e  baseline receiver contains com plex internal structures that 
cannot be m achined from  any sin g le  elem ent. U nfortunately, the literature on BN bon ding  is 
extrem ely  lim ited; N icholas [1990] com m ents, “...recen t work on other nitride ceram ics (other  
than silicon nitride (SisN.,.) and SiA lO N ) is sparse.” Local and international vendors o f  BN  
products have confirm ed this [W oodfie ld , 2002] [L y le , 2002]. Sintec Keramik, a G erm an  
ceram ics vendor w ith  a U K  subsidiary in South W ales, produces various BN com posites for 
ceramic heater and vacuum  m etallization applications. S in tek  recom m ended a m echanical 
bonding approach over hot-pressing, hot isostatic  pressing, or brazing [W ood fie ld , 2002]. 
W hile  h ot-p ressin g  has been show n to be an effective process for bonding ceram ic parts such as 
alum ina and silicon nitride, there is no evidence that pure or com posite BN shapes can be 
reliably bonded in this m anner [Schw artz, 1990]. A B N  com posite (Grade M-26) co n sistin g  o f  
60% BN and 40% silica— suggested by L yle [2002] at St. Gobain A dvanced Ceram ics in 
A m herst, N ew  York— could be heated to h igh tem peratures to produce a silica g la ssy  phase that 
w ill m elt and flow, potentia lly  providing a ceram ic-to-ceram ic bond. H ow ever, this m aterial is 
only  useable at tem peratures under 1,400 °C (1,673 K)— substantially  less than the target 
receiver tem perature o f  2,000-2,500 K.
Brazing is one alternative to so lid -state bonding. U nfortunately, as BN is not w etted by m any 
m etals, even at elevated  tem peratures, finding a suitable high-tem perature capable braze 
material will pose a significant challenge. Chiaram onte [1992] notes tliat tw o flat pyrolitic  BN
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coupons w ere bonded u sin g  T icu sil, a brazing a lloy  com posed o f  68.8% A g, 26.7% Cu, and 4.5% 
T i. H ow ever, T icu sil m elts at ju st 1,562 °F  (1,123 K). A  suitable refractory m etal braze, w ith  a 
liquidus o f  2 ,000  K or higher, w ou ld  be necessary to  bond B N  elem ents inside the zirconia  
insu lation  package. P oten tia l filler m etals include M o-R u and P t-M o [R em bar, 2 0 0 2 ] .
Several experts recom m ended m echanical sea lin g  w ith  m ultiple caveats [Y eom ans, 
2 0 0 2 ]  [P rentice , 2 0 0 2 ]  [W oodfie ld , 2 0 0 2 ] . B o ltin g  ceram ic elem ents togeth er  w ill require  
relatively  hard substances (pure B N  is soft, w ith  a Knoop hardness'^s o f  on ly  3 .4-4 .9  kg/m m ^), 
large flange fittin gs, and screw s m achined from  sim ilar m aterials (F igu re 5-22). T h e  use o f  
refractory m etal screw s m igh t produce differential therm al expansion, forcing  apart ceram ic 
flanges and p reven tin g  the form ation o f  a herm etic seal. A fter initial m echanical bonding trials 
w ere conducted, it  was d iscovered that purpose-built ceram ic bolts w ere ex trem ely  brittle  and 
subject to  failure; these  w ere replaced w ith  m etal bolts, w hich  perform ed w ell (see Chapter 6).
M-26 grade B N  exhibits substantial anisotropy— its coefficient o f  therm al expansion  betw een  
room  tem perature and 1,500 °C (1,773 K) is 0.57 x  10-6 in ./in ./°C  (parallel to  the p ressin g  
direction) and -0 .46 x  10-® (perpendicular to  the p ressin g  direction) [S t. G obain, 2000]. T h is  
can be contrasted  w ith  the value for m olybdenum , a “lo w -C T E ” m etal, o f  4.8 x  10-® in . / in . /  °C—  
ten tim es that o f  B N  [L ide, 1995]. W oodfield  [2002] indicated that several B N  com posites  
m ight outperform  pure B N  as a h igh-tem perature structural m aterial. T h e se  included ( l )  
zirconia (ZrOa) strengthened  B N  (ZSBN ), a low -porosity , higher hardness, high-tem perature  
capable com posite ceram ic w ith  a m axim um  use tem perature o f  2,273 K; (2) boron  
nitrid e/a lum inium  nitride; and (3) an Interm etallic C om posite (IM C), com posed o f  titanium  
diboride (TiBa) and boron nitride. IM C’s coefficient o f  therm al expansion is h igh er than that o f  
m olybdenum ; receiver flanges fabricated from  IM C w ill thus be held in com pression  du rin g  
heating, im proving herm etic sealing. Section 6.2.1 describes the results o f  various m aterial 
com patibility  and sea lin g  tests, u sin g  Z SB N  and IMC.
H oop (cja) and radial (ag) stresses in th ick-w alled  pressure vessels, such as the receiver d esign s  
under consideration here, are not uniform  through  the th ickness o f  the v esse l [Y o u n g , 1989]. ' 
M eridional stress (Oi) is constant through the thickness:
a ' - b
M axim um  w all stresses, w hich occur at the inner radius, are g iven  by:
lü!) "The resistance of a material to the formation of a permanent surface impression by an indenter is 
termed hardness.” [Green, 1998] The Knoop hardness test is performed with an elongated pyramidal 
indenter and the size of the indentation in the test coupon is measured. A Knoop hardness figure is then 
calculated by dividing the applied force (F) by the area of the indentation (Z,-/l4.2), where L is the length 
of the indentation. For comparison, tungsten carbide (WC) has a Knoop hardness of 1,000-1,500 kg/mm- 
[NRI, 2004]. Titanium diboride has a Knoop hardness of 3,000 kg/mm^ [Lynch, 1966].
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Figure 5-23 Maximum meridional and hoop stress in 80-mm O.D., thick-walled pressure vessel.
QO0
GOOO
Figure 5-24 Mk. I cavity receiver, 1.3 kg, BN particle bed in ZSBN or IMC containment. 
Insulation package is 100% graphite foam. Mk. I cavity receiver in cross section, BN particle bed 
in ZSBN or IMC containment, graphite foam insulation. Dimensions in millimetres.
These are simply functions of the internal pressure, q, and the inner [b) and outer (a) radii of the 
vessel. For a ceramic vessel with a  = 80 mm, b = 75 mm, and q -  <20 har, the maximum value of 
hoop stress is 31 MPa. Since boron nitride’s ultimate tensile strength (UTS) at ambient 
temperature is approximately 40 MPa— and rises with temperature to over 120 MPa at 2,400 
K— a pure BN structure of this size and thickness would appear to be an acceptable solution at
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pressures of more than 20 bar [Pierson, 1996]. Titanium  diboride has a roughly constant UTS 
(40,000 psi or 272 MPa) to 3,000 °F (1,650 K) [Lynch, 1966]; however, no strength  data is 
available on the BN/TiBa composite form.'^o Zirconia’s performance is inferior to this: A t room 
temperature, a CaO- or MgO-stabilised ZrOa exhibits UTS figures as low as 20,000 psi (136 
MPa) but decays to as little as 7 M Pa at 3,000 °F.
O f greater concern than wall stresses encountered in the heat exchanger’s cylindrical section are 
those found in the clamped flanges (at top and bottom), including stress concentrations that are 
likely to occur near the bolt holes. Young [1989] provides the following relations for the 
maximum moment M  (occurring at the ends) and stress <j in a beam element o f length L, 
subjected to a uniform load w  (N/m ), and clamped at both ends:
^ = 7 7  ( 5 - 2 9 )
M  M
<7 =
The beam’s bending moment o f inertia (7) is equivalent to the product o f the beam section’s base, 
b, and the cube of its height, h. Maximum stress occurs at the periphery of the beam, at a 
distance c - V ^ h  from its centreline. For the top flange of the Mk. 1 receiver, h = 80 mm and h = 
5 mm. The assumed load per unit length w  is calculated from the force exerted by an internal 
pressure of 20 bar over the circular face of the flange; this equates to a figure of 1.256 x 10  ^
N /m . Maximum stress is calculated to be 200 MPa, which is above the estimated mean IMC 
figure at room temperature. Reducing maximum internal pressure below 10 bar (and maximum 
stress below 100 MPa) will therefore provide a factor o f safety of 1.5.
Discussions with Sintec Keramik resulted in the inclusion of 5 mm thick ceramic flanges and 
containment walls, minimum 4 mm holes tapped with M4 thread, and graphite foil seals 
[Woodfield, 2002]. The use of minimum-thickness (O.l mm) pyrolitic BN as a seal was 
determined to be unworkable, as the production method— chemical vapour deposition—  
produces fully dense (zero porosity) material, unsuitable for seals owing to low compressibility. 
Painting a BN slurry onto the sealing face so as to form a mortar-like sealant, was suggested as 
an alternative to graphite foil gaskets. W hile hydrazine or ammonia decomposition products are 
likely to react with the graphite foil seals at elevated temperatures, the rate o f seal degradation 
should be relatively low, owing to the small surface area available for seal/propellant contact.
The author will assume a minimum value for IMC’s UTS of the mean of its two components’ ultimate 
strengths, or 156 MPa (at room temperature).
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Figure 5-25 Mk. I cavity receiver in cross section, particle bed in ZSBN or IMC containment, ZrO» 
insulation later replaced with graphite foam (left). Feed line pass-through in fore face of receiver, 
showing brazed Mo fitting, right (all dimensions in millimetres).
T h e final design  o f  the M k. I receiver included a num ber o f  alterations to the baseline. 
Im plem enting the changes described above increases the m icro cavity’s total m ass by a factor o f  
two, to 1.3 kg T h e  boron carbide particle bed w as retained virtually intact, but the particles  
w ere replaced w ith (easier-to-obtain) BN particles, m assing 184 g. T h e boron carbide cav ity  and 
cavity  p lu g  w ere also replaced, by IMC, producing a v irtually  atherm al design . T h e  o n ly  non- 
B N elem ents in the core receiver are ( l )  graphite foil seals, (2) m olybdenum  bolts, to  seal the 
upper and low er flanges, and (2) the propellant inlet fitting, also m achined from  molybdenum..'-^'
M orrell [2 0 0 2 J indicated that it would be desirable, from  the standpoint o f  m achinability, to 
m inim ise the num ber o f  flanges, radius corners to rem ove likely centres o f  stress concentration , 
and rem ove interior webs. F igure 5-24 (right) illustrates the Mk. I cavity  receiver’s cross- 
section. T h e four particle bed containm ent spaces surrounding the central cavity  w ould  be 
m illed out o f  a sing le  cylindrical Z SB N  or IM C billet, w ithout resorting  to separately fabricated  
webs and m ounting schem es. T h e  graphite (form erly zirconia/a lum ina) foam  insulation package  
is simplified; instead o f  four elem ents, as in the original design , the M k. I receiver contains on ly  
two. T h e insulation package provides lateral and axial support for the receiver, but contact is 
lim ited to m inim ize heat losses. Four graphite d ow els provide lateral support near the 
centreline o f  the receiver; axially, the nozzle  and cavity  inlet structures m ount flush to  the 
insulation w alls (F igure 5-25, left). T h e  insulation elem ents w ill be clam ped togeth er  by 
alum inium  m ounting rings and a tripod support structure.
The 428 N-s receiver’s thermal storage mass was estimated in Chapter 4 to mass 500 g. The as-built 
Mk. 1 receiver core structure was weighed, post-test, and found to mass .91-8 g (after BN particles were 
removed). The graphite insulation package was also weighed (202 g).
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A final consideration involves the introduction o f  propellant into the cavity  receiver during  
firing. F o llo w in g  therm al charging, the m icro cavity  is expected to  attain tem peratures o f  2 ,000  
K or higher; the propellant in let fittin g  (F igure 5-25, right) brazed directly  to  a hollow  Z SB N  or 
IM C post on the fore face o f  the receiver, is conductively  coupled to the main body o f  the  
receiver. Because o f  this, the inlet fittin g  and feed are baselined as m olybdenum , a low -therm al 
expansion, h igh m eltin g  point (2,890 K) m etal sim ilar in properties to tu n gsten , but w ith  h igher  
w orkability. T h e  fittin g  is likely  to  achieve tem peratures approaching 2 ,000  K prior to  engine  
firing, but w ill cool dow n substantia lly  as relatively  low  tem perature hydrazine (at 863 K) or 
am m onia (at 300 K) is fed to the system . T h e  post m aterial m ay require m etallisation  prior to  
the attachm ent o f  the M o fitting, to  enhance the jo in t’s w ettab ility  by brazing filler m etal. A  
m olybdenu m /m an ganese oxide m ixture is perhaps the m ost com m only used m etalliser, 
although pure M o and tun gsten  (W ) are also possib le [Schw artz, 1990]. T h e  geom etry  o f  the  
jo in t includes an expansion cap, which is intended to m aintain the Z SB N  post in com pression  
fo llow in g  ceram ic-to-m etal join ing.
T h e  fittin g  w ill be attached prior to the p lacem ent o f  the ZrO^ foam  end cap on the receiver fore  
face. After the cap is in place, an angled M o tube w ill then be electron beam w elded to the  
fittin g  stub end. T he M o tube w ill connect the receiver to the propellant storage and feed  
system , via ( l )  a catalyst bed m ounted near the front face o f  the receiver, in the case o f  hydrazine  
propellant, or (2) a direct feedline to the gas supply, in the case o f  am m onia, nitrogen , or helium . 
T h is catalyst bed w ill provide decom posed hydrazine (N H s, N j, H i) to the receiver at 863 K. 
Candidate m aterials for the receiver are show n in F igure 5-26.
Figure 5-26 Cavity receiver material samples, left photo: (l) Silica/boron nitride composite (M-26 
60BN/40SiO», white block), (2) ZSBN (gray), and (3) BN/AIN (beige cylinder). Boron nitride 
particles and Mk. I receiver during fill process, right photo. Materials courtesy of St. Gobain 
Advanced Ceramics and Sintec Keramik.
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Figure 5-27 Mk. II cavity receiver solid model cutaway (left) and engineering drawing (right).
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Figure 5-28 Predicted Mk. II receiver heatup profile, 1,200 W input power (left), peak cavity 
temperature = 2,022 K after 30 minutes. Firing profile (right) demonstrates the heating efficiency 
of the receiver for two channel lengths (10 and 25 cm), with ammonia propellant. The 56 cm case 
is not shown; gas exit temperature tracks receiver body temperature.
The Mk. II receiver resembles the Mk. I in many im portant aspects (Figure 5-27, right). 
Composed of the same composite ceramic as the Mk. I, the Mk. II was designed to be a smaller, 
simpler receiver with rapid thermal charging capability. Unlike the Mk. I, the Mk. II is a 
channel-flow heat exchanger, with limited thermal storage mass. A smaller-diameter (50-mm) 
receiver cap, dimensionally equivalent to the bottom, or nozzle, cap, replaces the wide top flange 
of the Mk. I. This strengthened the design of the top of the pressure vessel significantly.'-:'^ The 
propellant inlet post, which is placed on the fore face of the Mk. I receiver, was moved to the 
cylindrical side face for ease of positioning the feedline following assembly of the insulation
T h e  applied m om en t (along  the  M k. I I ’s flange p erim eter) a t an in te rn a l p re ssu re  of 20 bar is reduced 
by a factor o f  four (Eq. 5-20). T h e  m axim um  stre ss  in th e  flange is reduced to  ju s t  78.5 M P a (Eq. 5-30). 
T h is  is well w ith in  th e  pred icted  ran g e  o f  th e  com posite  ceram ic 's capabilities.
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package h a l v e s . T he pre-test weight of an assembled Mk. II receiver (without insulation, but 
with molybdenum bolts and feedline cap included) was determined to be 446.1 g.
The Mk. II receiver’s flow channel is approximately 56 cm in length and 2 mm in diameter. 
MSTISM simulation indicates that this is sufficient to bring any of several candidate propellants 
to receiver temperature prior to exiting through the collection plenum (Figure 5-27, left). 
Figure 28 (right) indicates that shorter-length channels will adversely affect engine 
performance. For a minimum firing temperature of 500 K, halving the channel length reduces 
the Mk. II system’s burn-average specific impulse from 286 s to 270 s (in ammonia), while burn 
time increases from 251 to 256 seconds. Further reductions in channel length take a greater 
toll; for a channel of 10 cm length, Isp falls to 203 s (with an increased burn time, 320 seconds).
5.7 Detailed D esign Summary
Two concentrating mirror and two receiver designs were selected for fabrication and testing, 
following extensive modelling with commercial optical and thermal simulation codes (OSLO LT  
and WinTherm). The author developed a system-level modelling tool, the Microscale Solar 
Thermal Integrated System Model, as a means of performing broad sensitivity analyses and 
understanding performance trends for a variety of system configurations. This tool incorporates 
concentrator and attitude control system impacts, orbital mechanics, propellant management, 
and a detailed receiver design model.
Two types of rigid concentrating mirrors, possessing respective diameters of 56 cm and 14 cm, 
were designed and constructed from aluminium plate, and, in the case o f the smaller mirror, 
PMMA. Both incorporate a steep (fractional f-number) paraboloidal form, with a rim angle of 
45°. This maximises achievable concentration ratio on a flat plate cavity absorber/receiver. The 
small mirrors are to be used in a ganged assembly, with multiple optical fibres transmitting 
incident, concentrated sunlight to a single cavity receiver.
Two cavity receivers, designated Mk. I and Mk. II, were designed and fabricated from a high- 
temperature ceramic composite material, BN/TiBa. The heavier Mk. I receiver incorporates a 
boron nitride particle bed, maximising heat transfer between the receiver body and inflowing 
propellant gas. The Mk. II, approximately half the size of the Mk. I, was designed to improve 
structural soundness at all temperatures, while permitting rapid thermal charging. This 
receiver utilises a channel flow heat exchange mechanism, which, while not as efficient as the 
Mk. I s, was designed to extend gas residence time and achieve near-parity between propellant 
and receiver side wall temperatures at the exit.
The Mk. I design does not allow for non-destructive disassembly of the insulation package sections 
once the feedline cap is sealed to the feedline post.
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Chapter 6
6 Component Test Campaign
This chapter discusses a series of tests conducted on the solar receiver and concentrator 
elements, and their subcomponents. Receiver testing includes coupon oxidation, high 
temperature survivability, thermal cycling, bonding, hermetic sealing, and full flow trials. 
Concentrator testing includes mirror form metrology, spot size determination, power 
throughput, and optical fibre assessment. Limited component coupling tests, to include small 
receiver body heating trials with concentrator input, were also conducted.
6.1 T est Strategy
Surrey propulsion research activities, including recent investigations into hybrid rocket systems 
[Sellers, 1996], resistojets [Lawrence, 1998] and nitrous oxide mono- and bipropellant systems 
[Zakirov, 2001], differ from the present effort in solar thermal propulsion as a result o f STP’s 
reliance on long-term, elevated temperature operation (2,000-2,500 K). These temperatures are 
essential to STP’s high-/,^ performance with storable propellants. Previous efforts, such as 
Zakirov’s, tend to focus on a middle temperature regime (<1,500 K) where steel and steel alloys 
are still permissible material o p t i o n s . H a a g  [2001] and Coxhill [2002] achieve 2,500 K+ gas 
exit temperatures through oxidizer film cooling of the thrust chamber wall; this approach is 
obviously not possible in a resistojet or STP engine.
The STP engine designer must examine a host of “exotic” materials such as refractory metals 
and ceramics. The author’s choice of several boron-based ceramics is only one approach among 
many; the key point to be made here is that testing at these elevated temperatures virtually 
demands vacuum as a prerequisite, due to the extremely high oxidation rates— and consequent 
degradation— for almost any material of c h o i c e . Simulation of space conditions (i.e., no 
convective heat losses to the ambient environment) for cavity receiver thermal charging and
Haynes nickel-based alloys achieve maximum operating temperatures of 1,260 °C (1,533 K), with good 
oxidation resistance and structural strength [Gotzig, 2000].
Among the nitrides, for instance, boron nitride and silicon nitride are considered to have good 
oxidation resistance “to 2,000 °F,” or 1370 K [Lynch, 1966]. Peak STP engine temperatures will be 
nearly double this figure. Pierson [1996] calls hexagonal BN “one of the most outstanding corrosion- 
resistant materials.”
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firing will also require vacuum operation. It will be valuable to experimentally verify the 
degradation of selected materials by testing coupons at temperature, at various pressures in air.
Figure 6-1 SSTL vacuum test chamber with rotary first stage and oil diffusion pump.
Surrey’s past propulsion research activities used ambient testing almost exclusively. O f the 
research programmes discussed above, only Lawrence [1998] performed in vacuo testing, and 
this was conducted entirely at the U.S. Air Force’s Rocket Propulsion Laboratory at Edwards 
Air Force Base, California. Surrey’s primary facility for propulsion testing is located at the 
M inistry of Defence’s (MoD) W estcott E-Site; University of Surrey Safety Office representatives 
have forbidden hydrogen peroxide testing on the campus proper [Haag, 2001]. The W estcott 
E-Site, located near Aylesbury, northwest of London, is historically associated with British 
rocket developments and is fitted with an in-air test stand, data acquisition system, gas and 
liquid bottle storage facility, and protected viewing. A small high-vacuum chamber, 30 cm in 
diameter, has been obtained by SSTL from the University of Surrey’s D epartm ent of M aterials 
Science and will be used for initial coupon degradation and heating tests (Figure 6-1).
As noted, receiver heating and cooling rates can only be experimentally verified in a vacuum, 
due to losses associated with convective cooling in air. Flow characterization experiments with 
non-toxic or low-toxicity propellants (e.g.. He, Ng, and ammonia gas) will be conducted at 
W estcott’s E and F Sites. Ambient checks on non-flight receiver hardware (e.g., PMMA, Al, or 
stainless steel materials) could be performed at Surrey or W estcott with propellants— thus 
folding in propellant storage and seal verification. Full flow testing, at temperature, and /o r 
with hydrazine, will require vacuum operations— perhaps at a nearby facility''»’ or overseas.
' At l ant i c R esearch C o rp o ra tio n ’s (ARC) W e s tc o tt  facility  includes vacuum  and h ig h -a ititu d e  cham bers 
for rocket te s tin g  [A R C , 20 0 2 ]. O in e tiq ’s F a rn b o ro u g h  facility perform s lo n g -d u ra tio n  te s tin g  o f  low 
th ru s t  e lectric  p ropulsion  system s in vacuum . E ith e r  o f  these  are  a lte rn a tiv e  locations for iiigh- 
tem p era tu re  receiver te s tin g  o r ful 1-flow tests . T h e  A RC F -S ite  vacuum  cham ber w as used to cond u c t 
full-flow  te s ts  on th e  M k. I and M k. II receivers.
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Initial concentrator characterization was conducted at the Surrey Space Centre using a 
commercially available sun-tracking mount. Subsystem tests included verification of the 
concentrator’s optical performance over a range o f temperatures, offset angles, focal length 
errors, and simulated contamination or surface degradation. Key figures of merit include 
concentration ratio, focal spot geometry, and optical efficiency. For some tests, it was possible 
to use Surrey’s solar simulator"*’ or low-power lasers.
Solar furnace, Odeillo, France 
[IMP-CNRS, 2001]
Odeillo 1000 kW  solar furnace showing heliostat 
farm and parabolic concentrator mirror [IM P- 
CNRS, 2001].
Figure 6-2 Odeillo Solar Furnace Facility, near Perpignan, France.
System testing, to include full optical path testing (sun or simulated source to receiver aperture 
via the concentrator) in vacuo, flow with representative propellants, tankage, and feed lines, and 
test durations nearing or equalling nominal mission profiles, will be highly desirable as a 
precursor to flight, but was not essential to the present research program. Direct solar 
insolation requires a dedicated facility, such as the Odeillo furnace in Perpignan, France (Figure 
6-2), the DLR furnace (Cologne, Germany [Neumann, 1999]), or Edwards Air Force Base’s 
Rocket Propulsion Laboratory’s Solar Thermal Propulsion test facility [Frye, 1992]. These 
sites have exceedingly large heliostat/concentrator assemblies' ** and limited on-sun capability 
per day. Solar simulator test facilities include NASA Glenn Research Center’s Tank 6 Facility 
(Figure 6-3), used for solar dynamic power system and Integrated Solar Upper Stage testing 
[Frye, 1998], and the Arnold Engineering Development Center’s 12V (12 x 35 foot) solar
' T h e  ex is tin g  sim u la to r is p rim arily  in tended  for indiv idual so la r cell te s ts  and  there fo re  can n o t p ro ject 
a sufficiently  large  area  o f  collim ated  lig h t to  fully illum inate  even th e  m icro  (30-cm  d iam eter) 
c o n cen tra to r  surface. T herefo re , a “m ap” o f  th e  co n c e n tra to r’s focal p lane spo t w ould have to  be bu ilt up 
by illum ina ting  various sections o f the  m irro r. S o m eth in g  sim ilar m ig h t be perfo rm ed  w ith  a 
com m ercially  available laser source.
'■'* For example, Kreider [1 9 7 9 ]  indicates that the Odeillo furnace has a mirror area of 96 m'-.
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simulator and thermal vacuum chamber [AEDC, 2001]. These facilities, while theoretically 
having 24 hour-per-day capability, tend to suffer from xenon arc lamp degradation and failure 
over a long-duration test cycle. They are also large, highly subscribed, and expensive to 
operate.
One alternative to conducting a system test in a large facility might be to construct a purpose- 
built small-scale solar simulator and pair it with an existing thermal vacuum test facility (e.g., 
QinetiQ or Rutherford Appleton Laboratories)— this would require the test chamber to either 
have an existing port for introduction of simulated sunlight, or allow for one to be added. 
Construction of a small simulator is likely to be a lower-cost approach than renting a large 
facility (e.g.. Tank 6) for the necessary test campaign period. W hile this approach was not 
adopted during the present research and flight demonstration development activity, it may be 
useful for future characterisation of operational STP systems.
%
Exterior view o f  Glenn Research Center’s 
Tank 6 Facility [NASA GRC, 2000]
Figure 6-3 Solar Simulator Test Chamber at the NASA Glenn Research Center.
Tank 6 interior, with 15-foot (4.57 m) 
concentrator [NASA GRC, 2000]
6.2 Receiver T esting
The receiver subsystem received the greatest amount of attention during the component test 
phase. Initial material characterisation and bonding tests— needed to determine the efficacy of 
selected materials at 2,000 K and in vacuum— were followed by heating and thermal cycling 
trials, and, later, full flow testing in representative propellants (He, Na, and NH,;). These will be 
addressed in detail in the following sections.
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6.2.1 Material Survivability, Bonding, and Sealing Tests
The solar receiver should be capable of surviving repeated cycling between ambient (290 K) and 
peak operating temperatures of 2,000-2,500 K. Ideally, it will also be capable of w ithstanding 
chemical attack from hot ammonia, hydrazine, or various decomposition products (e.g., N^, Hv).
Two composite ceramics were selected for further consideration as receiver structural materials: 
(l) Zirconia-Strengthed Boron Nitride (ZSBN), a blend of 45% zirconia (ZrOa), 7% silicon 
carbide, and 48% boron nitride by weight; and (2) an Intermetallic Composite (IMC) of 46% 
titanium diboride (TiB^) and 49% boron nitride. Both are low porosity ceramics with good 
machinability characteristics, high thermal shock resistance, low coefficients of thermal 
expansion (CTE), and high temperature strength [G E, 2000][St. Gobain, 2000]. IMC was 
retained as an alternative due to vendor concerns over possible evaporation and chemical 
reaction in ZSBN at 2,300 K [Woodfield, 2002][Lyle, 2002].
- J11111 u
Figure 6-4 Left: Pristine and heated samples of ZSBN ceramic composite, 40 minutes at 2,300 K, 
20 mbar He environment, graphite furnace. Right: Fractured ZSBN specimen.
Several specimens of each material were exposed to temperatures of approximately 2,300 K for 
up to 40 minutes in a low-pressure He atmosphere (20 mbar). Figure 6-4 demonstrates the poor 
high-temperature performance of ZSBN— both tested samples lost in excess of 40% of their pre­
test mass during their short exposure. One of the ZSBN elements fractured into two sections, 
displaying evidence of heating-induced vaporization and porosity. The IMC specimens 
performed significantly better; while they experienced some darkening due to surface 
graphitisation, they lost ju st 0.35% and 2.3% of their pre-test mass, respectively. O ther than this 
single ZSBN fracture, neither set of samples suffered significant dimensional changes.
Both sets of samples produced a flaky white residue that precipitated out on various elements of 
the graphite furnace, which post-test X-Ray Photoelectron Spectroscopy (XPS) examination of 
the specimens revealed to be boric oxide (B.iO.j), a binder material present in small amounts in
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both ceramics. A dark residue precipitated out on the surface of the IMC elements, which XPS 
analysis demonstrated to be elemental carbon (Figure 6-5). Based on these results, the author 
selected IMC as the primary receiver structural material for the component test phase.
Figure 6-5 Left: Post-test samples of IMC ceramic composite, 40 minutes at 2,300 K, 20 mbar He 
environment, graphite furnace. Right: Close-up reveals evidence of graphite precipitation.
In addition to surviving at temperature in vacuum, the solar receiver must be capable of being 
assembled from a selection of subcomponents, with hermetic outer seals preventing the release 
of propellant gas into space. W hile metallic structures enjoy a variety of options for sealing, to 
include welding, mechanical bonding, and brazing, the nitride ceramics investigated by the 
author for use in a solar thermal engine are typically inert at high temperatures, sublime rather 
than melt, and are fairly brittle. W hile BN is notable in that its tensile strength rises 
considerably with temperature, its inertness makes it very difficult to bond to itself other 
ceramics, or metals [Nicholas, 1990] [Pierson, 1996]. Its use in crucibles and metallising boats 
attests to its lack of chemical reactivity, even at elevated temperatures.
Mk. I receiver components, from left: 
cavity aperture, cavity plug, nozzle, top 
flange, and cavity can.
Partially-assembled  
solar receiver and 
graphite foil gaskets.
Sealed solar receiver 
undergoing 3.9 bar 
leak check (Ni).
Figure 6-6 IMC (TiBi/BN) solar receiver subcomponents during assembly and hermeticity testing.
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After conferring with a number of materials experts, the author concluded that the approach 
with the greatest chance of success consisted of mechanically bonding flanged ceramic sections 
with ceramic bolts and graphite foil gaskets. The bolts, machined from the same material as the 
solar receiver, would have the same CTE as the main body"*» and should neither fracture the 
flange (in compression) or open it to leakage (in tension).
Figure 6-6 illustrates details of the mechanical bonding scheme used in the construction of the 
solar receiver. The photo at far right shows the assembled Mk. I receiver fitted with a silicone 
line for leak testing. This receiver withstood nearly 4 bar (gauge) of internal pressure without 
any leakage around the three graphite seals. There was some apparent leakage around the heads 
of several bolts; during assembly, it was found that the IMC bolts (4-mm diameter) are 
extremely brittle, fracturing at torque levels of between 0.2 and 0.4 N-m. This makes it difficult 
to fully tighten the bolts onto the flange faces.'
Cavity receiver feedline detail (cutaway) Brazing configuration for test specimen
(molybdenum cap on ceramic post)'^'
Figure 6-7 Brazed feedline for high-temperature bond survivability.
Introducing propellant into the solar receiver necessitates a ceramic-to-metal joint capable of 
withstanding very high temperatures (Figure 6-7). The author selected molybdenum as the 
feedline material, given its workability, relatively low cost, and refractoriness. Molybdenum’s 
melting point is 2,883 K.
F or IM C , th is  figu re  is 7.0 x 10 " in / in / ° C  [G E , 2 0 0 0 ]. T h is  is s lig h tly  h igh er  than tw o  key refractory  
m eta ls, tu n g sten  (4.5 x 1 O'") and m olyb d en u m  (5.1 x 10-") [L id e , 1995].
C eram ic fasteners w ere  soon  th ereafter  replaced by m olyb d en u m  b o lts  and nu ts, w hich , g iv en  
m o ly b d en u m ’s lo w er  coeffic ien t o f  therm al ex p a n sio n , sh ou ld  expand  le ss  than th e IM C  flan ge  m aterial. 
T h is  w ill p lace th e  ve sse l sec tio n s  in com p ression  at o p era tin g  tem p eratu res.
'"  The ceramic element used in this test is 30 mm in diameter, with a 10-mm diameter post. The Mo cap 
fits snugly onto the lip of the post. The cap’s minimum internal diameter is 2 mm, matching the outer 
diameter of Mo tubing procured for use as a propellant feedline.
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1,760 1___ 960(1,233)
Cu 1,980 ! 1,052(1,3251
Ni i 2,650 1,454(1,727)
Pd-Mo ' 2,860 1 1,571 (1,844)
Pt^Mo 1 3,225 1,774(2,047)
Ajg-Cu-Mo I 1,435 779 (1,052)
ZZ J 2,460 1,349 (1,622)
Mo-Ru 3,450 1,899(2,172)
Pd-Cu 2,200 _ li^ i:(M 7 7 ) __
Au-Cu____ 1,625 885(1,158)
Au-Ni 1,740 949 (1,222)
Table 6-1 Brazing filler metal liquidus temperatures [Rembar, 2002].
Options for joining molybdenum to TiB^/BN include mechanical assembly (e.g., bolted flanges 
or screw fittings), high-temperature adhesives, and brazing. All of these approaches— and some 
combinations thereof—have been examined for application to the receiver feedline connection. 
Several ceramic adhesives with use temperatures of up to 2,033 K were purchased and tested. 
Oasketed screw fittings were also designed, fabricated, and tested. As the latter two approaches 
were likely to suffer more from leakage, the author first undertook an examination of high- 
temperature brazing.
The author mixes Mo (57 wt. %) /R u  
(43) braze filler m etal powder with a 
glycerin/water solution prior to  
application to the test specimens.
Figure 6-8 Brazing trials at the University of Manchester’s Material Science Institute.
High-temperature, 
vacuum graphite 
furnace used for 
Mo/Ru braze trials.
Graphite furnace, 
open, showing 
insulation and oven 
detail.
Potential braze filler materials were investigated (Table 6-1), and one selected for further 
examination: eutectic molybdenum/ ruthenium (M o/Ru). A second approach, suggested by B. 
Derby of the M anchester Materials Science Institute, utilised a mixture of pure Mo, silicon, and 
molybdenum disilicide (MoSio), potentially creating a high-temperature solid phase intermediate 
between the ceramic and metal surfaces. This approach, an example of partial transient liquid 
phase bonding (PTLPB), was recommended due to MoSi./s low coefficient of thermal expansion.
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intermediate between that of the molybdenum feedline cap and ZSBN receiver structure. 
M o/R u, with a melting point o f 2,320 K, was successfully used to bond single-crystal 
molybdenum solar receiver elements in a Japanese test programme conducted in the late 1990s. 
[Shimizu, 1997] W hile there was no specific evidence in the literature that suggested that such 
a bond would be achievable, M o/R u represented just one of a very few non-proprietary metal 
brazes available with a eutectic above the projected receiver use temperature of 2,000 K. It was 
believed that long experience with molybdenum/manganese metallisation of ceramic elements 
m ight make such a bond feasible. [Nicholas, 1998]
“$Wlo>V5.
Braze test specimen. Braze test specimen. Collection o f  three braze test
M o/Ru filler. Mo M o/R u filler. Mo cap, specimens. At right: ZSBN specimen
cap, IMC post. IMC post. with M o/M oSL /Si braze, which failed
Pressure < 10 mbar. Pressure = 1-2 mbar. to bond.
Figure 6-9 Post-furnace treatment of several braze specimens. University of Manchester.
Vacuum and low pressure brazing trials were conducted at the University of M anchester in 
March 2003. Both furnaces used in this test series were water-cooled and graphite-lined, with 
evidence of prior contaminants present in the lining (Figure 6-8, right). Pure powder samples 
of molybdenum, ruthenium, MoSL, and silicon were procured and mixed with a glycerin/w ater 
binder for ease of application to the cap and post specimens (Figure 6-8, left). The 
glycerin/w ater binder rapidly evaporates upon heating. Prior to application, the M o/R u 
mixture’s constituents were weighed on a precision balance to ensure the eutectic composition 
(57 wt. % Mo, 43 wt. % Ru) [Massalski, 1986]. The Mo (75 wt. %)/MoSiv(20)/Si (5) sample 
was similarly prepared. To prevent contamination, handling of the cap and post materials was 
performed only with gloves. The first test article, a cap/ZSBN post specimen with 
M o/M oSh/S i braze filler, was placed in a graphite furnace, the furnace sealed, and the pressure 
lowered to 10-' mbar (absolute). The specimen was then heated to 1,779 °C (2,052 K) over a 
period of 4 14 hours. The specimen was then allowed to cool overnight. After re-examination of 
the cap/post the following morning, it was found that the M o/M oSi.j/Si filler had not wet the 
molybdenum cap and no bond was achieved. However, the ZSBN post showed visible cracks 
and emerged coated with an ash-coloured deposit.
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The second test article, a cap/IM C post specimen with M o/R u filler, was placed in a second 
furnace with a single-stage rotary  pump and thus only a limited vacuum capability (O .l mbar). 
Following a two-hour heating regimen and subsequent cooldown, this article was removed and a 
very weak bond found to have been formed. This bond was achieved at 2,078 K at fluctuating 
pressure levels of 1-2 mbar, with clear evidence of purple, blue, and green discoloration, 
implying oxidation of the molybdenum due to high oxygen partial pressures (Figure 6-9, 
middle). An attem pt to section the specimen and assess the quality of the bond was unsuccessful; 
the cap separated from the ceramic post soon after the diamond saw was applied to the cap.
The third test article, identical to the second, was tested in the vacuum furnace at a maximum 
pressure of 2 x 10->- mbar (absolute). This final trial achieved a relatively strong bond (Figure 
6-9, left).' »-^ Peak furnace temperature attained during this last test was 2,060 K, short of the 
M o/R u eutectic by several hundred degrees. The braze filler material was nevertheless seen to 
clearly wet the metal cap but refused to flow freely over the ceramic. This specimen was later 
tested at the Surrey Space Centre for hermeticity. T he cap was sealed to a section of silicone 
tubing with cyanoacrylate glue and pressurized to 2 bar with nitrogen. Liquid soap was applied 
to the interface between cap and post and clearly indicated leakage through the brazed seam. 
W hile the level of leakage was not quantified at this time, this braze trial failed to achieve the 
desired hermetic seal needed for a flight-type solar receiver.
Further testing at the University of Manchester was suspended, owing to the lack of high- 
temperature capability achievable with the two furnaces available. The author later conducted 
several brazing trials with MAST Carbon of Guildford, to determine if higher temperatures 
might provide a more consistent, hermetic bond.
Figure 6-10 MAST Carbon’s bonding attem pt at 2,320 K melts molybdenum cap.
The first attem pt to improve the seal quality of the M o/R u bond utilised temperatures 
approaching the braze filler liquidus of 2,320 K. The author provided two cap/post specimens
V acuum  furnace tem p eratu res h igh er  than 1,780 ”C (2,052 K) w ere un obta in ab le  at th e  U n iv e r s ity  o f  
M anchester , o w in g  to  lim ita tio n s on  th e  fu rn aces’ p ow er  supply .
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and applied braze filler and binder using materials prepared at the University of M anchester for 
the previous test series. MAST Carbon then heated these specimens separately (Mo/MoSiu/Si 
braze with ZSBN post, M o/R u braze with IMC post) to 2,000 °C (2,273 K) in 50 minutes, in a 
low-pressure furnace (He purge at < 20 mbar (absolute) pressure). This effort proved 
unsuccessful, owing to the unexpected destruction of the Mo cap in both instances, over 500 
degrees below the accepted melting point of molybdenum (Figure 6-10, left). Both caps appear 
to have melted and flowed down the sides of the ceramic post, collecting around the base. 
Energy-dispersive X-ray Scanning electron microscopy (EDX/SEM),"-* conducted by the 
University of Surrey’s Chemistry Department, provided photos such as that shown in Figure 
6-10 (right). Silicon crystals— presumably from the M o/M oSL/Si filler, are identified by the 
EDX technique here, embedded in a molybdenum “splatter” found on the graphite oven cap used 
for the brazing test. Traces of other impurities (e.g., vanadium, carbon) were also detected but 
not in sufficient quantities necessary to lower the melting point of the molybdenum cap 
[Massalski, 1986]. The caps were also tested and their purity confirmed through SEM  analysis. 
The author conferred with various experts on possible causes of the premature melt— to include 
melting point suppression by elemental boron migration, infiltration of molybdenum grain 
boundaries by titanium, undetected temperature excursions, and the potential inclusion of 
impurities in the cap material itself—but no conclusion could be drawn until a pristine cap was 
tested alone [Derby, 2003][Baker, 2003][Yeomans, 2003].
Figure 6-11 ZSBN ceramic post with Mo cap and Mo/MoSL/Si braze filler material. Graphite felt 
has bonded to bottom of ceramic post (right).
No braze or ceramic was present in the final test. A molybdenum cap was placed inside a 
graphite oven in the MAST Carbon low-pressure furnace. The cap rested on a pad of graphite 
felt, similar to that shown in Figure 6-11, at right. MAST ramped the cap to 2,320 K over 60 
minutes. As in previous tests, a helium purge was used to prevent oxidation of the sample.
E n erg y -d isp e rs iv e  X -ray  an a lysis  relies  on  e lectro n  bom b ard m en t o f  th e  ta r g e t  sp ecim en  (e .g ., by a 
sca n n in g  e lectro n  m icroscope). T h e  e n e rg y  o f  X  rays em itted  from  th e  sp ecim en  [irovide e lem en ta l 
co m p o sitio n  inform ation  [R itch ie , 200 3 ].
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Following removal from the furnace, the cap showed some evidence of melting, albeit only along 
the interface between the molybdenum cap and the graphite felt base the cap rested on. This 
tends to validate the thesis that impurity migration (i.e., contaminants present in the carbon felt 
from previous test runs) may be responsible for the local melting observed. F urther brazing 
trials were not conducted, although there is evident promise in the M o/R u braze. Successful 
application will require a rigorous, long-term  programme of investigation beyond the scope of 
the current research.
SECTION A-A
Figure 6-12 Screw-fit molybdenum cap and qualitative leak testing.
A selection of ceramic adhesives was purchased from a UK ceramic materials distributor, Pi- 
Kem, during the summer of 2003, including a proprietary two-element adhesive, “Ceramabond 
552,” produced by Aremco, Inc. [Aremco, 2003] This adhesive is high-temperature capable (to 
1,650 °C or 1,923 K) and can be used for both ceramic-to-ceramic and ceramic-to-metal bonding. 
The adhesive paste was applied to an IMC element identical to those used in the M anchester and 
MAST Carbon trials with one exception: the post was fabricated with an internal thread
(standard MS) to allow for mechanical as well as adhesive and /o r braze sealing. A screw-fit 
molybdenum cap (Figure 6-12, left) was attached to the post and the assembly cured in at 100 °C 
and 260 °C for two hours at each temperature plateau, then removed and cooled to room 
temperature overnight. The next day, a silicone gas line was attached to the distal end of the 
molybdenum cap and pressures of up to 15 bar (N^, gauge) applied (Figure 6-12, right). 
Unfortunately, the ceramic adhesive did not provide a hermetic seal even under ambient 
conditions; painting the interface with liquid soap revealed significant leakage. Immersing the 
assembly in water, and collecting the released nitrogen gas, permitted a leak rate to be 
estimated; in this instance, the leak rate over a six-minute immersion test was determined to be
0.4'1<4' m l/s or 0.00054 g /s  of nitrogen (10 bar). W hile small in comparison with predicted Mk. I 
and Mk. 11 receiver flow rates (0.3 g/s), it is possible that the interface will degrade (a) over 
time, or (b) at higher temperatures and over successive thermal cycles, owing to erosive effects 
in the leak region.
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A second screwfit cap and post assembly was constructed and sealed using a 0.5 mm thick gasket 
of high-purity graphite foil acquired from UCAR, Ltd., o f Sheffield, Yorkshire, UK. The base of 
the threaded cap compresses the foil and provides a near-leakproof seal. An example of such a 
seal can be seen in Figure 6-13. In a manner nearly identical to that used for the adhesive- 
bonded cap/post hermeticity test, this cap/post was immersed in water and tested at pressures 
of up to 14 bar (compressed air, gauge). A leak rate test was conducted at 10 bar, over a thirty- 
minute period. The leak rate for this sealing methodology was determined to be much less than 
that for the adhesive-bonded cap, .0806 m l/s or 0.000098 g /s . This equates to a leakage rate of 
just three parts in ten thousand, assuming a flow rate of 0.3 g /s .
Figure 6-13 Mechanical feedline bonding with screwfit caps and graphite foil gaskets (Mk. II
receiver).
The mechanical bonding approach clearly demonstrated hermetic performance superior to either 
the brazed or the adhesive-bonded fitting. Additionally, mechanical bonding permits 
disassembly and reconstruction; neither brazing nor adhesive bonding allows for anything but 
destructive disassembly.
Prior to full flow testing with the Mk. I and Mk. II receivers in December 2003, a final set of 
checks was performed on the Mk. II receiver to validate its mechanical bonding scheme. The 
Mk. I receiver bodies were delivered with bare feedline posts— unlike the Mk. II, no M8 thread 
had been cut into the Mk. I’s posts (see Figure 6-14, le ft)." ' Its nozzle section sealed, the Mk. 11 
receiver was fixed to a silicone gas supply line and placed inside a steel-walled chamber used for
A t the tim e o f  th e M k. I’s fabrication , th e  se lec ted  feed lin e  b o n d in g  approach (brazed fittin g ) w as still  
th o u g h t to  be ach ievab le  w ith o u t sign ifican t add itional research . H ence, it w as d e livered  w ith  a bare post 
for braze app lication.
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low-pressure testing. gas pressures o f up to 20 bar (gauge) were applied to the receiver with 
no evidence of mechanical failure, although clear evidence of leakage was seen above 15 bar 
(using liquid soap for leak detection). As the receiver material is very hygroscopic, it was 
deemed unadvisable to perform an immersion leak rate test, as the inclusion of water in the 
matrix might damage the receiver structure during outgassing and make it unusable for future 
high temperature flow testing.
Figure 6-14 Feedline post detail, Mk. I and Mk. II receivers.
The Mk. II receiver’s nozzle was then unsealed and placed upside-down on a precision balance 
(Figure 6-13, right), accurate to +0.1 g. Pressures of 1, 2, 3, 4, and 5 bar (N.i, gauge) were 
applied and weight measurements taken at each pressure plateau. Theoretically, any weight 
increase will be directly attributable to gas departure through the nozzle, and concomitant 
downward thrust. Close agreement between predicted and measured thrust figures should, in 
principle, provide a level of confidence that the receiver is reasonably leakproof. Derived thrust 
measurements and approximate flow rates are shown in Table 6-2. Mass flow rate is first 
estimated from the well-known relation for characteristic velocity, or c* [Hill, 1992]:
m  =
Pressure loss in the receiver flow path is neglected for this analysis; the chamber pressure is 
assumed to be equivalent (or nearly so) to the supply pressure. The throat area A, is known. 
Characteristic velocity is a function only of chamber conditions, which, for nitrogen gas at 
ambient temperature, is calculable via [Hill, 1992]:
M
154
Solar Thermal Propulsion fo r  Microsatellite Manoeuvring
For nitrogen gas at 20 °C (293 K), y = 1.4 and M =  28. N /s  r* is therefore 429 m /s. Then, for a 
given pressure, an ideal mass flow rate for this receiver configuration can be determined.
1.0 1.1 + 0 .1 10.8 + 1.0 I 429 0.18 77.2 0.14
2.0 3.8 37.2 429 0.27 115.8 0.32
3.0 8.9 87.2 429 0.36 154.4 0.56
4.0 13.6 133.3 429 0.45 193.1 0.69
5.0 18.9 185.2 429 0.54 231.7 0.80
Table 6-2 Mk. II receiver mass flow rate check.
Since thrust is simply the product of mass flow rate, characteristic velocity, and the coefficient of 
thrust (C/), a predicted thrust value can be calculated and compared to the actual data. Cf is 
assumed here to be equal to 1, the nominal value for an orifice with no divergent section. 
Typical values for vacuum thrust coefficient, in nozzles with substantial divergent sections, can 
range as high as 1.8-2.0 (i.e, isentropic expansion of the effluent gas roughly doubles thrust).
' ]  '  S E C T IO N  A-
D ETAIL B
1
Figure 6-15 N ozzle section , Mk. I and Mk. II receivers.
For the test data in question, it can he seen that, for low supply pressures, the ratio of actual to 
predicted thrust is very low. This is not entirely surprising: for a sharp-edged orifice, a vena 
contracta (or “aerodynamic throat”) forms downstream of the physical throat, due to the 
inability of the flow to follow the throat’s curvature (Figure 6-15, left)."-  ^ This implies a smaller 
effective throat area and a lower mass flow rate (and lower thrust). As the pressure differential 
becomes more favourable, the vena contracta migrates backwards up the nozzle towards the 
throat; in the limit, the vena contracta area asymptotically approaches the area of the physical 
throat. Zucrow [1976] notes that this phenomena gives rise to a delayed onset in choked flow;
For sharp-edged orifices, the curvature is infinite at the throat. Thus, a vena contracta must form.
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normally, in air (or in Na), an ambient-to-chamber pressure differential of 1.89 is sufficient to 
choke the flow in the nozzle and allow for transition to supersonic flow within its divergent 
section. In experiments performed by Thornock and Brown [1972], pressure differentials of 4.0 
or more are required to achieve “truly choked” flow. However, a reduction in throat area cannot 
completely account for the discrepancies seen in the measured thrust data.
0.8 T -----
0 .7
Normal shocks form
1 bar (gauge) supply pressure
5 bar (gauge) supply pressureNormal shocks 
do not form
10 100
N ozzle  area  ra tio  (A e /A t)
Figure 6-16 Normal shock formation in overexpanded nozzles. Dotted red line represents A ,/A ,
A further reduction in thrust (but not c*) can arise as a result of the high back pressure at the 
nozzle exit plane. For both the Mk. 1 and Mk. II receivers, the nozzle was designed with a 15° 
divergent conical section and an area ratio of 83."^ The isentropic flow relation for nozzle area 
ratio is a function of the specific heat ratio y and the exit Mach number [Hill, 1992]:
4
A.
1
M . y  + \
/ + ! 
7 -1
In the ideal case for nitrogen, with no flow separation, the exit Mach number can be found to be 
approximately 5.35. The pressure ratio for this Mach number can then be calculated:
r
7 -1
The Mk. I graphite foam nozzle extension raises the effective area ratio of the nozzle still further, to 
375.
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Note that Pc is the chamber pressure, Pg is the pressure at the nozzle exit plane, and Pa 
represents the ambient (external) pressure. For normal shock formation,
Pe /  + ! ' /  + !
2.2
Pc^ P =  0.07  = 1.20
2.0
L o cu s  o f  
“  m a x im u m  th r u s t  
V P,=Po
0.001
0.002
0.005
u
0.01
.1Ü
8 0.02
S e p a ra tio n  reg io n
2
S e p a ra te d  flo w
0.05
= 0.4 p.
= 0 .2  p„
0.2
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0.6
0.5
0.4
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Figure 6-17 Coefficient of thrust as a function of nozzle area ratio, indicating flow separation
regime (y = 1.2) [Zucrow, 1976].
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Combining these two relations allows one to determine the highest ambient-to-chamber 
pressure ratio Pa/Pc for which normal shocks will not form within the nozzle (i.e., the shock 
forms at the exit plane). For the area ratio = 33 case, Pa/Pc = .045; therefore, to avoid normal 
shock formation inside the nozzle when exhausting to ambient pressure (l bar absolute), the 
chamber pressure must be in excess o f 22 bar (Figure 6-16). As these tests were conducted well 
below this threshold, normal shocks appear very likely to form, potentially deep inside the 
nozzle. Figure 6-17 confirms that this first flow test was conducted far below the separation 
regime, and low (< l) thrust coefficients are to be e x p e c t e d . A t  more favourable pressure 
gradients, normal shocks gradually migrate toward the nozzle exit plane. Nevertheless, flow 
separation and oblique shocks may be present, with complex internal structure [Hill, 1992]. 
This makes the intended determination of receiver seal efficacy highly problematic. From this 
analysis, it is not possible to discover whether the receiver is or is not leaking, or to what extent; 
the thrust discrepancies seen are plausibly the result o f unfavourable pressure gradients, flow 
separation, and normal/oblique shock f o r m a t i o n . T h u s ,  this test can only be properly 
performed in atmosphere at high chamber pressures or, alternatively, under vacuum conditions: 
in either case, the pressure gradient will be highly favourable. Zucrow [1976] offers:
“The exact separation point, as well as the thrust developed after separation occurs, can be 
determined only by experiment.”
Although this method met with little success when applied to flow measurement and seal 
validation, this problem lays theoretical groundwork for similar discrepancies encountered 
during the hot firing tests. This issue will thus be examined in further detail when the problem 
of th rust and mass flow measurement is discussed in Section 6.2.3.
6.2.2 Receiver Cavity Heating Profile and Survivability Tests
The two receivers discussed in Chapter 5, the Mk. I and Mk. II, were developed with somewhat 
different objectives in mind. The Mk. I, which masses nearly 1.5 kg, was intended to maximise 
gas-body heat transfer through the use of a packed bed of ceramic particles. Modelling indicated 
that the use of the packed bed would provide for substantially higher gas exit temperatures. The 
Mk. II receiver, at less than 1 kg, was constructed to maximise body temperature and provide 
data on high-temperature survivability and potential failure modes. The machined spiral flow 
path, as demonstrated, is not capable of matching the Mk. I s heat transfer performance.
' "  This figure is valid for y = 1.2, while, as noted above, nitrogen’s value at 293 K is 1.4. Plotting this 
figure at y = 1.4 has the effect of depressing the curves slightly downward, such that the maximum 
obtainable thrust coefficient is reduced. The flow test under consideration is still well below the 
separation regime.
Coxhill [2004] notes that, although his engines were test-fired in ambient air, chamber pressures 
would typically rise to 20 bar. Thus, it is highly unlikely that he would have encountered the 
discrepancies seen here.
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Resistive heating, rather than direct solar insolation, laser heating, or induction heating, was 
selected as the simplest approach for achieving test aims under vacuum conditions. While power 
leads must be routed through a feedthrough in the vacuum chamber, this is not especially 
difficult. Dissipation of an appropriate amount of heat, inside the receiver cavity, becomes the 
principal difficulty, due to the high energy densities being simulated.'-*® Direct insolation 
requires sunlight to be optically routed inside the vacuum chamber, either via optical fibre (part 
of the experimental research undertaken in this programme) or an assembly of collimating 
mirrors.'-’® Laser heating would require the acquisition of a high-power (kilowatt-class) laser 
source, and would still require optical routing to allow the laser light to heat a target inside the 
vacuum chamber. While these alternatives were briefly investigated, they were quickly seen to 
be high-cost approaches with significant performance risk and without any distinct advantages.
Figure 6-18 Packed bed preparation and assembly of Mk. I solar receiver for heating tests.
The first tests of the insulated solar receiver concentrated on the validation of W inTherm , 
CHUPS, and M STISM  modelling results for the thermal charging phase. All of the 25 profiling 
tests were conducted at the ARC UK W estcott E Site in Oxfordshire, UK. Although E Site 
contains a firing bay, flow measurement and data recording devices, none of these were required 
for the initial heating tests. The standalone test rig includes (a) a 30-cm diameter high vacuum 
chamber with multiple ports and feedthroughs (including a quartz window for viewing and 
optical temperature measurement), (b) a single-stage rotary pump, (c) an oil diffusion pump, (d) a 
dual-phenomenology wide-range pressure gauge capable of measurements between atmospheric 
and 10-® mbar, (d) three C-type (tungsten-rhenium) thermocouples with a peak temperature 
capability of 2,320 °C (2,593 K), (e) a variable (60 V /50 A maximum) power supply, and (f) a 
handheld infrared thermometer (for surface temperature measurements above 600 ”C).
O n th e order o f  600 W / c m ’. For com p arison , P u esch n er  [1 9 9 9 ]  d escr ib es a m icrow ave  heater for  
research app lications, “w ith  ty p ic a l . . .v a lu es” o f  p ow er d en s ity , d e liv e r in g  2.8 W /c m ' .
C learly , u s in g  am b ien t su n lig h t for grou n d  te s t in g  sev ere ly  lim its  th e  tim e ava ilab le  for te s t in g ,  
e sp ec ia lly  at h igh  la titu d es  and in a reg ion  th at ty p ica lly  exp erien ces  substantia l in c lem en t w eather.
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Prior to testing, the Mk. I receiver was assembled, its bed cavities filled with boron nitride 
particles, foil seals and ceramic bolts installed, and placed in its insulation package (Figure 6-18). 
The receiver assembly was then suspended between two aluminium mounting rings and 
attached to the cavity heating rig (Figure 6-19). The heating rig is fitted with two large copper 
bus bars, insulated from the lower aluminium mounting plate by Macor® ceramic elements. 
Power leads are connected to screw fittings at the rear faces of the bus bars, near the edge of the 
mounting plate. For the initial series of heating tests, tungsten, tungsten-rhenium, 
molybdenum-rhenium, and molybdenum wire (<1.5 mm diameter) coils were mounted between 
the two copper electrodes and the coil inserted inside the IMC ceramic cavity aperture. Care 
was taken to ensure that the coil did not touch the IMC material, due to IMC’s conductivity and 
the potential for coil-to-receiver body shorting and failure.
Figure 6-19 Mk. I receiver in cavity heating rig (left). Cavity heating rig installed in chamber
(right).
4
Figure 6-20 Thermocouple locations for Mk. I cavity heating profile tests (left). Resistance check
on receiver heating element (right).
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Once the cavity heating rig was assembled, it was placed on an aluminium mounting floor for 
insertion into the vacuum chamber. Power leads were connected to the bus bars. Bare 
thermocouples (sheathed in electrically insulated, high temperature silica fabric along most of 
their length) were placed at three locations (Figure 6-20, left): ( 1 ) at the end of one of the copper 
electrodes, directly over the cavity aperture; (2) at the interface of the insulation package and the 
bottom aluminium mounting ring; and (3) inserted in the feedline post on the top flange of the 
Mk. I receiver. Alignment of the heating coil was verified by a resistance check with a standard 
multimeter (Figure 6-20, right). Thermocouple transmitters mounted on the exterior of the 
vacuum chamber included two-line displays calibrated to the C-type thermocouple response 
curve (mV/°C) [Dataforth, 2004]. Values were read directly from the displays and recorded. 
The wide-range pressure gauge was connected to a dial-type gauge display and values from this 
display recorded in the same manner.
Figure 6-21 Vacuum heating test rig, W estcott E Site.
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Unlike some high vacuum systems, the W estcott E  Site vacuum chamber contained no roughing 
line for evacuation o f the chamber bypassing the oil diffusion pump. The chamber was roughed 
through the oil diffusion pump, with care taken to ensure no backstreaming and contamination 
of the chamber could occur during pumpdown or venting. Therefore, the chamber was always 
vented to atmosphere before the oil diffusion pump, by means o f a large isolation valve between 
the oil diffusion pump and main chamber. T he cavity heating profile test procedure consisted of 
the following steps:
1. Placement of the instrumented cavity heating test rig in the vacuum chamber (Figure 6-21 ).
2. Powering on the thermocouple transmitters, wide-range gauge, and gauge display.
3. Verification of heating element resistance with multimeter followed by brief power 
throughput test. Power supply is turned on and set to lOV/lOA for several seconds, then 
powered down.
4. Sealing of the vacuum chamber main flange.
5. Re-verification of power throughput in case of heating element shift during main flange 
sealing.
6. Closing the vent valve to the chamber and the foreline vent valve.
7. Opening the isolation valve above the oil diffusion pump.
8. Opening the foreline valve between the oil diffusion pump and the mechanical (rotary) pump.
9. Powering on the mechanical pump and waiting for chamber pressure to asymptotically 
approach 2 x 10 - mbar (typically 15-20 minutes after startup).
10. Startup of the oil diffusion pump water cooling loop. Powering on the oil diffusion pump and 
waiting for chamber pressure to approach 1 x 10-* mbar or less (typically 30 minutes).
11. Recording initial temperature readings from thermocouples (l), (2), and (3). Recording 
chamber pressure from wide-range gauge display.
12. Powering on the power supply and recording thermocouple, pressure, current, voltage, and 
infrared thermometer readings throughout the course of the test.
13. Powering down the power supply and continuing to record data through the cooldown 
phase. Once the receiver feedline temperature drops below 200 °C, the chamber can be 
isolated from the diffusion pump and vented to atmosphere. The oil diffusion pump can be 
powered down and the chamber’s main flange removed for post-test inspection of the 
receiver.
T he combination of rotary and oil diffusion pumps permitted pressures as low as 10 ’ mbar to be 
attained after approximately 45 minutes, although receiver outgassing during thermal charging 
raised this significantly, occasionally as high as 5 x 10 '' mbar. No evidence of receiver or 
heating element lead oxidation was seen during the conduct o f any of the tests. Several factors
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combined to complicate the process of resistively heating the solar receiver: ( l)  cavity
volumetric constraints and small aperture diameter (8-11 mm); (2) IMC’s natural conductivity, 
which requires the heating elements to be separated from the cavity walls; and (3) deterioration 
of heating element lead material in vacuum, through vaporisation, leading to element failure. 
Tests with bare metal coil elements generally failed rapidly, leading to an open-circuit condition 
and subsequent test shutdown. Various approaches at producing reliable, high-efficiency 
heating elements were attempted (Figure 6-22).'”  Practical problems included manual lead 
bending, which introduces stress concentrations, numerous failures during fabrication, and an 
increased likelihood of premature failure during test. Tungsten leads, while inexpensive to 
procure, were eventually discarded in favour of molybdenum and tantalum leads (1.5 mm 
diameter). T ungsten’s brittleness made it extremely difficult to form coils or bends; 
molybdenum leads were far more ductile and less prone to failure.
:.V iL p u p iiiL iii
io 20 30 100 no 120
Figure 6-22 IMC heating element, tungsten leads (left). 2-path IMC heating element, 2'"' version,
tungsten leads (right).
A summary of profile test results can be found in Table 6-3. The Mk. I receiver, 1,131 g  in 
mass, saw nine documented excursions in external cavity temperature above 1,000 K and, in its 
final heating test, reached 1,424 K. The Mk. 11 receiver body, roughly half the mass of the Mk. 1 
(563 g), was heated seven times to temperatures above 1,500 K and, in the final test, reached 
1,974 K. Example profile data is shown in Figure 6-23 and Figure 6-24.
The figures illustrate a critical problem with the heater element designs— primarily coils of 
refractory metals (e.g., Mo-Re, Mo, W-Re, and W)— used in early profile testing. There is 
evidence of substantial conductive loss to the copper electrodes, which were heated to 613 K in 
the first test and over 750 K in the second test. The M STISM  lumped-capacity model (Figure 
6-24, red line) predicts that an input of approximately 600 W  will produce the heatup profile 
seen in Test 2; thus, nearly 300 W  of dissipated power were lost through conduction or
No heating elements of the size and power throughput required could he procured commercially.
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radiation external to the cavity aperture.'”  ^ The estimated heating efficiency (received power at 
the cavity divided by total power dissipated in the circuit) is only 0.67. This drove the quest for 
ever-higher power dissipation, in the attem pt to produce high receiver temperatures, but which 
instead led to numerous, premature shutdowns. Much of the subsequent effort was undertaken 
with the objective of improving the efficiency of the heating elements by depositing the greater 
portion of generated heat inside the cavity, without degrading element reliability.
1 1 M k .I M o /R e  coil 855 /  1,128 835 /  1,108 704 93
2 M k .I M o /R e  coil 987 /  1,250 950 /  1,223 872 102
3 ' Mk. I M o /R e  coil 732 /  1,005 * 1,239 20
4 Mk. I W /R e  co il * ** —
5 Mk. I W /R e  coil * ** —
6 M k .I W  coil 283 /  556 * 784 15
7 Mk. I W  coil * 647 ——
8 Mk. I IM C /W  lead 530 /  80S * 495 53
9 Mk. I IMC 2 -P a th /W  
lead
604 /  877 610 /  883 669 101
10 Mk. I IMC 2 -P a th /W  
lead
804 /  1,077 775 /  1,048 810 101
11 Mk. I 4-Path IM C /W  
lead
907 /  1,180 882 /  1,155 983 34
12 Mk. I 4-Path IM C /W  
lead
897 /  1,170 890 /  1,163 965 70
13 Mk. I 8-Path C /W  lead 768 /  1,041 818 /  1,091 800 27
14 Mk. I 8-Path C /W  lead 1,010 /  1,283 994 /  1,267 1,267 36
15 Mk. I 8-Path C /M o lead * ** ——
16 Mk. I 8-Path C /M o lead * ** ——
17 Mk. I 8-Path C /M o lead 1 ,1 5 1 / 1,424 1,575 73
18 Mk. II 8-Path C /M o lead * -
19 Mk. II 8-Path C /M o lead 1,230 /  1,503 1,175 /  
1,448
1,250 17
20 Mk. II 8-Path C /M o lead 1,237 /  1,510 1,183 /  
1,456
1,320 30
21 Mk. II 8-Path C 2 /T a  
lead
1,515 /  1,788 1,432 /  
1,705
1,368 76
22 Mk. II 8-Path C 2 /T a  
lead
1,515 /  1,788 1,476 /  
1,749
1,440 71
23 Mk. II 8-Path C 2 /T a  
lead
1,317 / l ,5 9 0 1,680 39
24 Mk. II 8-Path C 2 /M o  
rod
1,346 /  1,619 1,537 /  
1,810
1,360 39
25 Mk. II 8-Path C 2 /M o  
rod
1,404 /  1,677 1,701 /  
1,974
1,429 93
= no data ** • failure during power ramp
Table 6-3 Summary of cavity heating profile tests (April -  September 2003).
T h is  data a lso  verifies  th at M S T IS M , w hich  d o es  n o t accou n t for Q  var iab ility  w ith  tem p eratu re, ten d s  
to  un derp red ict cav ity  tem p eratu re at lo w  tem p eratu res, w h ile  o v erp red ictin g  at h igh  tem p eratu res.
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The author experimented with metal coils of various materials, lengths, and diameter, but none 
showed substantial promise. Several tests (8, 9, and 10) were conducted with a conductive IMC 
element attached to 1-mm diameter tungsten leads. These elements exhibited rapid resistivity 
decay with increasing temperature, which, following cooldown, was demonstrated to be 
irreversible. Despite these shortcomings, the multi-material (lead/resistive element) approach 
paved the way towards higher-efficiency designs made from graphite, which were found to be 
reusable over multiple tests, evincing no significant resistivity decay or mechanical damage.
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Figure 6-23 Test 1 Heating Profile (Mk. I receiver, peak external cavity temperature (PECT) 
1,128 K, peak power dissipation in circuit = 704 W). Test date: 14 April 2003.
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Figure 6-24 Test 2 Heating Profile (Mk. I receiver, PECT = 1,250 K, peak power dissipation in 
circuit = 872 W). Test date: 16 April 2003. MSTISM power = 595 W.
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T est 10 (Figure 6-25), performed in April 2003, illustrates an attem pt to achieve higher 
temperatures with multi-material heating elements. Over the course of this test, the resistivity 
of the IMC element decayed from 611 mQ to 394 mQ, requiring the test conductor to constantly 
adjust the voltage supply upward to maintain a constant power input. During the 85^ *’ minute, 
the power supply fuse open-circuited."^^ After replacing the fuse, the test was resumed at a 
higher power level (810 W) within two minutes, but a second blown fuse halted the test in the 
10P‘ minute.
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Figure 6-25  Test 10 Heating Profile (Mk. I receiver, PECT prior to first shutdown (85  minutes) = 
1,047 K, peak power dissipation in circuit = 6 3 0  W; PECT following first shutdown = 1 ,077  K, 
peak power dissipation after first shutdown = 81 0  W). Test date: 13 May 2 0 0 3 . MSTISM power = 
4 1 4  W. Dashed blue line: First shutdown (85 minutes). Dashed red line: Restart (87  minutes).
The MSTISM model revealed the efficiency of the IMG/tungsten lead heating element to be no 
better than the refractory metal coils, estimated at 414 W /  630 W, or 0.66. Further, these 
elements, as a result of their inherently low (and highly temperature-sensitive) resistivity, 
provided comparatively low power dissipation. The author investigated variants of the IMC 
element with an extended circuit path— respectively two and four times that of the original 
element— in an attempt to increase the element’s total resistance and produce higher power 
dissipation inside the cavity aperture."^’
At fuse failure, the current supply registered over 40 amps (at 15.75 V).
During the two-minute power supply outage, the temperature of the receiver dropjied nearly 50 K. 
These repeatedly sufiered from brittle failure during assembly, and were difficult to fabricate.
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The author finally abandoned IMC and turned to graphite, despite reservations regarding 
potential graphite contamination of the receiver surface during heating. The first of these 
elements, produced by Sintec-Keramik, demonstrated immediate promise; Test 14, conducted on 
18 June 2003, produced the highest peak external cavity temperature (PECT) yet seen, at 1,283 
K (Figure 6-27) . The heating element failed in the 36‘*’ minute (Figure 6-26, left), apparently 
due to a local “runaway” resistance increase and subsequent melting of the tungsten lead at the 
graphite element i n t e r f a c e . T h e  MSTISM model for this test indicated that, were the element 
to have remained intact, the receiver would have reached 1,350 K by the 60^  ^minute.
Figure 6 -2 6  Eight-path graphite elements.
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Figure 6 -27  Test 14 Heating Profile (Mk. I receiver, PECT = 1,283 K, peak power dissipation in 
circuit = 1,267 W). Test date: 18 June 2 003 . MSTISM power = 9 3 9  W.
Peak power and heating efficiency (0.74) are also higher.
The test conductor has repeatedly observed this sudden and rapid voltage rise followed by an open- 
circuit failure.
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Preliminary bare element survival trials were conducted on 4-path glassy carbon heating 
elements, obtained from MAST Carbon, although none of these showed sufficient promise to use 
during receiver heating tests. Upon application of current, the element rapidly deformed and 
short-circuited, usually within two to three minutes. Given their poor performance and severe 
machining difficulty,'^* this avenue of investigation was halted and the effort focused on 
improving the reliability of Sintec’s graphite elements.
The results of the final heating test conducted on the Mk. I cavity receiver. T est 17, are shown 
in Figure 6-28 . Thermocouple (T /C ) 1, measuring the feedline post temperature (internal 
side), appears to begin fluctuating at about the 16 '^' minute. The erratic response seen here is 
most likely the result of reuse and repeated contamination of the W /R e T /C  bead with 
precipitated receiver materials (e.g., boric oxide). These materials are thought to diffuse through 
and em brittle the thermocouple, causing them to change composition, drift in voltage output, 
and eventually fracture [Levick, 2003]. At high temperatures (>1,500 K), most thermocouples 
were rendered unusable after a single test. While this problem could in theory be overcome 
with thermocouple sheathing such as molybdenum or tantalum, the sheath diameter is much 
larger than the thermocouples, demanding larger penetrations, higher radiative losses, and 
contributes to greater conductive losses than the small-diameter thermocouple beads.
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Figure 6-28 Test 17 Heating Profile (Mk. I receiver, PECT = 1,424 K, peak power dissipation 
before final ramp = 1,267 W; after ramp = 1,575 W). Test date: 27 June 2003. MSTISM power
1,050 W.
T h e  brittle , g la ssy  nature o f  the carbon base m aterial resu lted  in su b stan tia l b reakage d u rin g  
m achin ing.
N o  ex tern a l in su la tion  th erm ocou p le  data w as recorded for th is  test.
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Despite this instance of thermocouple failure, it was still possible to monitor the upward trend in 
external cavity temperature during this test, with the handheld infrared therm ometer (Figure 
6-29) shows penetrations in the receiver insulation package, allowing visual access to two points 
on the receiver surface).‘«° Prior to the initial series of receiver heating tests, the infrared 
therm ometer was calibrated against an IMC element instrumented with a thermocouple and 
heated to high temperature. IMC emissivity was measured at approximately 0.55; this setting 
was retained throughout subsequent tests.
Figure 6 -2 9  Mk. I cavity receiver undergoing heating test in vacuum (left). Mk. II cavity receiver 
in similar test, showing lower (l) and upper (2) penetrations (right).
Heating efficiency for this test was estimated at 1,050 W /  1,267 W, or 0.83. Note the disparity 
between the MSTISM model (which accurately tracks the temperature of the receiver in Figure 
6-27) and the WinTherm shell simulation (Figure 6-29). The WinTherm model consistently 
overpredicts cavity temperatures for a given power dissipation; in this instance, WinTherm  
results suggest that a radiative input of just 325 W is sufficient to heat the Mk. I receiver to 
almost 1,100 C (1,373 K) in 100 minutes. WinTherm also implies that power input levels on the 
order of that applied in Test 17 (~1 kW) would raise the cavity temperature to nearly 2,000 K. 
This was not borne out by test results, and invalidates the WinTherm model as a predictive tool 
for “thick” non-shell structures (where there is substantial conductive coupling between 
radiative surfaces).'»'
T h e  ap p aren t ra te  o f  tem p era tu re  increase, as m easured  by th e  in frared  th e rm o m e te r, is s low er than  
th a t seen by th e  therm ocoup le  (or pred icted  by the  M S T IS M  code). T h is  is due to th e  p o sitio n in g  o f  the  
low er penetra tion , w hich exposes a section o f  receiver fa rth e r  from  th e  h ea tin g  elem ent than  the  feedline 
post.
"" See Section 5.2 fo r details. T h e  a u th o r a ttem p ted  to  c ircu m v en t th is sh o rtco m in g  in W in T h e rm  by 
co n s tru c tin g  concen tric  shell (ex terna l and in te rn a l surface) m odels o f  the receiver, w ith  co nductive ly - 
coupled fins co n n ec tin g  th e  tw o.
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The Mk. I receiver underwent observable changes during the heating profile test campaign. 
Most noticeable, following the first test, was the accumulation of flecks of black deposit on the 
external surfaces of the cavity receiver body. Over the course of testing, this gradually subsided, 
to be replaced by dark speckling (roughly 1 mm in diameter) over much of its top surface. 
Additionally, the colour of the structure, initially a uniform grey, became variegated: Near the 
cavity aperture, the structure became noticeably yellow-orange; the sides retained their initial 
dull grey appearance (Figure 6 - 3 1). No cracks, deformation, or mass loss occurred during the 
test series.
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Figure 6-30 WinTherm overprediction of cavity temperature for a given circuit power dissipation. 
Test 17 (Mk. I receiver). MSTISM power = 1,050 W. WinTherm radiative power to receiver =
325 W.
Figure 6-31 Mk. I receiver after completion of Test 1 (left). Mk. I receiver at end of test series
(right).
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Samples of the Mk. I receiver were examined by Prof. N. W ard in the University o f Surrey’s 
Departm ent of Chemistry, in order to ascertain the makeup of the black deposit and copper- 
coloured coating observed around the cavity aperture. The author prepared these samples, as 
well as Mk. II receiver samples, for testing via induction-coupled plasma mass spectrometry 
(ICPMS), a technique for elemental composition determination. All samples were powdered 
with m ortar and pestle and diluted with concentrated nitric acid (HNO3), then baked to dryness 
over several hours. Organic materials were digested during this process, evolving gas; only 
heavy elements remain. Nitrogen is masked by the nitrogen content of any remaining nitric acid 
in the sample, and cannot therefore be reliably measured. A blank control sample, consisting 
only of the concentrated acid, was also prepared.
Both Mk. I samples exhibited elevated titanium content, but indicated little if any contamination 
by other metals, or even boron (a major constituent of the ceramic). W ard [2003] suggested 
that the black deposit m ight be primarily carbon, although the test is obviously inconclusive in 
this respect, owing to the HNO3 digestion process. The colour of the coating surrounding the 
aperture is similar to that of titanium nitride (TiN), a compound that is likely to form at elevated 
temperatures in the TiBa/BN matrix. Mk. II results will be discussed later in this chapter.
Tests 18-2.5 were conducted on the Mk. II receiver, using improved graphite element heaters 
(Figure 6-32). Two test profiles (Figure 6-33 and Figure 6-34) are shown, illustrating the 
higher temperatures achieved with the smaller cavity receiver. T est 21 is representative of early 
tests on the Mk. II. A peak external cavity temperature of 1,51.5 °C (1,788 K) is reached in the 
76'*’ minute, following two increases in delivered power.'»- Heating efficiency varies between 
0.52 and 0.73, trending higher with higher power output (and heating element temperature).
Figure 6-32 Mk. II receiver with insulation package sections, pre-assembly (left). Mk. II receiver 
on cavity heating rig prior to Test 18, insulation cap removed (right).
Dashed red vertical lines in Figure 6-33 depict these increases.
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The M STISM  code was used to determine radiated power (incident on the receiver walls) for all 
three power levels. Near the end of the test, the feedline post temperature plateaus, then begins 
to climb slightly; this appears to be a harbinger of imminent heater failure. Heater output climbs 
ju st prior to element failure, increasing receiver temperature.
T est 25 details are shown in Figure 6-34. This test produced the highest peak temperature 
recorded during the test series, 1,701 °C (1,974 K), observed by infrared therm ometer in the 93' '^ 
minute. Feedline post thermocouple data climbs upward steadily, until approximately the 20 '  ^
minute, after which the readings fluctuate and become unreliable. This is likely due to the high- 
temperature contamination of the thermocouple bead, also seen in Test 17.'®»
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Figure 6-33 Test 21 Heating Profile (Mk. II receiver, PECT = 1,788 K, peak power dissipation 
(ramp l) = 773 W; (ramp 2) = 1,080 W; (ramp 3) -  1,368 W). Test date: 10 July 2003. MSTISM 
power = 400 W. MSTISM power (2) = 654 W. MSTISM power (3) = 1,000 W.
Heating efficiencies in Test 25 were the highest observed during the entire campaign. Prior to 
the first power ramp, circuit dissipation was recorded as 1,080 W, indicating an efficiency of
F o llo w in g  co o ld o w n  and rem oval o f  th e rece iver  from  th e vacuum  cham ber, th e feed lin e  p ost  
th erm ocou p le  w as rem oved  and exam ined , but broke d u rin g  th e a ttem p t to  ex tr ica te  th e  bead from  th e  
feed lin e p en etration . T h is  len d s credence to  th e  th eo ry  th a t rece iver  m ateria ls p recip ita ted  at h igh  
tem p eratu res d iffuse in to  th e  th erm ocou p le  bead, a lter in g  its m echanical and e le c tro m o tiv e  properties.
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0.93. After the first ramp, circuit power was increased to almost 1,430 W, with an estimated 
received power of 1,294 W  (for an efficiency of 0.91)."^^
Like the Mk. I, the Mk. II receiver’s outward appearance was observed to change over the 
course of the test series, although the changes seen in the Mk. II arose more quickly, and were 
more pronounced. Silver-grey blisters formed over the cylindrical section of the receiver 
following the first test (Figure 6-35). The molybdenum bolts used to compress graphite foil 
seals between the cap and cylinder sections showed signs of darkening. By the final heating 
trial, several of the bolt tops were coated liberally with a black deposit, which was not 
susceptible to removal. As was also observed in tests of the Mk. I, the Mk. II exhibited a colour 
change around the cavity aperture, from an initial grey to yellow-orange.
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Figure 6-34 Test 25 Heating Profile (Mk. II receiver, PECT = 1,974 K, peak power dissipation 
before final ramp = 1,080 W; after ramp = 1,429 W). Test date: 9 September 2003. MSTISM 
power = 1,000 W. MSTISM power (2) = 1,294 W.
Discussions with the vendor of the IMC ceramic material, Sintec-Keramik, revealed that both 
pure and composite boron nitride ceramics are susceptible to the leaching of binder (boric oxide, 
B.jO.i) at high temperatures [Oliver, 2003]. When high-purity samples of BN are heated, B^ O;; 
is driven out of the matrix and forms white, bead-like formations on the surface of the material. 
The surface deposits on the Mk. II receiver appeared to be boric oxide contaminated with trace
T h is  last figu re  m ay in fact be so m ew h a t h igh er. Su sp ect feed lin e  th erm ocou p le  data required  th e  
author to  rely  en tire ly  on  IR data to m odel th e upper portion  o f  th e  heatup curve; a c o n se rv a tiv e  est im a te  
o f  received  p ow er w as th erefore  used.
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amounts of titanium from the TiBo component; this will be demonstrated later when mass 
spectrometry results of receiver test samples are reviewed.
No mass loss, deformation, or evidence of fracture was observed in the Mk. II receiver’s 
structure following the test series. These results have validated the receiver designs and have 
demonstrated their robustness and survivability to high temperatures and over multiple thermal 
cycles. In addition, test results have validated the MSTISM model and demonstrated that both 
early, simplified codes (e.g., the Cavity Heatup Sequence, or CHUPS) and the commercially- 
procured WinTherm modeller are inadequate for solar thermal receiver modelling. The next 
step in solar receiver design verification, full flow testing at temperature and in vacuum, will be 
discussed presently.
Figure 6-35 Mk. II cavity receiver following initial heating trials (Test 18/19), left. Mk. II cavity 
receiver after final heating trial (Test 25).
6.2.3 Receiver Cavity Hot Flow Tests
Following the success of the receiver heating trials, the author began work on the conduct of full 
flow testing, in vacuum, at representative temperatures (-2,000 K). Initially, it was thought 
that the full flow tests could be conducted in the E Site high vacuum chamber used for the 
heating trials; unfortunately, the chamber’s small diameter and volume, already a problem for 
heating tests, could not accommodate the added plumbing required to perform a full-up flow 
test. Additionally, the pumping capacity of the rotary and oil diffusion pumps would have been 
quickly overwhelmed by even a short-duration firing inside the chamber, limiting tests to very
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short durations. While this could be overcome by isolating and removing engine exhaust with a 
sealed flow line, this would further add to plumbing requirements and potentially invalidate the 
experiment itself.
The decision was made to investigate alternative test facilities with appropriate vacuum 
capability. The most convenient of these was the ARC High Altitude Test Facility (HATF) 
chamber, located at W estcott’s F Site in Oxfordshire. This large (l-m  diameter) chamber is 
evacuated by a Leybold-Heraeus Ruvac 5 0 0 1  Roots blower backed by a rotary forepump 
[Schooonver, 2 0 0 3 ] .  Once the forepump has reduced chamber pressure to roughly l / 3  of a 
millibar, the Roots blower starts automatically (Figure 6 - 3 6 ) .  Ultimate pressures obtained can 
be lower than 3  x 10-^ mbar. During testing, pressures as low as 2  x 10-- mbar were observed.
Figure 6-36 Rotary forepump (left) and forepump/blower assembly at W estcott F Site (right).
Figure 6-37 W estcott F Site high altitude test facility (HATF) chamber.
A sea led  flow  line w ou ld  it s e lf  have to  em p ty  in to  an evacu ated  cham b er, in order to  m ain tain  a 
favou rab le  pressure grad ien t th rou gh  the rece iver  n o zz le  and p reven t flow  sep aration , norm al and ob liq u e  
sh ock s, and an artificia lly  low  th ru st coeffic ien t. T h e  a ltern ative, v e n tin g  to a tm osp h ere , is lik ew ise  
p rob lem atic  for th e  reasons ju st  m entioned .
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The test rig, as initially configured, included (a) the 1-m etre chamber with medium vacuum 
capability, (b) the dual-phenomenology wide range pressure gauge used during the heating tests, 
(c) a portable flow control panel for regulating gas bottle feed systems, (c) an Aalborg thermal 
mass flow measurement device, calibrated to over a range of 0-100 standard litres per minute 
(SLPM), with a stated accuracy of +1.5% (1.5 SLPM) full-scale, (d) three C-type (tungsten- 
rhenium) thermocouples, (e) a variable (60 V /60 A maximum) power supply, (e) Lab View v5.0 
software, resident on a personal computer, acting as data logger for temperature and mass flow 
rate measurements, and (f) a handheld infrared therm ometer (Figure 6-37, left). Later tests were 
augmented by the inclusion of a thrust stand, cantilever-mounted to a 10-kg capacity load cell, 
in addition to inlet and chamber pressure transm itters (10 or 16 bar (gauge) capacity) and a 
solenoid valve placed on the thrust stand.
The mass flow meter, thermocouples and pressure transmitters were connected to the data 
logger. These devices were all capable of producing a linear 4-20 mA current response over 
their respective ranges, and were connected to the data logger connector block and output 
voltage translated into a mass flow, temperature, and pressure traces (bar, absolute). During 
thrust testing, the millivolt-level signal from the load cell was amplified through a transducer 
amplifier and visually recorded from a Keithley digital multimeter (Figure 6-38, right).
Figure 6-38 Initial flow characterisation test setup, W estcott F Site (left). Thrust stand 
electronics (right) with visual display on digital multimeter.
As no Mk. I receiver had been fabricated with a screwfit post for mechanical assembly, flow 
testing commenced with the smaller Mk. II receiver. A pristine receiver was first assembled, 
seals and molybdenum bolts installed, and placed in its insulation package (cap removed). The 
assembly was then placed on the lower aluminium mounting ring of the cavity heating rig and 
the rig mounted on steel crossbars in the vacuum chamber (Figure 6-38, left). C-type 
thermocouples were inserted at or near locations used in previous heating tests: (l) on the end
176
Solar Thermal Propulsion for Microsatellite Manoeuvring
of one of the copper electrodes, (2) at the interface of aluminium mounting ring and insulation 
package, and (3) through the lower insulation package penetration, touching the external surface 
of the IMC cavity receiver. The propellant feedline assembly, consisting of a 2-mm diameter 
molybdenum tube electron-beam welded to a screwfit molybdenum cap, was attached to the 
screwfit post on the receiver’s cylindrical face. The interface between the cap and post base was 
tightly sealed with a 0.5-mm graphite foil gasket. The tube end was then connected to the l /8 -  
inch gas supply line with a standard reducer union fitting.
26-A Mk. II
(2)
— (cold flow  test, 
vacuum)
N. am bient 429 No
26-B Mk. II
(2)
— (cold flow  test, 
vacuum)
N. am bient 429 N o
26-C Mk. II
(2)
8-Path C 2 /T a  lead N= 321 /5 9 4 582 No
26-D Mk. II
(2)
8-Path C 2 /T a  lead N. 1,382 /  1,655 892 N o
26-E Mk. II
(2)
— (cold flow  test, 
ambient)
N. am bient 429 No
26-F Mk. II
(2)
— (cold flow test, 
ambient)
N. am bient 429 N o
2 7-A Mk. II
(2)
8-Path C 2 /T a  lead N« 492 /  765 709 No
27-B Mk. II
(2)
8-Path C 2 /T a  lead N. 1,394 /  1,667 1,050 N o
27-C Mk. II
(2)
8-Path C 2 /T a  lead NH. 1,433 /  1,706 1,909 N o
28-A Mk. II
(2)
— (cold flow test, 
ambient)
N. ambient 429 No
28-B Mk. II
(2)
— (cold flow  test, 
ambient)
He am bient 1,070 No
28-C Mk. II
(2)
— (cold flow  test, 
ambient)
N. am bient 429 No
28-D Mk. II 
(3)
— (delta-P test, 
ambient)
N« am bient 429 N o
28-E Mk. II
(3)
— (delta-P test, 
ambient)
N. am bient 429 N o
28-F Mk. II 
(3)
— (delta-P test, 
ambient)
N. am bient 429 N o
28-G Mk. II 
(3)
— (delta-P test, 
ambient)
N. am bient 429 No
28-H Mk. II
(3)
— (delta-P test, 
ambient)
N. am bient 429 No
28-1 Mk. II
(3)
— (delta-P test, 
ambient)
He am bient 1,070 No
28-J Mk. II 
(3)
— (delta-P test, 
ambient)
He am bient 1,070 No
Table 6-4  Ambient and high-temperature flow testing in W estcott F Site HATF (first series).
Pressurized gas bottles (including nitrogen, helium, and ammonia) were stored outside, near the 
pump room (Figure 6-36). The gas supply was routed through the control room wall and into
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the flow control panel (Figure 6-37, left), exiting through the thermal mass flow m eter and 
returning back through the wall. The propellant feed line enters the vacuum chamber near the 
rear end cap (Figure 6-37, right). Just prior to the chamber inlet point, there is a tap-off for a 
10-bar (gauge) pressure transm itter and corresponding dial gauge, registering supply pressure. 
Later the supply transm itter was replaced with a 16-bar (gauge) unit, due to a need to measure 
inlet pressures in excess of 10 bar.
Full flow tests with gas bottle supply and mass flow m eter were conducted according to the 
following procedure:
1. Startup o f water cooling loop for Roots blower.
2. Placement o f the instrumented cavity heating test rig in the vacuum chamber. Attachment o f  
propellant supply line.
S. Powering on the thermocouple transmitters, pressure transmitter (inlet), mass flow meter, wide-
range gauge, and gauge display. The mass flow meter required several minutes to initialise and 
settle to its zero value before flow could be introduced.
4. Verification o f heating element resistance with multimeter followed by brief power throughput 
test. Power supply is turned on and set to lOV/lOA for several seconds, then powered down.
5. Sealing o f the vacuum chamber door.
6. Re-verification of power throughput in case o f heating element shift during main flange sealing.
7. Opening o f the butterfly valve at the rear o f the vacuum chamber and startup o f  the mechanical 
pump.
8. Automatic startup o f the Roots blower once chamber pressure decreases below 1 /3'^^  o f  a millibar.
9. Chamber pressure asymptotically approaches 2 x 1 0 - -  mbar (within five minutes o f Roots blower 
startup).
10. Powerup of the data logger and initialisation o f the LabView v5.0 virtual instrument for recording 
temperature, pressure, and mass flow readings.
11. Visual recording initial temperature readings from thermocouples (l), (2), and (3). Recording 
chamber pressure from wide-range gauge display. Recording o f propellant inlet pressure.
12. Powering on the power supply and recording thermocouple, pressure, current, voltage, and 
infrared thermometer readings throughout the course o f the test.
13. Introducing gas at specific receiver temperature plateaus (e.g., 590 K, 1000 K, 1600 K) and at 
regulated inlet pressures for flow characterisation. Mass flow data and inlet pressure was 
recorded during these operations.
14. Powering down the power supply and continuing to record data through the cooldown phase. 
Once the receiver lower penetration temperature drops below 200 °C, the rotary pump and Roots 
blower are turned off. The chamber door can then be removed and the receiver inspected.
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Initial tests (26-A, B) were conducted at ambient temperatures, in vacuum, to calibrate the mass 
flow meter and to compare vacuum test data with the inconclusive results of the seal check test 
discussed at the end of section 6.2.1. A summary of early flow tests is shown in Table 6-4.
Data from the 26-A and B cold flow vacuum tests are shown in Figure 6-39. At low inlet 
pressures, the data show significant divergence from predicted mass flow r a t e s . A t  an inlet 
pressure of 1.5 bar (absolute), the ratio of measured to predicted mass flow rate is only 0.45. 
This rises to 0.98 at 10.5 bar. Since we can assume choked flow at the nozzle throat, 
disturbances in the diverging (supersonic) section of the nozzle cannot propagate upstream. The 
only rationale for the observed mass flow deficit is the formation of a strong vena contracta at 
low inlet pressures, due to the sharp edge at the throat. Losses in the nozzle can reduce the 
thrust coefficient but not mass flow rate (or, consequently, c*). As pressure rises in the inlet, the 
vena contracta migrates upstream, the flow constriction’s diameter asymptotically converging 
on that of the throat itself.
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Figure 6-39 Mass flow rate data versus inlet pressure (Tests 26-A, B results, 28-29 October 2003).
T est 26-C was conducted in medium-temperature vacuum with nitrogen propellant. The 
purpose of this test was to determine the Mk. II receiver’s steady-state heat removal capacity. 
After pumping down the chamber, the receiver temperature (as measured by the lower 
penetration thermocouple) was slowly raised by 300 ”C to 321 "C (594 K). Once this was 
achieved, nitrogen was introduced into the receiver at flow rates of up to 9 SLPM (0.19 g/s).
C alculated  from  in let pressure, th roa t area, and estim ated  character istic  v e lo c ity  (c*).
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Power input was then increased to achieve a steady temperature under flow conditions. Results 
(Table 6-5) show good agreement with predicted values.
Prior to flow 
During flow 
(9  SLPM)
- 81 .3 40 .7 —
0 .1 9 188.2 94.1 58 .9
Table 6-5  Test 26-C , Power-To-Flow test results.
In this instance, the author saw an increase in steady state (electrical) power of ju s t over 100 W. 
However, if  we multiply these power figures by the lowest observed element heating efficiency 
(0.52), corresponding to a low temperature (and low radiated power) heater element, the actual 
differential is very close to 55 W, approximately the amount o f input power required to heat the 
incoming nitrogen flow from 293 K to 593 K.
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Figure 6 -4 0  Derived vena contracta area (mm**). Tests 26-A , B (2 8 -2 9  October 20 0 3 ).
(liven the measured flow rate and correcting for flow constriction effects at the nozzle throat, a 
characteristic velocity for Test 26-C can be estimated. At an inlet pressure of 4.5 bar (absolute), 
the trendline in Figure 6-40 provides an estimate of vena contracta throat area, perm itting the 
calculation of nitrogen’s c* at a receiver temperature of 594 K.'"" This value can be compared to
An empirical fit for this data (dashed line in Figure 6-40) is:
4  = .38485[l-(l.4" '')]
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the ideal c* value for Ng at the receiver temperature (i.e., 613 m /s), and provides an estimate of 
the Mk. II’s c* efficiency. The value obtained is relatively high (0.909), indicating that, at the 
relatively low temperatures of this test, the Mk. II receiver is an acceptable heat transfer device.
A similar calculation can be carried out on test data acquired in Test 26-D, the first high 
temperature flow test. The Mk. II receiver reached 1,655 K in 43 minutes; at this point, Ng was 
introduced in a series o f steps (1, 2, 3, 5, 7.5, 10, and 12.5 bar (gauge) inlet pressure), The test 
conductor held the inlet pressure steady at 5 bar (gauge) for 30 seconds, as indicated in Figure 
6-41. The pressure drop through the spiral flow passage of the receiver can be estimated by 
applying the following pipe flow correlation [Lienhard, 1987]:
D  2
Here, the pressure drop AP is a function of the Darcy-Weisbach friction factor f ,  channel length 
L, hydraulic diameter D, gas density, and gas velocity. For smooth pipes, the friction factor in 
the turbulent regime is typically expressed as:
„ ^  .0115 
^  ~  ■
The flow Reynolds number (see Section 4.4.4) is dependent on the propellant’s dynamic viscosity 
p (which increases with the square root of temperature), density (inversely proportional to 
temperature), and flow sound speed (proportional to the square root of temperature).'®'’ The pV'^  
term can be shown to be independent of temperature, assuming choked flow conditions; flow 
velocity can be related directly to mass flow rate and therefore characteristic velocity (another 
square root temperature-dependent function).
Since (assuming constant L/D):
/  , A/
A P oc 1 p v “
It can be shown that:
For an estimated engine chamber pressure of 3.92 bar. At (effective) = 0.282 mm-. Therefore, c* = 582 
m/s and c* efficiency (measured/ideal) = 0.949. This calculation assumes a pressure drop through the 
receiver of almost 0.6 bar, based on ambient receiver delta-P data acquired later in the test campaign. No 
pressure drop correction was made to account for the elevated propellant temperature.
This was the first flow test at high temperature; the author wished to ensure that the hot structure 
suffered no thermal shock by the introduction of high-pressure cold propellant and fractured as a result.
For a selected gas, sound speed is also related to the ratio of specific heats y, which is only weakly 
dependent on temperature and is therefore ignored for the purposes of the present analysis.
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A P oc
[p^JrRT J I p  J
and (utilising the mass flow rate relationship to characteristic velocity):
'  V r
A P oc
Therefore:
A P o c T '
This permitted the author to roughly estimate the pressure drop for a given receiver 
temperature and inlet pressure (Figure 6-41 and Figure 6-42), given the pressure drop and inlet 
pressure for ambient conditions (Figure 6-43).'™ Figure 6-45, Figure 6-46, and Figure 6-47 
show temperature, pressure and c* estimation data for Test 26-D.'"'
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Figure 6-41  Inlet pressure trace from Test 2 6 -D , high temperature N« flow trial (2 9  October 200 3 ).
P ressu re  drop across th e receiver w as d irec tly  m easured  o n ly  in later  flow  tria ls (b eg in n in g  w ith  T e s t  
28-D ). T h e  data sh o w n  in F ig u re  6-43 are from  T e s t  29, con d u cted  w ith  a drilled  ta|) h o le  in th e  b o ttom  
face o f  th e  n o zz le  section . A  p ressu re tran sm itter  w as sealed  to  th e  tap h o le  and cham b er p ressu re  v isu a lly  
read from  a d ig ita l d isp lay  in bar (gau ge).
F igu re  6-47 inclu des a h ig h ly  variable c* trace w hich  is c o n s is ten t w ith  an in itial flow  b lock age  
(perhaps by a flake o f  spa lled  ceram ic w all m ateria l) th at later  clears.
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Figure 6 -4 2  Lower penetration temperature trace, Test 2 6 -D , high temperature N= flow trial.
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Figure 6-43  Ambient pressure drop trials, Mk. II receiver. Test 29  (19  November 20 0 3 ).
Below approximately 10 bar (gauge) inlet pressure, the characteristic velocity trendline is 
unreliable. The data appear to indicate that one or more of the following problems was present: 
(a) the chamber pressure was substantially lower (and the pressure drop higher) at low inlet 
pressures than the author’s estimate, (b) the effective throat area was smaller than estimated, due 
to a partial blockage of the throat itself (Figure 6 -4 4 ), or (c) the mass flow meter was reading 
erroneously low. Either (b) or (c) are compatible with the data, although (b) conforms to visual
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observations of the receiver exit both during and after the test.'"^ C* efficiency is highest (0.884) 
at the beginning of the test and declines steadily until, at the end of data logging, it has fallen to
0.747. Maximum c*(at an estimated 9.7 bar chamber pressure) was estimated to be 892 m /s.
Figure 6-44 Mk. II receiver undergoing N= flow testing (left). Residue observed on mounting plate 
beneath nozzle exit, following N» flow testing (right).
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Figure 6-45 Heatup/cooldown profile for N2 flow trial, Test 26-D . Shaded area = flow test period.
D u r in g  th is  flow  test, th e n o zz le  w as o b served  to  o cca s io n a lly  d isch arge  sparks, app arently  a so lid  
particu late  p recip ita tin g  from  an in terior rece iver  surface. A b o v e  th e  9.7 bar th resh o ld , th e  author  
con ten d s, th e flo w  ob stru ction  w as d is lo d g ed  and th e  tren d lin e  becom es co n sisten t.
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Figure 6-46 Inlet pressure trace for N: flow trial. Test 26-D . Shaded area = flow test period.
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Figure 6-47 Estimated characteristic velocity profile for N» flow trial, Test 26-D .
Results from Test 27-A provided insight into mass flow measurement problems at low inlet 
pressures. Following the Test 27 series, the meter was removed from the test rig and brought 
to the Surrey Space Centre for calibration. Results of this calibration are shown in Figure 6-48; 
for sufficiently high mass flow rates (and, typically, high supply pressures), the meter tended to 
read accurately. At reduced flow rates (i.e., less than 0.3 g/s), the meter proved increasingly 
inaccurate. Flow meter readings were adjusted to correct for this measurement error, and 
performance results shown in Figure 6-49. These discrepancies at low pressures finally 
prompted the author to return the thermal mass flow meter for recalibration; unfortunately, the 
device’s performance was not significantly improved, still suffering a deficit at low flow rates.
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Figure 6-48 Calibration of Aalborg thermal mass flow meter versus catch-and-weigh, nitrogen gas
(2-10 bar supply pressure).
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Figure 6-49 Temperature and characteristic velocity (estimated and ideal), Test 27-A (3 November
2003).
After mass flow rate readings for adjusted for calibration data, the author was able to calculate a 
maximum c* of 709 m /s and a c* efficiency of 0.992. Over the course of the test, c* efficiency 
falls to 0.861. The most likely reason for the observed decay in efficiency is the cooling taking 
place in the receiver structure during the firing, immediately adjacent to the flow passages. This 
would have the effect of shortening the effective heating length of the spiral flow passage, 
preventing the nitrogen from reaching peak receiver temperature.
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Similar results for Test 27-B are shown in Figure 6-50 and Figure 6-51. Characteristic velocity 
decays from 1,050 m /s to 685 m /s at test end, while c* efficiency declines from nearly 1.0 to 
0 .88 .
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Figure 6-50 Tem perature and characteristic velocity  (estim ated and ideal). T est 27-B (3 N ovem ber
2003).
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Figure 6-51 Inlet pressure and mass flow (measured and adjusted), Test 27-B (3 November 2003).
A final test was conducted with ammonia propellant. Unlike No, ammonia is stored as a liquefied 
gas; therefore, supply vapour pressure will vary with supply bottle temperature. Due to 
ammonia’s high heat of vaporisation (1,372 k.J/kg),'''* substantial heat is drawn from the supply 
vessel during a long firing trial. This can lower the vessel’s temperature (particularly when the 
vessel is small, as will be noted in thrust stand trials) and decrease the supply pressure.
Compared with, for example, butane (387 Id/kg), methane (512 k.J/kg), acety lene (614 k.J/kg), and 
xenon (96.3 k.J/kg) [Lide, 199.5][Air Liquide, 2 00 4 ].
187
Solar Thermal Propulsion for Microsatellite Manoeuvring^
Ammonia is also toxic in concentrations of greater than a few hundred parts per million, 
necessitating safety precautions to be taken in advance o f during, and following flow testing. 
The nominal test procedure (p. 116) was modified to account for additional steps needed to 
safeguard test conductors. All personnel wore faceshields during connection and disconnection 
of the ammonia supply tank. Furthermore, the vacuum vessel was left evacuated considerably 
longer than was usual, to ensure that any remaining ammonia in the propellant lines and 
receiver was scavenged by the pumps and vented.
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Figure 6-52 Temperature and characteristic velocity (estimated and ideal), ammonia flow trial,
Test 27-C (3 November 2003).
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Figure 6-53 Inlet pressure and mass flow (measured and adjusted), Test 27-C (3 November 2003).
Test 27-C was conducted over a 90-minute period. The Mk. 11 receiver was heated to 
approximately 1,700 K and electrical power shut off before Nfl.s was introduced. As can be seen 
from Figure 6-53, the supply tank valve was opened during the 32'“' minute. M onitoring of the 
mass flow meter indicated a brief pulse of flow and then a rapid decrease to zero, within three 
minutes. Two additional attem pts were made to introduce ammonia, with the same result. The 
receiver was then allowed to cool to 900 K. The supply tank valve was reopened in the 46‘''
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minute; at this point, the mass flow meter registered a continuous mass flow rate of 0.28 g /s. In 
the 50 'h minute, electrical power was re-applied and the receiver heated to its previous peak 
temperature of 1,700
m m
A
V
Figure 6-54 Boric oxide precipitate surrounding receiver nozzle exit (left) and dark globules on 
graphite foam insulation bottom (right) following Test 27-C (high-temperature NH= flow trial).
Flow was re-introduced at peak temperature without any evidence of the stoppage seen during 
the first hot cycle. Sparks were observed occasionally being ejected from the nozzle during this 
phase of the test. The author also noted molten droplets falling from the graphite foam 
insulation package, near the receiver nozzle. Peak c* was estimated at 1,909 m /s, at essentially 
100% efficiency.'"^ Unlike the nitrogen tests, r* efficiency decayed rapidly (Figure 6-52), falling 
to 0.62 at test's end. This appears to be due to two factors: (l) ammonia’s substantially higher 
C/>, which draws proportionally more heat from the receiver than a similar mass flow rate of 
nitrogen, and (2) ammonia’s tendency to thermally dissociate into nitrogen and hydrogen, a 
strongly endothermie reaction. W hile this dissociation is advantageous in one important 
respect— since it increases the flow’s c* for a given temperature— it is undesirable in that it 
extracts a great deal of heat energy, limiting burn times and total applied impulse. Calculated c* 
efficiency during the low-temperature run ranged between 0.46 and 0.72.
The 27-C test ran to nearly thirty  minutes of total firing time in ammonia. W hen the Mk. 11 
receiver was removed from its insulation package and examined, it was found that it had 
undergone superficial changes, more pronounced than those seen during the heating profile tests 
conducted earlier. The author noted that a white particulate precipitate surrounded the receiver 
nozzle exit, while large (up to 0.5 cm) globules of hard, dark material formed in the nozzle 
extension of the graphite foam insulation package (Figure 6-54). Blistering on the receiver sides 
appeared more pronounced than that seen during heating tests, with large raised spots on the 
surface, silver-grey in colour (Figure 6-55). These blisters did not form on the cavity aperture
A m m on ia  flow  w as sh u t o ff  in th e tr ia l’s 66''' m in u te  to  p erm it m ore rapid h ea tin g  to  peak tem p eratu re. 
Full am m onia  d eco m p o sitio n  to  N.j and H j w as assu m ed , w hich  accords w ell w ith  th e m easured  data.
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section or the nozzle, and were confined primarily to the ends of the cylindrical section. The 
middle of the cylindrical section was coated in material with colours ranging from purple to 
orange-yellow.
■'TJiiii 
I.Q 20  :
Figure 6-55 Mk. II receiver following Test 27-C (left). Detail of precipitate blisters near feedline
(right).
Samples of the particulate precipitate, dark globules, and surface coating were delivered to the 
University of Surrey’s Chemistry Department for characterisation. The samples were prepared 
in a manner similar to that described in Section 6.2.2 and analysed to determine elemental 
composition. Results were roughly similar to those seen for the Mk. I cavity; all samples 
contained elevated levels of titanium metal, in some cases constituting 3%  of the sample’s initial 
mass. As noted previously, the particular mass spectrometry technique utilised is not capable of 
providing carbon or volatile gas composition, since these elements are either digested during the 
initial preparation of samples or are masked by the nitric acid used for the digestion process.
Samples shown in Table 6-6 are numbered and refer to the following:
1. Sample 1: iridescent orange deposit on Mk. II receiver following and NHj flow tests.
2. Sample 2: same as ( l), from different area o f receiver.
3. Sample 3: white precipitate around nozzle exit, Mk. II receiver.
4. Sample 4: black deposit on Mk. I cavity fore plenum surface (Figure 6-31).
5. Sample 5: copper-coloured deposit on Mk. I cavity fore plenum surface.
6. Sample 6: dark globules from Mk. II insulation package bottom.
7. Sample 7: same as (6).
8. Sample 8: silver-grey deposit on Mk. II receiver side.
9. Sample 9: same as (8).
Titanium-bearing, coloured precipitate appeared to emerge from most of the exposed surfaces on 
the Mk. II receiver during flow testing (samples 1, 2, and 3). This was most likely boric oxide
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binder exuded from the surface, carrying with it some of the matrix material (TiBy and BN) or 
chemical re-combinations, such as TiN. The dark globules seen on the insulation package 
contain a relatively small fraction of titanium. They are most likely boric oxide with a graphitic 
component, providing the dark colour. The author has surmised that these materials are 
precipitated during the initial heatup, potentially blocking the propellant flow passages. This 
may be the cause of the three flow stoppages seen in Test 27-C.
W Ê Ê Ê 1 ^ 0
B 1,604 2763 5,041 432 ! 3,968 342 1 101 601 1 880
(ppm)
A1 1,038 1,644 3,281 401 3,860
1
169 1 266 578 i 712
T i
1
10,06
8
41
15,938 32,908 1,355 3,604 1,318 1,176 291 ! 322
V 32 45 4.4 32.7 0.6 0.9 2.1 3.1
Cr 1 129 182 375 30 340 5.7 12.6 47 1 73
Mn 333 462 1,050 95 1,073 17 37 159 222
Fe 2,238 3518 7,324 652 6,492 112 231 966 1,302
Co 3.7 5.6 10.9 2.4 36.5 1.4 1.5 1.3 1.7
Ni ; 328 317 954 443 2714 7.8 16.3 294 264
Cu 33.4 40.5 76.1 8.2 60.4 1.6 2.9 8.6 11.6
Mo 13.1 17.1 23.7 2.2 185.8 2.8 3.9 5.2 3.3
Ta < 0.1 < 0.1 < 0.1 < 0.1 < 0 .1 < 0.1 < 0.1 < 0.1 < 0.1
Zn 300 309 1,252 46 350 7.3 11.5 87.6 112.3
T able 6-6 Induction-coupled m ass spectrom etry results from Mk. I and Mk. II receiver sam ples.
Pressure drop calibrations, necessary for performing analysis on flow test data, were acquired 
during Tests 28 and 29, which were run under ambient pressure conditions. Both nitrogen and 
helium were used. A pristine Mk. II receiver was assembled and the nozzle section tapped, 
perm itting a direct measurement of chamber pressure.
Ceramic flake 
blocking nozzle
Pressure tap
Nozzle
Figure 6-56 Mk. II nozzle section  (left) utilised for ambient pressure drop tests, w ith detail (right).
Test 29 specifically examined the role of the nozzle in vena contracta formation. Both a full 
nozzle and an orifice (with no divergent section) were tested, with no appreciable difference
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between measured mass flow and inlet/cham ber pressures.'"® Following the final T est 28 run, a 
flake of ceramic material was discovered in the nozzle (Figure 6-56, right). This lent credence to 
the theory that a sufficiently large fragment of receiver material could break away from the main 
body during firing, partially or fully blocking the nozzle.
piral now 
path
pro petlcJnt inlet 
(feedline post)
collection plenum pressure tap 
(chamber) |_ hole 
Mo collar
Figure 6-57 Cutaway view of Mk. II receiver with chamber pressure tap collar (left). Assembled 
receiver prior to beginning Test 30 series (right).
The final round of flow testing was intended to rectify some of the shortcomings in test results 
found during Test 27. These included (a) an inability to record chamber pressures during firing, 
necessitating an estimate based on either a theoretical or measured pressure drop, (b) reliance on 
a potentially faulty mass flow measurement device, and (c) a lack of thrust data, which prevents 
an estimation of vacuum specific impulse. In order to overcome the problem of measuring 
chamber pressure at high temperatures, a refractory metal pressure tap was devised and welded 
to molybdenum tube, which in turn was connected to a 16-bar (gauge) pressure transm itter 
(Figure 6-57). The pressure tap was sealed to a molybdenum collar extension on the Mk. II 
receiver. The suspect thermal mass flow meter was discarded in favour of a catch-and-weigh 
scheme: a small gas bottle was filled from one of the large gas supply bottles, then placed on a
W ith  te s t equ ipm en t occasionally  re g is te r in g  d ischarge  coefficients (i.e., ra tio  o f  m easured  m ass flow to  
ideal m ass flow rate) below  th e  theo re tica l m inim um  o f  0.6, the a u th o r  w anted  to  confirm  th a t nozzle 
losses could no t be responsib le  for th is effect. T e s t  20 resu lts  led to  th e  identifica tion  o f  the m ass flow 
deficit prob lem  in the  therm al m ass flow m eter, su b seq u en tly  confirm ed in ca lib ra tion  runs.
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precision scale and the difference between pre- and post-firing weights recorded, providing a 
time-averaged mass flow rate over a specified period. Finally, a thrust stand, fabricated by Mr. 
M. Paul (Figure 6-58) of Surrey Satellite Technologies, Ltd., was assembled inside the F Site 
vacuum chamber. The stand was designed around a 10-kilogram load cell; propellant exiting 
the receiver nozzle applied an upward force to the cavity heating test rig, reducing the load on 
the load cell. This difference was noted on a precision multimeter (Figure 6-38, right).
y
Figure 6-58 Flow testing with installed thrust stand.
The solenoid valve and chamber pressure transmitter were mounted to a stainless steel heat 
shield above the receiver. The intent of this was to mitigate line stiffening (and concomitant 
weight changes) following pressurization. The thrust stand was initially calibrated without an 
amplifier; therefore, the largest unamplified signal received at the multimeter was on the order 
of just 0.01 mV. The calibration, performed with several 10 gram weights, provided a thrust 
scale factor of 4.31 +0. 17 N/m V (+3.9%) over fifteen trials.'”  After installing a transducer and 
amplifying this signal by a factor of over 850, a similar trial series resulted in a scale factor of 
3.72 + 0.06 N /V  (+1.6%).
Table 6-7 lists a series of preliminary thrust measurement trials and their associated results, 
performed at the Westcott F Site. Initial testing at ambient pressure duplicated the results of 
the flow rate validation test performed earlier and discussed in Section 6.2.1: Namely, at supply 
pressures of as high as 12.5 bar (gauge), sub-unity thrust coefficients were measured. Once the 
chamber door was closed and pressure reduced, thrust increased substantially. Vena contracta 
effects, as noted previously, were accounted for by an adjustment factor to throat area based on
W eig h ts  o f  up to  72.3 g (709 inN  equ ivalen t th ru s t)  w ere used.
193
Solar Thermal Propulsion for Microsatellite Manoeuvring
chamber pressure. An engine’s thrust coefficient can be determined from thrust and chamber 
pressure measurements:
P A  4 P .
(6-14)
The second term  in this equation can be ignored when vacuum conditions obtain {P., «  P.). It 
can also be calculated from the equivalent formulation [Hill, 1992]:
y + \
2 / '
y - \
f  2 1y-l f P ^
1 -
. P J
y-i
y P . - P , A (6-15)
The exhaust velocity of a rocket (Ue) was introduced in Section 4.1.1, and is simply:
= CjC * (6-16)
Thus, if Cy and c* are known, lie (and therefore 7,.^ ) can be determined directly.
m w m W K S IM
30 Mk. II (3) N. 460 1.65 ambient 429 /  72 Yes
30-A Mk. II (3) N. 471 — ambient 429 /  * Yes
30-A2 Mk. II (3) N. 468 1.61 ambient 429 /  70 Yes
30-B Mk. II (3) He 442 1.48 ambient 429 /  162 Yes
30-C Mk. II (3) He 445 — ambient 1,070 /  * Yes
30-C2 Mk. II (3) He 435 1.45 ambient 1,070 /  158 Yes
30-C3 Mk. II (3) He 435 1.42 ambient 1,070 /  155 Yes
30-C4 Mk. II (3) He (1) 438 1.58 ambient 1,070 /  173 Yes
(2) 453 1.58
30-C5 Mk. II (3) He (1) 241 1.56 ambient 1,070 /  170 Yes
(2) 245 1.52
30-C6 Mk. II (3) He (1) 128 1.50 ambient 1,070 /  164 Yes
(2) 128 1.47
* =  Sp ecific  im p u lse  n o t ca lcu lated  (no p ressu re trace data availab le)
Table 6-7 Ambient (no heating) thrust measurement tests, Mk. II receiver, in nitrogen and helium.
C/ figures tabulated in Table 6-7 are accurate to + 3.75%.'"» Since these trials were conducted at 
ambient temperatures, c* is known to within + 15 m /s (3.5%) for nitrogen, + 19 m /s (1.8%) for 
helium, and + 10 m /s (1.8%) for ammonia.'*® Here, thrust coefficients are found to be within the
T h e  n itrogen  ad ju stm en t factor for e ffective  th roat area w as not applied to  H e or NH.j cases.
T h is  in clu d es th e  a forem en tion ed  th ru st m easu rem en t error, in add ition  to  errors on  p ressu re  
m easu rem en t (± 9 0 9  Pa) and th roat d iam eter (+  .05 m m ). A s w ill be seen , th ru st m easu rem en t d u rin g  hot 
flow tria ls in trod u ces add itional error.
T h is  presu m es an am b ien t tem p eratu re o f  293 ±  10 K.
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margin of error of the calculated ideal values: 1 .71  for nitrogen, 1 .6 0  for helium, and 1 .71 for 
ammonia. Specific impulse figures, with a margin of error of + 7 .25% , are also close to ideal.'*'
mmm
30-D Mk. II (3) NH. (1) 245 1.76 ambient 1 548 /  98 Yes
(2) 197 1.76 548 /  98
30-E Mk. II (3) NH. (1) 303 1.80 ambient 548 /  101 Yes
(2) 226 1.81 548 /  101
30-F Mk. II (3) N. (1) 500 1.50 315 /  588 : 550 /  84 Yes
(2) 482 1.45 664 /  937 *  /  *
(3) 500 1.49 694 /  967 551 /  84
(4) 511 1.59 1,007 /  1,280 647 /  105
(5) 472 1.46 1,013 /  1,286 662 /  99
30-G Mk. II (3) He (1) 446 1.42 379 /  652 1,428 /  207 Yes
(2) 460 1.42 427 /  700 1,511 /  219
(3) 380 1.23 925 /  1,198 1,572 /  197
(4) 400 1.26 960 /  1,233 1,675 /  215
(5) 330 1.06 1,090 /  1,363 1,753 /  190
(6) 402 1.26 1,005 /  1,278 1,669 /  215
30-H Mk. II (3) NH. (1) 237 1.65 358 /  631 792 /  133 Yes
(2) 220 1.74 437 /  710 755 /  133
(3) 183 1.56 760 /  1,033 874 /  139
(4) 186 1.78 783 /  1,056 904 /  164
(5) 165 1.18 1,121 /  1,394 1,188 /  143
(6) 146 1.11 1,085 /  1,358 1,001 /  114
(7) 172 1.36 1,121 /  1,394 1,576 /  219
(8) 164 1.44 1,348 /  1,621 1,610 /  237
(9) 164 1.51 1,354 /  1,627 1,483 /  229
(10) 135 1.34 1,309 /  1,582 1,534 /  210
31-A Mk. I (2) NH. (1) 274 1.70 ambient 548 /  95 Yes
(2) 223 1.76 548 /  98
31-B Mk. I (2) NH. 197 1.79 ambient 548 /  100 Yes
31-C Mk. I (2) NH. (1) 219 1.42 366 /  639 1,103 /  160 Yes
(2) 223 1.38 392 /  665 1,077 /  152
(3) 183 1.11 730 /  1,003 1,389 /  157
(4) 190 1.12 735 /  1,008 1,360 /  155
Table 6-8 Hot flow thrust measurement trials in helium, nitrogen, and ammonia.
Results of the hot flow trials utilising both the Mk. I and Mk. II receivers are shown in Table 
6 -8 . The first of these tests to be performed (Test 3 0 -F ) ,  was conducted in nitrogen, reaching 
nearly 1 ,3 0 0  K, an output of over 5 0 0  mN of thrust, but a peak specific impulse of only 105  
seconds (Figure 6 -5 9 ) .  C* efficiency peaked during the first firing (0 .9 0 );  thereafter, measured 
c* dropped to just 70%  of the ideal value and never recovered. Thrust coefficients decayed 
during this run, but only slightly. This observation, coupled with the anomalously low c* 
efficiency figures, led the author to theorise that, at high temperatures and chamber pressures, a
T h e o re tica l perform ance in vacuum  is 76 s for n itrogen  and 179 s for helium  [S u tto n , 2 0 0 1 ] .
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leak path developed in the receiver, presumably along one of the five graphite foil seals, 
increasing the effective throat area. The addition of the molybdenum pressure tap collar 
(contributing two extra sealing interfaces. Figure 6-60) increased the likelihood of a leak. This 
leak path appeared to reseal as temperatures declined, resulting in near-theoretical low- 
temperature performance. As recorded mass flow rates did not decline with temperature as 
rapidly as theory predicts, this would also tend to confirm that the discrepancy was most likely 
due to the introduction of leak paths through seals.
1400  TCl Upper Penetration (Feedline) Temp (K)
 TCa Ambient Vacuum Chamber Temp (K)
 TC.'S Lower Penetration Temp (K)
X ideal characteristic velocity (m/s)
* measured characteristic velocity (m/s)
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Figure 6-59 Temperature and characteristic velocity (measured and ideal), nitrogen flow trial.
Test 30-F  (12 December 2003).
Figure 6-60 Mk. I receiver with chamber pressure tap collar.
This theory was borne out by additional hot flow trials in helium and ammonia. T est 30 -0  
(helium) demonstrated similar thrust coefficient decay, at temperatures exceeding 1,000 K.
T h e  five include a ceram ic-to -ceram ic and tw o  cera in ic-to -m eta l face seals, th e  p ro p e llan t feedline 
connection , and th e  cham ber p ressu re  tap  in terface to th e  m olybdenum  collar.
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W hile ambient testing in helium exhibited C/ figures o f between 1.42 and 1.58,'*'  ^ high- 
temperature testing recorded values as low as 1.06. Similarly, Test SO-H (ammonia) produced 
the highest specific impulses recorded (237 s) but highly variable thrust coefficients at higher 
temperatures. Several anomalously low values (i.e., 1.18 and 1.11, respectively) were seen at 
intermediate temperatures. These can be compared to ambient tests and corresponding 
theoretical predictions, which agree with each other to within 6%.’®^ These discrepancies 
substantially impact specific impulse: Since exhaust velocity (Equation 6-16) is directly
proportional to the product of C /and c* a 15% drop in C /translates to an 7,p loss of over 40 
seconds at 1,621 K.
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Figure 6-61 Temperature and characteristic velocity (measured and ideal), ammonia flow trial,
Test 30-H (8 January 2004).
Characteristic velocity was observed to rise slowly near 1,000 K and then increase rapidly above 
this temperature, apparently exceeding ideal c* estimates (Figure 6-61). The rapid rise was 
most likely due to the strongly endothermie ammonia decomposition occurring at these 
temperatures, which, once overcome, lowers the gas m ixture’s molecular weight from 17 g /m ol 
to as little as 8.5 g/m ol, increasing c*.'®" Since the author was unable to measure the
T h e  theo re tica l value o f  C/ fo r helium , a t 293 K and zero  am bien t p ressu re , is 1.60.
A m m onia’s theo re tica l C/ is ap p rox im ate ly  1.70 a t am bien t tem p era tu res and  zero  am b ien t p ressure. 
A t h ig h er tem p era tu res , am m onia will d issociate. T h ru s t  coefficient rises s lig h tly  (to  1.80).
T h is  figu re  presum es no am m onia d issociation  takes place in th e  receiver. Below 1,600 K, th is 
assum ption  holds tru e  (see Section 5.4). A bove th is tem p era tu re , am m onia d issociation  becom es 
sign ifican t and  c* efficiencies appear to  rise above unity . In ac tuality , decom position  low ers th e  m ean
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composition of the exhaust gases during test runs such as 30-H, c* calculations are based on 
estimated molecular weight, not actuals, which can occasionally appear to indicate c* efficiencies 
above unity. Clearly, simple gases such as nitrogen and helium are not subject to these 
estimation difficulties. Pressure traces from these trials indicated a substantial fall in supply 
(vapour) pressure during the course of the 60-second test firings. Ammonia s high heat of 
vaporisation extracts a large quantity of heat from the small supply bottle, lowering its 
temperature and vapour pressure (Figure 6-63). The temperature dropped sufficiently for ice to 
form on the outer surface of the tank within 30 seconds. Application of heat to the tank, via a 
hot air dryer, was required to re-establish nominal supply pressure.
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Figure 6-62 Test 30-H detail, with ideal c* estimates (no dissociation and partial dissociation).
 Chamber Pressure (bar. abs)
 Inlet Pressure (bar, abs)
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Figure 6-63 Inlet and chamber pressure trace measurements, ammonia flow trial, Test 30-H.
m olecu lar w eigh t o f  the  p ropellan t gas, ra is in g  ideal c*  (F ig u re  6-62). A t 1,600 K, gas residence tim e  in 
the  receiver is insufficient to produce substan tia l d issociation . A t 1,825 K, d issociation  is nearly  to tal.
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7/ <0
Figure 6-64 Mk. II solar receiver, top surface detail showing circumferential and radial cracking 
(left). Mk. II receiver insulation package displaying white powder precipitate (right).
Following this final test o f the Mk. II cavity receiver, the insulation package was removed and 
the assembly inspected. As before, a discolouration of the receiver body about its circumference, 
dark red in colour, was noted. The internal surface of the receiver insulation package was coated 
with a white, powdery substance; this material was also found on the tantalum leads of the 
heater element. This was most likely due, as seen with previous tests, to boric oxide binder 
outgassing. The top of the receiver displayed several fine cracks, including one running entirely 
around the circumference of the cavity aperture, with multiple radial cracks (Figure 6-64). 
These cracks did not extend through the thickness of the aperture section; furthermore, while 
several of the radial cracks emanated from a bolt location, some did not, and so it was not 
possible to conclude that the cracks resulted only from over tightening of the bolts prior to 
testing. The surface of the aperture between the circumferential crack and the aperture edge 
was also discoloured. Despite these superficial changes, there was no indication of mass loss or 
deformation, and no observational evidence that the Mk. II receiver’s seals suffered any 
degradation or breach.
Following this last Mk. 11 trial, a second Mk. 1 cavity receiver was prepared for flow testing. 
Since these receivers were initially designed to take brazed feedline fittings, the receiver was 
modified to accept a screwfit molybdenum cap. It was then placed in an insulation package and 
tested twice at ambient temperatures with ammonia propellant. In both cases, performance was 
seen to approximate the theoretical: Q  values ranged between 1.70 and 1.79. D uring the
heating trial (Test 31-C), thrust coefficient was seen to drop significantly, to 1.38 (at 665 K) and 
1.11 (at 1,003 K), indicating the opening of a leak path similar to that seen in Mk. 11 testing.
The Mk. I’s particle bed permitted near-theoretical characteristic velocities at low temperatures. 
At the 1,000 K plateau, c* efficiency remained near unity (Figure 6-65). The calculation of c* in 
this case was not complicated by the effects of ammonia dissociation (seen in T est 30-11); peak 
temperature did not rise sufficiently to permit significant decomposition to take place.
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A total of four successful firings were made (Figure 6 -6 7 , left); the fifth attempt, in the 116‘'’ 
minute of the test, resulted in a rupture of the top flange of the receiver, fracture of the 
insulation package top cap, and subsequent failure of the electrical heating element. The 
receiver temperature at failure was above 1,200 K.
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Figure 6-65 Temperature and characteristic velocity (measured and ideal), ammonia flow trial,
Test 31-C (14 January 2004).
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Figure 6-66 Inlet and chamber pressure trace measurements, ammonia flow trial. Test 31-C.
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Figure 6-67 Mk. I receiver in ammonia flow testing (left) and following flange failure (right).
The failure occurred precisely when flow was introduced to the Mk. I and appeared to have 
originated at one or two bolt sites on the top flange of the receiver (Figure 6-68, left). The 
feedline post was sheared away following this event, interrupting propellant flow, and 
upper/lower receiver penetration thermocouples were thrown free. The boron nitride particle 
bed was exposed, and the particles themselves scattered around the vacuum chamber. Post-test 
examination of the structure led the author to conclude that directly bonding metal screws to 
threaded holes in the (relatively brittle) ceramic structure’s outsize top flange led to cracking of 
the threads, bolt loosening, and potential pre-failure leaks. A superior solution would have 
involved the use of molybdenum nuts to direct tensile stress away from the ceramic structure.'*"
The results of the hot flow trials provided substantial test data on two novel all-ceramic solar 
thermal rocket engines. Both receivers performed well in ambient testing but showed signs of 
moderate leakage (i.e., thrust coefficient decay) at higher temperatures when outfitted with 
chamber pressure taps. W hile the author encountered a number of difficulties in properly 
engineering ceramic structures for mechanical bonding and subsequent operation at high 
temperatures and pressures, many of these problems were either overcome or appear to have 
ready solutions. For example, the Mk. I nozzle (Figure 6-68, right) evinced no signs of 
precipitate deposition following ammonia propellant flow at high temperatures, possibly due to 
the boron nitride particle bed’s action as a filter for boric oxide departing the matrix. A fliglit-
T h e  receiver s tru c tu re  was designed to  cope w ith  stresses sign ifican tly  h igher than  th a t applied d u r in g  
th e  ho t flow tria ls . See C h ap te r 5.
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type Mk. Ill receiver, similar in design to its predecessors, could incorporate the advantageous 
design aspects of both the Mk. I (high heat transfer capability, low pressure drop, filtration of 
precipitates) and Mk. II (structural stability, rapid thermal charging).
y
Figure 6-68 Mk. I receiver flange failure detail (left). Mk. I nozzle detail, post-flring (right).
6.3 Concentrator Testing
As noted in Section 6.2, the primary focus of the present research effort fell on the development 
a small, reliable, moderate-temperature (-2 ,000 K) receiver subsystem. Nevertheless, a 
substantial amount of effort was expended on the design, fabrication, and testing of several low- 
cost rigid concentrator schemes suitable for mounting on a small satellite. The two schemes 
selected for test were: (l)  a large primary (56-cm diameter) aluminium concentra tor,//0 .6 , with 
no secondary concentration; and (2) multiple small primary (l4-cm  diameter) concentrators, 
fabricated from aluminium and PMMA, //0 .6 , for remote receiver heating via optical fibre 
transmission of sunlight.
Both schemes offer maximum concentration (>10,000:1) without the need for secondary 
concentrators, but which demand accurate solar tracking, typically to within 0.1°. T o facilitate 
ground testing of the concentrator mirrors, a Losmandy G -11 telescopic tracking mount (Figure 
6-69) was purchased and modified to accept an outsize concentrator support structure. The 
Losmandy mount is capable of tracking in various modes—with solar, celestial object, and lunar 
rate being among the options available— and at pointing accuracies theoretically exceeding 
+0.00014° (one-half of an arc-second). The G -11 is rated to 60 Ibm (27 kg) and is equipped with 
an axis polar scope for precision alignment with the polar axis.
The concentrator support structure was fabricated from aluminium plate and fixed to the G-1 I’s 
saddle plate with a custom dovetail bar (Figure 6-70, right). Pass-throughs in the backing 
structure were created for two sensor mounts: ( l) a sm all//.5 mini-Borg ranging/spotting  scope 
with a 4.5.5° field-of-view, to permit manual telescopic centring of the structure’s axis on tlie
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solar disk; and (2) a Kipp & Zonen CH-1 pyrheliometer, or direct solar flux measurement device, 
in order to gauge instantaneous flux while performing power throughput measurements. A 
copper heating target was mounted on an adjustable stand in the focal plane to assist in spot size 
and power throughput measurements, in conjunction with the 56-cm diameter concentrator. 
The copper target was initially plumbed to facilitate calorimetry with water flow, although this 
feature was later found to be unnecessary, owing to alternate power measurement methods used.
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Figure 6-69 Losmandy G-11 German Equatorial Mount, with declination/right ascension axes at
right [Losmandy, 2004].
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Figure 6-70 Concentrator support structure for on-sun test, in single mirror configuration (left) 
and multiple small mirror configuration (right).
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6.3.1 Large Concentrator Properties Testing
As noted in previous sections, the Mk. I and Mk. II cavity receivers behave as near-perfect 
blackbodies with an aperture emissivity approaching unity. To minimise heat loss from the 
body, both low thermal conductivity insulation and a small optical aperture are required. At 
2,500 K, a 12-mm diameter aperture will radiate approximately 250 W  to space. Given that the 
56-cm m irror fabricated for this effort is only capable of generating about 270 W  under AMO 
conditions, and that there are other significant sources of heat loss in the system—-to include 
radiative losses from the insulation surface and conductive losses along the feedline and 
structural supports, it is clear that the smallest achievable aperture— and thus the highest 
concentration ratio, is needed.
Figure 6-71 56-cm aluminium concentrating mirror on diamond turning tool following
fabrication.
The 56-cm, 15-kg aluminium m irror (Figure 6-71) is an uncoated, diamond-turned optic 
procured from Precision-Optical Engineering (P-OE) in Hitchin, Hertfordshire, UK. The 
diamond-turning process permits relatively rapid fabrication of aspheric surfaces, although at 
form errors slightly in excess of that required for imaging optics (Chapter 4). This concentrator 
is a fast (fractional / / # )  m irror with a rim angle (0) of 45°, a focal length of 33.7 cm, and an 
areal density of approximately 60 kg/m -— slightly heavier than the solid model estimate (15 kg). 
Designed for maximum concentration, it should theoretically produce a solar image at the focal 
plane 4.9 mm in diameter.
P-OE provided interferogram and form error data for the central portion of the concentrator but 
was unable to sample a full diameter with their test probe. This data indicated that the m irror’s
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peak-to-valley (PV) form error'®" is ju st 1.25 pm (1250 nm); the deviation from an ideal 
paraboloid is shown in Figure 6-72. A rough estimate of the m irror’s RMS wavefront error can 
be determined from the form data; it is found to be approximately 1.34 microns.
Using the ray-trace software package OSLO LT (Chapter 5), the author was able to dem onstrate 
that this level of optical performance is sufficient to produce concentration ratios of 10,000 or 
greater. A form error profile (i.e., the smooth curve in Figure 6-72) similar in shape to P-OE’s 
test data produces a spot size of almost precisely 5 mm, while a similar error profile (but with an 
RMS form error of almost 60 microns) produces a spot nearly 10 mm in diameter. A doubling of 
spot size reduces effective concentration by a factor of four; thus, a m irror with 60 microns of 
form error can do no better than a concentration ratio of 3,250. The 60-micron figure, while not 
a firm upper bound, provides an order-of-magnitude estimate for acceptable form error.'®®
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Figure 6-72 56-cm mirror form error (sag) data [Parker, 2003]. Bold line represents mirror
centre.
For several days in early May 2003, the Losmandy G M -11 mount was placed on its tripod in the 
courtyard of the Surrey Space Centre and its right ascension axis aligned with the North 
Celestial Pole. To facilitate precise solar tracking, the mount’s digital drive was connected to a 
12-volt battery and activated prior to testing; the drive tracks only in right ascension, not
IS7 p_v (orni error is defined here as the difference between the largest-magnitude positive and negative 
deviations from the ideal parabolic profile. Root-mean-sqiiare (RMS) form error and P-V form error are 
two common measures of mirror surface accuracy; P-V error provides a conservative (if less accurate) 
estimate of accuracy than does RMS error.
'®® Carbon fiber composite and ceramic mirrors for space applications, which exhibit form errors on the 
order of microns, should therefore be capable of concentrating sunlight to the level desired.
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declination, and can be moved while tracking (Figure 6-73). Initial tests were conducted to 
measure solar image size at the focal plane; a copper target engraved with concentric rings was 
mounted at the focus to allow the measurement to take place. The rings are spaced 5 mm apart, 
with a centre ring 10 mm in diameter (Figure 6-75, right).
1
Figure 6-73 Optical test rig mounted on Losmandy GM-11 mount.
Photographs of the copper target during on-sun testing, taken through welding glass, confirmed 
that the diameter of the spot is slightly less than 5 mm (Figure 6-75, left), which implies a 
geometric concentration ratio (Q ) of more than 12,500. However, due to non-unity m irror 
reflectance and imperfect specularity, received flux at the target will lower actual concentration 
ratio (C), despite its near-ideal
Several methods were used in an attem pt to measure received power and, thus, the the m irror’s 
effective value of C. These included (l) direct measurement o f incident radiation with a 
thermopile-based heat flux s e n s o r ; (2) indirect calorimetry using a copper target; and (3) 
direct measurement with a laser power meter, designed for power levels of up to 250 W.
m m  ;
:/ *0ys m .m
Figure 6-74 RdF micro-foil heat flux sensor, Type 27133-1, 50 W/cm" maximum (left); sensor 
glue-mounted to copper target, prior to on-sun test (middle); and result of short on-sun exposure
(right).
Recall that C is defined on a power throughput basis (the ratio of received power at the aperture to 
mirror intercepted power), while Q  is based only on geometric considerations.
Essentially a collection of thermocouples, connected in series.
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An RdF heat flux sensor (Figure 6-74) rated to 50 W /cm^ was mounted on the copper target and 
the m irror exposed to direct sunlight for several seconds. The sensor briefly reported heat flux 
values of up to 33 W/cm'^ before failing. Since expected heat flux values at the target range 
between 500 and 1,000 W /cm^, this failure was not unexpected.
Figure 6-75 Photograph of centre of copper target during on-sun testing, through welding glass 
(left) and without (right). Spot size is clearly less than half the diameter of the inner ring, which is 
marked in yellow in the left-hand photo (10 mm).
As an alternative to direct measurement, the author conducted a second on-sun test while 
measuring bulk copper target temperature. The target was coated with high-tem perature black 
paint to increase its a b s o r p t a n c e . A C-type (tungsten/rhenium ) thermocouple used for cavity 
receiver testing was inserted into the interior of the target, with its bead placed directly behind 
the focal point. After an equilibrium temperature was reached, the mirror was covered and 
temperature data was recorded (Figure 6-76). Pyrheliometer output voltages, visually read from 
a Keithley multimeter, provided solar flux measurements.'®'-^ To determine effective 
concentration ratio, a mean solar flux figure was calculated, based on measurements taken over 
the first 46 minutes of the trial. The standard deviation of the flux over this period was found to 
be 24 W /m -. Several times during the test, thin cloud cover briefly obscured the sun’s disk and 
lowered the measured flux from its mean value of 742 W /m - to as little as 560 W/m'^. This had 
little effect on the equilibrium temperature of the target.
Lam pblack— at incidence ang les o f  up to  50°— has an abso rp tan ce  o f  0 .05-0.06 [G o sw am i, 2 0 0 0 ]. 
T h e  py rh e lio m e te r w as accom panied by a ca lib ration  certificate  n o tin g  its o u tp u t a t 10.8 p V /W /m - .
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Copper’s thermal conductivity is high (401  W /m -K  at 3 0 0  K). Even at 1 ,000  K, the target’s 
effective Biot number {Bi, see Equation 5 -1 0 )  is much smaller than unity; this indicates that the 
target can be treated as a lumped-capacity object, its surface temperature {T) approximately 
equal to its bulk temperature:
dT
dt
Q
( 6 - 1 7 )
Here, p Q F  is the target’s heat capacity in joules (J). At equilibrium, the power radiated and /o r 
convected away from the target is equivalent to the incident power. Therefore, upon covering 
the mirror, target heat loss will be essentially equivalent to the heat flux falling on the target 
ju st prior to the shutoff This loss was calculated using temperatures at both shutoff and 3 0  
seconds afterwards. The 120-minute test, conducted at an average solar flux of 7 4 2  W /m^, 
resulted in (l) an intercepted flux of 183 W  at the mirror, and (2) a heat flux figure at the target 
of 147 W, or roughly 7 5 0  W /cm -. This produced an optical efficiency of 0 .8 0 3  and an effective 
concentration ratio of 10 ,0 7 2— in line with the stated requirement of 10,000 .
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Figure 6-76 Copper target temperature (left axis) and solar flux measurements (right axis) as 
function of time, on-sun heating test, 9 July 2003.
Laser power meter tests confirmed these results. The power m eter’s sensor head— a high- 
absorptance black disk— was placed in the focal spot for several seconds and the displayed power 
reading recorded. Representative test data from a mid-July 2 0 0 3  trial is shown in Table 6-9 . 
Since the m eter’s sensor head has an absorptance of approximately unity, the measured optical 
efficiency, r\ (far right column of Table 6 -9 ), should be equivalent to the concentrating m irror’s 
reflectance. The mean value of q was found to be 0 .89; if the single outlier figure of 0 .7 4 8  is
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dropped, this rises to 0.92. For comparison, the specular reflectance of bare aluminium surfaces 
in the visible spectrum is usually quoted as 0.82 to 0.92 [Goswami, 2000].
1 15:46:00 574 141.4 126 0.891
2 15:47:00 559 137.7 103 0.748
3 15:48:00 528 130.0 121 0.931
4 15:49:00 538 132.5 120 0.906
5 15:58:00 588 144.8 136 0.939
6 16:00:00 551 135.7 126 0.929
Table 6-9 Laser power meter characterisation of large (56-cm) concentrating mirror, 15 July 2003.
6.3.2 Small and Ganged Mirror Testing
To validate the hypothesis that multiple small (plastic or metal) concentrating m irrors might 
duplicate the performance of a single large mirror, but at significantly reduced weight, the 
author procured a number of 14-cm, f/O.6 paraboloidal dishes for initial trials. Ten of these were 
diamond-turned from polymethyl methacrylate (a hard plastic) by Carville, Ltd., of Dorking, 
Surrey. Following visual inspection of the form and discussion with the coating supplier, it was 
decided to ask Carville to hand-polish their mirrors to improve their quality (the m irrors were 
covered with numerous fine scratches, flaws which would be amplified by metallic coating). This 
was done and the resulting mirrors delivered to Kendall-Hyde (of Basingstoke, Hampshire) for 
coating with aluminium and overcoating with magnesium fluoride. Despite the additional effort 
expended on polishing, fine scratches were still visible on the m irror’s surface following the 
coating procedure (Figure 6-77). All plastic mirrors weighed approximately 130 g.
Figure 6-77 Uncoated and coated (Al/MgFï) 14-cm concentrating mirror (left). Mirror detail
(right).
Precision Optics was asked to produce three 14-cm diameter aluminium mirrors (uncoated) and 
provide form error measurement data on each. P-OF was also requested to provide form error
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data on three of Carville's PMMA mirrors. The results of the aluminium mirror testing are 
shown in Figure 6-78. W hile there are clearly zonal (asymmetrical) defects in the mirror form, 
the peak-to-valley form error was measured at less than 2.5 pm (for a test wavelength of 490 
nm). The RMS figure of 570 nm is significantly less than P-OE was able to obtain with the 
large (56-cm) paraboloidal m irror [W helton, 2003]. This strongly suggests that the small 
m irrors’ performance should equal or exceed that of the large mirror, with concentration ratios 
near the theoretical maximum of 13,000. The aluminium mirrors are heavier than their plastic 
counterparts, weighing approximately 300 g.
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P - V ;  1 0 , 2 %
C o n t o u r / I s o m e t r i c  o f  P h a s e 1 4 : 37 : 4 1  
1 2 - 1  5 -0 .3
C o n t o u r  s t e p  0 . 9 0
0 . 5 8
- 0  . 58
0 . 9 0 - 0 . 4 5  0 . 0 0  0 . 4 5  0 . 9 0
5 . 8 2  T
0 . 49
- 0 . 9 0  0 . 4 5  0 . 0 0  0 . 4 5  0 . 9 0
Figure 6-78 14-cm aluminium concentrator form error test results. Peak-to-Valley (PV) form 
error is 2.5 pm; RMS form error is significantly less, 0.57 pm (X, = 0.490 pm) [Whelton, 2003].
Precise form error measurements of the plastic mirrors were not obtainable, owing to large 
surface flaws. W helton [2003] attempted to perform a probe test similar to that conducted for 
the large metal optic (Figure 6-72) but the test could not be concluded; the probe repeatedly was 
halted at obstructions on the order of 40 microns in height or more. From  the limited data 
obtained, one can reasonably assume that peak-to-valley form error is at least 40 microns, and 
may in fact be significantly higher.
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Figure 6-79 Small PMMA mirrors undergoing spot size testing at SSTL solar simulator facility 
(left). Geometric concentration ratio estimate based on focal spot size measurement (right).
Spot size measurements were obtained under simulated sun in the late autumn of 2003. SSTL’s 
solar simulator facility, composed of a high-power xenon arc lamp, parabolic reflector, and 
collimating lens, is capable of providing a circular spot beam (AMo intensity and higher) of 14- 
cm diameter. Beam divergence half-angle A0, estimated at < 2° [Eade, 2003], will tend to 
spread the incident light, artificially increasing focal length and focal spot diameter. Equation 4- 
9, which defines the maximum permissible concentration for a given source half-angle 0, can be 
used to estimate concentration with a divergent beam (the divergence half-angle is simply added 
to the source half-angle). For A0 = 2°, C,„ax = 649 and the focal spot size— assuming perfect 
optics—will be at least 5.5 mm in d i a m e t e r . F o r  A0 = 1°, C,„ax increases to 2,100, while 
estimated spot diameter decreases to just over 3 mm.
Test results bear out these calculations. A 14-cm diameter PMMA m irror was mounted with its 
symmetry axis aligned to that of the solar simulator's exit beam, behind a collimating lens 
(Figure 6-79, left). The arc lamp was then switched on and a steel rule placed at the focal plane 
of the mirror. Photographs, such as that shown in Figure 6-79 (right) indicate that the focal 
spot was between 4 and 5 mm in diameter. It was discovered during similar tests with the 
aluminium mirror that the focal spot size was smaller— 3 mm in diameter, with a bright centre 1 
mm wide (Figure 6-80, left). Geometric concentration ratios of up to 2,000 appear to be 
achievable with the solar simulator.'*’' This is insufficient for high-temperature testing, but 
could be utilised for other benchmarking tasks.
In practice, th is will be som ew hat la rger. C„,„.v is a peak figure; the m ean co n cen tra tio n  C is o n e-fou rth  
th is value, for a 45° rim -ang le  if/O.6) m irror.
On-sun testing with plastic mirrors indicates a spot size of 2 mm or less (Q  -  4,900). Metal mirror 
tests indicated spot sizes of approximately 1 mm.
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Figure 6-80 Focal spot size measurement, 14-cm aluminium mirror, utilising solar simulator (left).
Optical fibre transmission testing with solar simulator (right).
At an estimated Cg = 2,000, the author was able to measure incident radiation at the focal spot 
with the laser power meter discussed in Section 6.3.1; these results gave a mean power level of 
19.2 W, an estimated incident flux of 1,386  W/m-,'»” and an estimated intensity at the focal spot 
of 277 W/cm-. One end of a two-metre length of 0.75-mm core diameter silica optical fibre, 
donated by Polymicro Technologies, LLC, of Phoenix, Arizona, was placed at the focal spot and 
the distal end embedded in a graphite post massing 1 g (Figure 6-80, right). No special 
preparations for this test were made; the fibre ends were left unpolished and alignment was 
performed manually, without the use of micrometer stages. Figure 6-81 indicates the results of 
the test. Using temperature data in conjunction with Equation 6-17, it was found that the 
heating rate, Q, climbed from 0.35 to 0.69 W over the first minute of testing; the mean heating 
rate was 0.59 W. One can compare this heating rate with the incident flux on the fibre tip— for 
a numerical aperture of 0.66 and an intensity of 277 W/cm= ,^ the fibre will intercept 1.22 W. 
The optical efficiency r|, defined as the received power at the graphite element divided by the 
intercepted power at the entrance tip, is therefore 0.57.'^"
This calculation presumes a mirror reflectance of 0.9.
Liang [1 9 9 8 ]  notes that unprepared (unpolished, imprecisely aligned) fibres transmit as little as 30% of 
incident sunlight.
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Figure 6-81 0.75-mm (NA = 0.66) optical fibre heating test, using SSTL’s solar simulator.
Henshall and Lock [2004] performed several laser testing trials at the University of Surrey’s 
Optoelectronics Lab to verify power throughput estimates. A 980-nm laser source was 
boresighted on the entrance tip of the 0.75-mm (NA=0.66) optical fibre described above (Figure 
6-82). The distal end was terminated inside an integrating sphere; a silicon photodiode, with a 
fixed responsivity at the laser’s wavelength of operation, captures a fraction of the incident light 
from the sphere. Knowing the sphere’s multiplication factor (due to multiple internal reflections, 
as a result of the sphere’s high internal reflectance) permits one to calculate the power incident 
on the sphere surface. Boresighted (on-axis), the fibre was able to transm it between 59% and 
75% of incident laser flux, at power levels of between 1.2 and 16 mW. W ith the laser firing 30° 
off the fibre axis, this figure (at 1.2 mW input power) fell to 46%.
0.75-mm  
optical 
aKiL.vv • fibre
Figure 6-82 Optical fibre laser power throughput measurement test rig. University of Surrey 
Optoelectronics Laboratory (February 2004) [Lock, 2004].
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Figure 6-83 Incandescent lamp calibration for integrating sphere power throughput testing.
An analogous test rig was constructed at the Surrey Space Centre to measure power throughput 
with broad spectrum sources, rather than narrow bandwidth lasers. To calibrate the rig, a 12-V 
incandescent lamp was inserted in an 8" (20.32 cm) integrating sphere (Figure 6-83), donated by 
H. Newell of SSTL, Ltd. An Oriel 71648 silicon photodiode (UV-enhanced) was mounted to a 
side port behind a light baffle, to prevent direct light transmission from the lamp to the 
photodiode (Figure 6-84, left)."’" The lamp (Figure 6-84, right) was connected to a direct- 
current power supply and tested at powers of between 5 and 45 W. Input current, voltage, and 
photodiode current were measured for each power level.
A preferred solution would utilise a thermopile in place of the photodiode, which has a flat (constant) 
spectral responsivity. None were available at the time of testing.
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Figure 6-84 Interior of integrating sphere, demonstrating light baffling between source and sensor
(left), 12-V test lamps (right).
It is important to note that variable photodiode response and lamp colour temperature must be 
accounted for when calculating power output. The photodiode is only sensitive to a relatively 
narrow range of incident light and will severely underestimate lamp power; its responsivity 
(measured in A /W ) is dependent on wavelength, and varies from 0.075 A /W  at 200 nm to a 
peak of 0.561 A /W  between 880 and 900 nm.'^* A photodiode’s spectral responsivity, R, can be 
computed from [Melles Griot, 2004J;
he
(6-18)
This relates responsivity to electron charge, q (1.6022 x 10-'» coulombs), the quantum efficiency 
T|q, wavelength A,, Planck’s constant, h, and the speed of light, c. Quantum efficiency, a measure 
of the number of photoelectrons generated as a result of impingement by an incident photon, 
reaches a maximum of 0.80 between 850 nm and 900 nm. Silicon is non-responsive to infrared 
radiation (A, > 1,100 nm) and ultraviolet radiation below approximately 200 nm.
A lamp source such as the tungsten filament test article described above can be modelled as a 
blackbody source with a temperature-dependent emissivity [Harang, 2003]. The blackhody 
curve for a typical lamp source, derived from Equation 2-2, demonstrates that it will radiate 
most strongly in the infrared, with only 8-14% of its output in the visible spectrum. As power 
increases, the filament temperature increases and the curve shifts towards the visible (Figure 
6-85). However, even at temperatures approaching 3,000 K, the emission characteristics of 
tungsten are unrepresentative of sunlight (Figure 2-15). The emissivity of tungsten varies with 
both wavelength and with filament temperature; at 1,600 K, the mean emissivity (between 250 
and 700 nm) is 0.465, while at elevated temperature, visible spectrum emissivity decays slightly
For a representative Type 7 1 6 1 8  photodiode.
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(at 2,800 K, mean emissivity drops to 0.441) [Lide, 1995]. Tungsten’s total emissivity is 
tabulated and can be computed by using the following formula for temperatures between 1,200 
and 2,500 K [Harang, 2003]:
f (T )  = - 5 x  10 + 3 . 11X10  -0 .1 6 1 (6-19)
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Figure 6-85 Blackbody emission curves (monochromatic emissive power) for tungsten filament 
temperatures between 1,500 and 2,850 K.
To determine emissive power, one must first estimate filament temperature. This can be found 
by comparing the element resistivity (p,., in pQ-cm) during operation with its zero-power value 
at room temperature. Since resistivity is a known function of temperature, it is possible to 
calculate the filament temperature from this ratio [Harang, 2003]. The product of total 
emissivity and integrated blackbody emissive power is filament radiated power; at these 
temperatures, efficiencies are high and virtually all dissipated power is radiated away, so it is 
possible to equate this figure with the amount of power dissipated in the circuit.
Table 6-10 provides the results of the lamp calibration testing. The measured photodiode 
current is compared to the predicted current produced by a representative UV-enhanced 
photodiode viewing a tungsten filament lamp of a known power output and given colour 
temperature at a separation distance of 4” (the integrating sphere’s radius, 10.16 cm). A sphere 
multiplier, shown in the final column, is the ratio of measured to predicted filament power. This 
multiplier was seen to decline from roughly 7 at low temperatures (1,500 K) to 2 at moderate 
temperatures (2,500 K).'»»
The integrating sphere’s multiplier, M, is a function of both its internal reflectance, p, and the port 
fraction,/(the amount of internal surface area occupied by apertures for sources and sensors):
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1 1.35 12.02 16.2 3.13 2,035 3.24
1 1.20 9.83 ; 11.8 2.22 1,896 4.02
1 1.07 8.02 ! 8.6 1.50 1,759 4.98
0.91 5.98 5.4 0.81 1,573 6.90
1.46 13.96 20.4 3.96 2,161 2.70
1 1.58 15.78 24.9 5.06 2,242 2.54
1 1.71 18.14 31.0 6.55 2,358 2.30
2 1.35 12.22 16.5 3.16 2,063 3.07
2 1.22 9.88 1 12.1 2.27 1,878 4.80
2 1.09 8.08 8.8 1.59 1,742 5.34
2 0.93 6.11 ; 5.7 0.92 1,573 7.52
2 1.54 15.08 1 23.2 4.65 2,205 2.63
2 1.67 17.20 28.7 5.89 2,300 2.39
2 1.82 19.99 36.4 7.74 2,428 2.16
2 1.96 22.72 44.5 9.77 2,540 1.99
Table 6-10 Incandescent lamp calibration test results, 1 and 4 May 2004.
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Figure 6-86 Sphere multiplier and power dissipation (estim ated and actual) versus 
predicted filament temperature, 1 and 4 May 2004.
Test results are displayed graphically in Figure 6-86. The apparent deviation in power 
estimates from the expected fourth power of temperature dependency at higher temperatures is
M  = • _P ____ (6-20)
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likely to have resulted from increasing resistance— and heat dissipation— in the remainder of  
circuit. The sphere multiplier, M, appears to asymptote slightly below 2.0, as filament 
temperature increases. The author used a value o ï M =  2.0 as a conservative estimate for follow- 
on solar power throughput tests.
alunU
Figure 6 -8 7  Ganged mirror power throughput test, three optical fibres, 14 May 2 004 .
On-sun fibre power throughput testing commenced in May 2004. The optical test rig, shown in 
Figure 6-87, includes a number of 14-cm diameter PMMA and aluminium m irrors mounted to 
the backing structure of the telescope mount. A two-axis micrometer stage permits fine control 
over fibre tip position, crucial for proper alignment of the small-diameter (0.75-mm) optical fibre 
with the aluminium m irror’s focal spot.^°o For all of the following tests, proper alignment was 
achieved through manual search: The fibre tip was moved through both axes to find the
maximum throughput position, then locked there. W hile mean concentration ratio C can be 
expected to approach the flat-plate limit of 13,000, the concentration ratio in the core region of 
this spot was calculated to reach a much higher figure of 26,000 (from Equation 2-5). The 
plastic mirrors exhibit greater optical inaccuracy and, consequently, will not be able to produce a
T h e  focal sp o t is com posed o f  a h ig h -concen tra tion  core reg ion  o f  rad ius / sin 0 [F e u e rm a n n , 19.09]. 
F o r the M -cm  d iam eter a lum inium  m i r r o r , / -  8 .4  cm and th e  core region is pred icted  to  be 7 4 0  m icrons 
in diam eter. T h is  is essen tia lly  equ ivalen t to  th e  core d iam eter (750 m icrons) o f  th e  NA  = 0.66 optical 
fibre.
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high-concentration core region. Low numerical aperture (NA = 0.33) fibres were placed at the 
foci of two of the PMMA mirrors. These fibres have larger core diameters ( 1.00 mm).
&
Figure 6-88 Ganged mirror power throughput test setup (left). Concentrated sunlight emerging 
from 0.75-mm core diameter optical fibre (NA = 0.66).
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Figure 6-89 Fibre power transmission test results, 11 May 2004.
Multiple fibres were inserted into a small aperture on the side of the 8” integrating sphere 
(Figure 6-88). A multimeter was attached to the silicon photodiode at middle left and provided 
current measurement during the test. Pyrheliometer flux measurements and photodiode output 
were recorded simultaneously, first for a combination of PMMA primary mirror and 0.75-mm 
(NA = 0.66) optical fibre, then substituting the metal mirror for the plastic mirror to ascertain 
any differences in power throughput resulting from improved form accuracy.
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The mean responsivity (200-1,100 nm) of the silicon photodiode varies slightly, depending on 
whether the spectral distribution is (l) a blackbody at 5,700 K, in which case R -  0.364 A /W ; (2) 
a blackbody at 5,900 K (i? = 0.356 A /W ); or (3) an AM 1.5 source, based on standard solar 
spectra data [R = 0.398 A /W ) [NREL, 2001]. Additionally, the ratio of detected power to 
emitted power varies, from 0.76 for a 5,700 K blackbody to 0.79 for the AM 1.5 source. Test 
results (Figure 6-89) indicate that system throughput efficiencies'-^ '^ of up to 0.37 were achieved.
A second series of measurements were taken on the 14":i^  of May, utilising multiple m irrors and 
fibres. The author recorded single m irror/fibre outputs of as much as 2.1 W  at a measured solar 
flux level of 691 W/m'^. W hile the amount of incident flux on the fibre's entrance tip cannot be 
precisely estimated, it is likely that these high figures (twice the output of the 11 May 2004 
tests) resulted from precise alignment of the centre of the metal m irror’s focal spot with the fibre 
tip. If the concentration at centre approaches the theoretical ideal for this rim angle (26,000:1), 
the amount of incident flux on the 750-micron fibre can be calculated to be 7.9 W  and the total 
system throughput efficiency is at least 0.27.-°'^
mocouple
ansm itte r
Figure 6-90 Graphite element heating with fibre-transmitted sunlight (left); detail of precision 
fibre placement rig (XY micrometer stage) with 14-cm plastic mirror and 0.75-mm fibre (right).
Lower-NA fibres (l-mm core diameter), coupled to PMMA mirrors, were used to provide a 
ganged input. At a numerical aperture of 0.33, only 19% of the flux incident on the fibre end 
strikes the fibre at a sufficiently low entrance angle to ensure its transmission.-"' One can
T h e  a u th o r  d istingu ishes betw een the  optical efficiency r| (defined as an en d -to -en d  f igu re  o f  m erit, 
com paring  flux inc iden t on the  fibre w ith receiver h ea tin g  pow er) and system  th ro u g h p u t efficiency, which 
com pares fibre inpu t and o u tp u t pow er.
T h is  is a m inim um  estim ate  for system  th ro u g h p u t efficiency. I f  th e  co n cen tra tio n  ra tio  is low er than  
th is, the  efficiency is obviously  higher.
’ T h e  vast m ajo rity  o f  the  inciden t flux strik es th e  fibre a t less than  th e  fibre’s critical an g le  and will only  
be partia lly  reflected a t th e  core-clad in terface [H ech t, 1992]. Ivquation 2-4 allow s one to  d e te rm in e  the
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separate this acceptance fraction  from fibre loss (due to Fresnel losses at the air-fibre interfaces 
and internal absorption); combined, they provide the system throughput efficiency. If the in­
fibre loss is 0.55 (45% of accepted light emerges at the far end), the total system throughput 
efficiency is just 0.07. This estimate is borne out by the relatively small amount of light 
observed emerging from the coupled PMMA mirror/low-NA fibre package, detected by the 
integrating sphere test rig. The maximum output measured from the low-NA fibre was 0.16 W  
at a flux level o f 561 W/m^. Estimated system throughput efficiency is therefore only 0.035.
460 680
♦ therm ocouple 1 (inside Gr) 
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Figure 6-91 1-g graphite element heating test, 750-pm optical fibre, NA = 0.66 (14 May 2004).
Maximum ganged output (three mirrors) was measured at 2.27 W at an incident flux level of 
667 W/m^. A mean efficiency, calculated on the basis of total received power divided by total 
estimated incident flux at the tips of the three fibres (17 W), was low: 0.13.
A final pair of on-sun, in-air tests was conducted to determine the end-to-end efficiency of the 
coupled fibre/m irror approach to receiver heating, resulting in two heating profiles similar to 
that shown in Figure 6-81. In the first of these, the distal tip of the 0.75-mm optical fibre was 
inserted into a 1-gram graphite sample, which was then covered by silica felt to inhibit natural 
convective cooling (Figure 6-90). A C-type thermocouple was affixed to the external surface of 
the sample. The entrance tip was placed in the focal spot of the 14-cm aluminium f/O .6  mirror. 
Solar flux levels were recorded from pyrheliometer readings and temperature measurements 
taken from the C-type thermocouple’s transm itter display, over the course of the 25-minute test 
(Figure 6-91). The fibre reached a maximum temperature of 162 °C (435 K) after 8 !4 minutes of
frac tion  o f  the  inciden t lig h t cone th a t will be accepted at th e  fib re’s en tran ce  tip. T h e  NA = 0.66 fibre has 
a m uch w ider acceptance cone; 85% o f  ligh t inciden t from  a 45° rim  ang le  paraboloid  will be accepted.
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heating, at a mean flux level of 545 W/m^.^o"- The heating rate was calculated to be 1.14 W  
(over the first 20 seconds), with an end-to-end efficiency of 0.18.^°^
A second test was conducted without fibre transmission (Figure 6-92). The graphite element 
was placed in the focal spot of the metal mirror and the mirror uncovered at time t = 0. After 3 
14 minutes, the sample reached a maximum temperature of 283 °C (556 K), at a mean flux level 
of 708 W /m^. In this instance, the element sees the entire focal spot (not simply a 0.75-mm 
diameter circular portion); the heating rate was calculated to be 9.63 W, with an estimated end- 
to-end efficiency of 0.88.
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Figure 6-92 1-g graphite element heating test, direct heating (14 May 2004).
6.4 Summary of Test Results
The bulk of the effort’s testing activities was concerned with the miniaturisation and 
simplification of high-temperature solar receivers and rigid, fixed concentrators, suitable for 
microsatellite use. Initial tests focused on the bonding and sealing of ceramic elements to 
themselves and to metallic fixtures. Brazing tests were conducted on ceramic-to-metal seals at 
high temperatures (>1,780 °C, or 2,053 K) using refractory alloy braze filler metals 
(molybdenum and ruthenium) as well as combinations of molybdenum, molybdenum disilicide, 
and silicon. These tests were only partially successful; while a strong Mo/Ru bond was
T h e  effects o f passin g  cloud cover d u rin g  the  firs t m inu te  o f  the  te s t can be seen— flux d ro p s to  less 
than  400 W /m -  and th e  h ea tin g  ra te  d rops substan tia lly , then  re tu rn s  to  ro u g h ly  its p rev ious ra te  o f  
increase.
A ssum ing  a peak concen tra tio n  o f  26,000:1 and perfect spo t-fib re  tip  a lignm en t. W ith o u t p ro p e r 
a lignm en t, th e  local concen tra tio n  a t the tip  could be 10,000:1 o r even low er.
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achieved between a composite boron nitride ceramic and a molybdenum fitting, the seal was not 
leaktight. Ceramic adhesives and mechanical bonding (utilising graphite seals) were also 
attempted, with the best results being obtained with gasketed, flanged systems. This approach 
was carried forward into the detailed design phase and resulted in the Mk. I and Mk. II solar 
receivers— essentially flanged, bolted cans of composite ceramic— discussed earlier in this 
chapter.
Testing of ceramic coupons in vacuum and at high temperatures (> 2,000 °C, or 2,273 K) 
provided the basis for the selection of an intermetallic composite (BN/TiBa) as the primary 
structure for the solar receiver. Coupons fabricated from BN/TiBg displayed no appreciable 
mass loss, deformation, or damage after an hour of exposure. The Mk. I receiver, an all-ceramic 
system, was designed as a container for a boron nitride °^® particle bed; the Mk. II receiver, a 
simpler, smaller design, substituted a spiral flow channel in place of the particle bed.
Both receivers were repeatedly heated to high temperatures in vacuum and examined for 
damage. The large (Mk. I) receiver reached temperatures in excess of 1,600 K; the Mk. II 
receiver briefly topped 2,000 K. Both receivers showed signs of boric oxide binder precipitation 
on their surfaces following heating, but no evidence of cracking, deformation, or mass loss. Both 
closely followed heating profiles predicted by the author’s MSTISM code for solar thermal 
propulsion system modelling.
Full flow tests with helium, nitrogen, and ammonia were conducted in vacuum, at receiver 
temperatures of up to 1,700 K. At high temperatures and moderate (< 12 bar) pressures, both 
receivers showed signs of moderate leakage, resulting in thrust coefficient decay. Some cracking 
was observed around the cavity aperture in both receiver types after high-temperature exposure 
with propellant, as well as precipitate formation similar to that seen in electrical heating tests. 
Thrust stand measurements at temperature indicate maximum specific impulse performance in 
ammonia of 237 s. Thrust levels were measured at between 130 and 500 mN. The large (Mk. I) 
receiver suffered a catastrophic failure, during the introduction of ammonia at 1,200 K, along its 
top flange. The failure appears to have resulted from stress concentrations in the top flange’s 
molybdenum bolts, which were attached not to nuts (which would have diverted the loading) but 
directly to the lower ceramic flange. The receiver testing clearly indicated that low-cost, all- 
ceramic designs are feasible but that care must be taken to ensure that these systems (l)  
maintain seal integrity, even at elevated temperatures, and (2) incorporate stress-relieving 
features to minimise the possibility of mechanical failure.
Two concentration schemes were tested. This included a direct-incidence heating approach with 
a single large (56-cm diameter) paraboloidal primary mirror with the solar receiver placed at the 
focal plane. Form error measurements following mirror fabrication confirmed that the mirror.
In itia lly , boron  carbide.
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which was diamond-turned from a single aluminium billet, would easily meet or exceed 
previously discussed thresholds for surface non-uniformity. Flux concentration was measured, 
on-sun, at greater than 10,000:1. Power throughput at terrestrial flux levels exceeded 140 W; 
m irror reflectance was shown to be better than 0.9 at low incidence angles.
The large mirror's as-fabricated mass (15 kg) and surface area (0.25 m )^ made its placement 
onboard a 100-kg microsatellite problematic. A novel alternative concentration scheme, 
intended to minimise design and operational impact on a small spacecraft, was devised to 
overcome this problem. Building on theoretical predictions and terrestrial test efforts from 
researchers in Japan [Nakamura, 1976] and Israel [Feuermann, 2002], the author adapted a 
proposal for optical fibre transmission of concentrated sunlight to the specific problem of solar 
thermal propulsion on microsatellites. A number o f researchers over the past 30 years have 
reported significant power throughput in optical fibre runs of many metres. If the output of 
multiple mirrors could be conjoined and deposited on a single solar receiver, several significant 
advantages accrue: (l) the solar receiver can be decoupled from the mirror focal point, allowing 
it to be placed anywhere on the spacecraft; and (2) multiple small mirrors potentially allow 
substantial weight savings over a single large mirror, due to the fourth-power empirical scaling 
relationship between space mirror diameter and mass.
Ten 14-cm diameter plastic mirrors and three aluminium m irrors were fabricated by two 
separate vendors and tested. The plastic mirrors were found to be inferior to the metal in probe 
tests (conducted by the vendor) and solar simulator tests. The aluminium m irrors were found to 
have form errors of less than 600 nm, surpassing the performance of the 56-cm optic, while the 
plastic m irrors were estimated to have RMS errors o f at least 40 microns, a factor o f 70 worse 
than the metal. Geometric concentration ratios in solar simulator testing were found to be on 
the order o f 600 (plastic) to 2,000 (metal); on-sun observations indicate that the plastic m irror 
achieves a geometric concentration ratio o f 4,900. T he metal m irrors’ focal spot size was 
observed to be on the order o f 1 mm, although the spot was sufficiently small as to make a 
precise estimate difficult.
Boresight laser testing of high-NA optical fibre demonstrated power throughputs of up to 75%. 
This same fibre was found to transmit 57% of intercepted (simulated) sunlight in a heating test 
with a I-gram graphite receiver element and 14-cm metal primary mirror. Direct power 
measurements with an integrating sphere and silicon photodiode indicated single system 
throughput efficiencies o f 20-37%, with lower ganged fibre efficiencies resulting from the use of 
low-NA (0.33) optical fibre. On-sun graphite element heating tests appeared to demonstrate 
relatively low throughput efficiencies (< 20%), while a final direct-incidence heating test (no 
fibre) with this same graphite element and mirror produced heating rates o f over 9 W  and an 
end-to-end efficiency of nearly 90%. This testing has shown that there is significant potential in 
the fibre optic transmission of sunlight for solar thermal propulsion applications, although the
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maintenance of precision alignment on-orbit, as well as the ground preparation of fibre tips, will 
be crucial in maximising throughput.
In summary, test results from the comprehensive examination of several microsatellite- 
compatible solar receiver and concentrator approaches confirmed the feasibility o f downsizing 
the concept and have indicated that high performance is possible. An innovative all-ceramic 
solar receiver, designed for low-cost fabrication and test, performed extremely well over a wide 
range of temperatures, pressures, and propellant types. Large, diamond-turned paraboloidal 
m irror systems have been shown to be effective— if outsize— optical elements, available at 
relatively low cost for ground test, and, in the future, space operations. Smaller, fibre-optic 
coupled m irror systems, utilising plastic or metal optics and state-of-the-art optical fibre, were 
shown to transm it a significant fraction of incident sunlight to a receiver body; further efforts 
are needed to optimise the fibre-mirror coupling and, therefore, power transmission before this 
approach can be demonstrated on an operational spacecraft. Both the receiver and m irror 
elements are now ready for final refinement, in preparation for integration and on-orbit test.
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Chapter 7
7 Summary and Conclusions
7.1 Overview
This chapter summarises the au thors three-year investigation of solar thermal propulsion for 
microsatellites. It discusses some of the highlights o f the effort, including key contributions in 
the areas of microsatellite mission analysis, modelling, design, test, and flight dem onstration 
preparation. This chapter will also make note of specific recommendations for follow-on 
research.
7.2 Summary
Efforts to determine the utility and feasibility o f a small solar thermal propulsion system, 
suitable for use aboard a microsatellite platform, have shown that it is possible— with some 
minor modifications to the author’s existing test articles— to design a high-performance solar 
thermal engine that should rival or exceed state-of-the-art bipropellant hydrazine (N2H4/N 2O4) 
systems, at a fraction of their cost. The author has built and tested practical designs for two 
critical components of the solar thermal engine, the concentrator and therm al storage receiver. 
T est results were compared with predictions taken from the author’s Microscale Solar Therm al 
Integrated System Model, showing strong agreement.
A number of candidate missions were examined to determine the applicability of a small-scale 
solar thermal propulsion system. Spiral transfers, w ith their substantial delta-V penalties, were 
rejected in favour of multi-impulse (apogee and perigee “kick”) firing plans. Detailed analysis, 
using Analytical Graphics’ Satellite Tool Kit and Astrogator, permitted the author to calculate 
specific delta-V requirements for a wide variety of orbit transfers, from highly elliptical earth 
orbits to (1) geosynchronous earth orbit, (2) earth escape (and flyby of several Near Earth 
Objects, and (3) low lunar orbit.
• For Near-Escape and Lunar Capture mission types, lunar perturbations become 
sufficiently severe to warrant the selection of special parking orbits to prevent 
prem ature re-entry or unacceptable variation in orbital elements. The author proposed 
a novel manoeuvring sequence for a solar thermal engine, specifically designed to avoid 
these lunar perturbations and permit earth escape along any desired trajectory. This
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High Altitude Phasing O rbit is expensive, costing as much as 3,000 m /s, but maximises 
mission flexibility (and launcher selection).
• Given the low thrust-to-weight achievable by the solar thermal engine (typically on the 
order o f 10- )^, the author proposes the use of intermediate, low-eccentricity phasing 
orbits in order to achieve low-thrust insertion upon lunar approach without 
encountering the lunar perturbation difficulties discussed above.
After performing a number of optical and thermal analyses with the validated codes OSLO 
(optical ray-tracing) and W inTherm  (coupled heat transfer in shell bodies), the author 
constructed M STISM , a Microsoft Windows-based solar thermal propulsion system model 
incorporating numerous aspects o f the solar therm al engine and its interfaces. F or a specified 
orbit transfer and initial microsatellite mass, M STISM  provides a user w ith the capability o f 
assigning values to such variables as concentrating m irror diameter, number of mirrors, rim 
angle or numerical aperture, surface form error, attitude control accuracy, and receiver 
characteristics such as material densities and thermal conductivities, thicknesses and sizes, heat 
transfer modes, firing times, propellant types, and supply pressures. Some plausible propellants 
(notably butane and water) were not included as a result o f their complex dissociation chains 
(butane) and requirement for two-phase flow modelling (water).
• M STISM  uses an explicit finite difference formulation to compute the receiver energy 
balance and determine the correct heating profile. W hile explicit approaches suffer from 
instability and divergence, the author has mitigated this problem by introducing “self- 
policing,” in the form of a lookup table for characteristic receiver thicknesses and time 
steps required to achieve convergent solutions. A similar formulation is used to 
compute receiver-gas energy transfer during propellant flow. Dissociation models for 
hydrazine and ammonia, based on equilibrium constant calculations, were included.
• T est data and M STISM  heatup profile predictions match remarkably well (Chapter 6). 
The agreement between M STISM  and firing data from hot flow tests is not as close, 
owing to M STISM 's lumped-capacity assumptions; during firing, channel o r bed 
temperatures diverge substantially from external receiver surface temperatures, 
resulting in an optimistic performance prediction.
• The author was able to use the M STISM  code to perform sensitivity analyses on solar 
thermal propulsion systems for a number of applications, including dem onstration on 
two upcoming Surrey microsatellites for end-of-life re-entry and life extension with drag 
makeup. The comprehensive nature of the M STISM  code permitted optimisation of the 
solar thermal engine system and an understanding of key trends (e.g., the utility of 
higher incident power versus increasing m irror size, for a range of delta-V 
requirements).
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T he solar receiver is inherently a high-temperature device and demands the use o f exotic, 
refractory ceramics and metals to survive repeated exposure to temperatures o f 2,000 K or more. 
This precludes the use of stainless steel or other alloys, even high-tem perature tolerant, 
oxidation resistant materials ones such as the Haynes 230 (Ni-Cr-W-Mo) employed by Coxhill 
[2, 2002] on a series of hydrogen peroxide ground test engines. Historically, rhenium, 
molybdenum, and graphite have been used; for this activity, the author selected an ammonia- 
and hydrogen-resistant intermetallic composite o f titanium diboride (TiBg) and boron nitride 
(BN) as the prim ary structure and thermal storage material of the Mk. I and Mk. II solar 
receivers.
• This material proved to be both inexpensive to procure and easily machined with 
commonly available workshop tools; the material cost to assemble a Mk. I receiver was 
less than £9,,500. Rhenium or single-crystal molybdenum structures o f similar 
dimensions m ight cost upwards of £30,000  to fabricate.
• M aterial coupon tests, performed in vacuum, demonstrated conclusively that TiBa/BN 
elements exposed to temperatures as high as 2,000 °C (2,273 K) for one hour suffered 
essentially zero mass loss, deformation, or cracking. An alternative material, 
ZrOa/BN/SiC, exhibited substantial mass loss and deformation over this same duration.
• Mechanical bonding tests, using low thermal expansion molybdenum bolts and graphite 
gaskets to hold together TiBa/BN flanged sections, demonstrated negligible leakage at 
ambient pressures and temperatures. This performance was seen to be superior to  both 
ceramic adhesives and refractory metal braze systems. The mechanical bonding and 
sealing technique had the added advantages of (l)  low cost, and (2) the potential for non­
destructive disassembly following test.
• Repeated exposures to high temperatures (up to 2,000 K) and vacuum resulted in minor 
boric oxide binder migration and precipitation on TiBa/BN surfaces, but no mass loss or 
damage. Some evidence of titanium nitride (TiN) formation around the receiver 
aperture exists; this was borne out by mass spectrometry tests conducted by the 
University of Surrey’s Departm ent o f Chemistry.
• Repeated exposure to hot ammonia, at temperatures o f up to 1,700 K, resulted in no 
damage to the Mk. I or Mk. II receivers. Some cracking around the cavity aperture was 
evident in both cases, but neither resulted in failure. Blistering of the cylindrical section 
of the receiver appears to have been the result o f boric oxide precipitation (contaminated 
with titanium).
• T he Mk. I receiver’s top flange failed at 1,200 K, immediately following the opening of 
an ammonia supply valve. This catastrophic failure appears to have resulted from stress 
concentrations at the bolted flanges; the molybdenum bolts were designed to be
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anchored directly to the flange material, rather than matching nuts, which might have 
diverted the loading during high-temperature test and prevented the failure. The 
smaller Mk. II receiver, designed without an outsize top flange, survived repeated tests. 
Future ceramic receiver designs will exclude large-diameter flanges.
• Characteristic velocity (c*) measurements taken during full-flow testing closely matched 
predictions, with a maximum figure (in ammonia) o f 1,909 m /s at a peak external cavity 
tem perature of 1,706 C* efficiency figures ranged as high as 0.992; in some cases, 
the measured c* efficiency exceeded unity, but this appears to be due to uncertainties 
involving the effects o f ammonia dissociation and the precise molecular weight o f exiting 
propellant gases. W ithout intrusive mass spectrometry of decomposition products, 
made untenable by the need to minimise heat losses from the solar therm al receiver, 
ideal c* can only be estimated. The author has calculated that ammonia dissociation 
rises from essentially zero to 100% between 1,600 and 1,825 K.
• C* efficiency decayed substantially over the course of engine firings, in some cases 
declining by 40%. Since temperature measurement is conducted at the external surface 
of the receiver, it is likely that a significant AT between the surface and the channel (or 
bed) arises over the duration of the firing. This contributes to the disparity between 
predicted and measured c*. As above, only intrusive temperature measurement devices 
could provide more precise knowledge of interior bed and channel temperatures, at the 
cost o f introducing additional heat loss paths into the receiver design, and lowering 
achievable peak temperature.
• T h rust stand measurements enabled the author to calculate engine specific impulse, 
which fell short of the values predicted by the M STISM  code. This occurred because of 
an observed decay in thrust coefficient (Cp) at high temperatures, which appears to have 
resulted from leakage in the gasketed flanges. Upon returning to ambient conditions, 
the leaks reseal and th rust coefficients return  to their predicted values. Maximum 
measured specific impulse utilising ammonia propellant was 237 s, at a C f  of ju s t 1.44 
(82% of ideal).
Two types of concentrating m irror were selected for fabrication and test, corresponding to 
the two concentration schemes under investigation for small satellite application. The first 
scheme, a direct-incidence heating approach with a single large (56-cm diameter, 15 kg) 
paraboloidal primary mirror, required a blackbody solar receiver to be mounted with its 
aperture at the focal point.
This corresponds to an ideal specific impulse in vacuum of 341 s (Cp = 1.75).
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• Form  error measurements (via probe testing and interferogram) indicated that 
the large m irror had been manufactured at near optical quality. Flux 
concentration was measured, on-sun, at greater than 10,000:1. Ground testing 
with a solar tracking mount permitted the author to measure power 
throughputs. For flux levels of over 700 W/m% measurements o f greater than 
140 W  were obtained. T he diamond-turned m irror surface, bare (uncoated) 
aluminium, exhibited a reflectance in excess o f 0.9.
• This m irror’s areal density (60.9 kg/m^) was too high for use as a space 
demonstration concentrator, and its dimensions would require it to cover all o f a 
standard microsatellite space-facing facet.
W hile investigating alternatives to the standard single mirror, the author became aware o f 
historical proposals that suggested the use of optical fibre for the transmission of high-flux 
sunlight. The author confirmed that the output of multiple concentrating m irrors was capable 
of being efficiently ganged and relayed to a (remote) solar receiver, perm itting a decoupling of 
m irror and receiver (allowing the microsatellite designer to place the receiver anywhere on the 
host spacecraft) and, due to the strongly non-linear relationship between space m irror mass and 
diameter, replacing single large m irrors with arrays of smaller ones, saving significant mass.
• A number of 14-centimetre diameter, aluminium-coated plastic (polymethyl 
methacrylate) mirrors, designed by the author and fabricated by a local optical vendor, 
were tested to determine their effective concentration ratio and power throughput. 
These m irrors exhibited visible scratches and warpage, and were of sufficiently poor 
surface form that probe testing of the m irror surface was unable to determine the error 
(> 40 pm RMS). They were tested with SSTL’s collimated solar simulator and achieved 
concentration ratios of several hundred. Despite this poor initial showing, on-sun 
testing indicated performance at least a factor o f nearly a factor o f ten better than this 
{Cg ~  4,900).
• Three bare aluminium metal mirrors, identical in plan to the PMMA ones described 
above, were fabricated and tested. Form  errors were found to be less than 600 nm. 
Focal spot size was observed at approximately 1 mm; concentration ratio should 
approach the theoretical limit for the m irror’s form (13,500).
• Both the small plastic and aluminium m irrors were produced at superior areal densities. 
The plastic mirrors (130 g, 8.45 kg/m^) outperformed the metal m irrors (300 g, 19.5 
kg/m^) by a wide margin.
• On-axis laser testing with a 980-nm low-power laser dem onstrated power throughputs 
of up to 75% through low-attenuation, high numerical aperture (0.66) optical fibres. In a
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simulated solar heating test at the Surrey Space Centre, this same fibre was found to 
transm it nearly 60% of incident sunlight from the focal spot o f a 14-cm paraboloidal 
concentrator to a small graphite sample.
• The author performed a number of direct power measurements with an integrating 
sphere and silicon photodiode, indicating single fibre transmission efficiencies o f 20-37%, 
w ith lower ganged fibre efficiencies resulting from the use of low-NA (0.33) optical fibre. 
Power throughputs of over 2 W  were obtained from multiple fibres. T he measured 
efficiencies compare favourably with results from the literature, suggesting that 
unpolished, imprecisely aligned fibres transm it as little as 30% o f incident sunlight.
• On-sun graphite element heating tests exhibited relatively low transmission efficiencies 
(< 20%), while a final direct-incidence heating test (no fibre) with a graphite element and 
14-centimetre m irror produced heating rates of over 9 W  and an end-to-end efficiency of 
nearly 90%. This difference in efficiency clearly demonstrates the need to investigate 
simple, low-cost methods for improving throughput; w ithout such methods, the ganged- 
m irror concept cannot be competitive.
7.3 Recommendations for Further Research
The comprehensive nature of the present research effort required the author to pursue multiple 
avenues of investigation that could benefit strongly from additional examination. These include:
• Additional high-temperature brazing trials with molybdenum-ruthenium. W hile the 
present effort was unable to produce a hermetic seal, the Mo-Ru braze filler metal wet 
the TiBa/BN ceramic coupons and provided a strong bond. Experimentation with 
heating rates, peak temperatures, hold durations, vacuum quality, and variable braze 
mixtures (smaller particle sizes) might perm it the development o f an optimal, strong 
seal. This could be used to replace the mechanical connections between the receiver 
feedline and receiver body, as well as the graphite gaskets between receiver flanges.
• A detailed investigation into the hermeticity of bolted ceramic composite flanges at 
elevated temperatures. This could include alternative bolt materials (e.g., tungsten) 
with lower coefficients of thermal expansion than molybdenum. Since high-tem perature 
hermeticity is absolutely essential in determining peak specific impulse capability, this 
would represent a highly useful follow-on activity.
• Examination of canned receiver structures composed primarily of ceramic or ceramic 
composite but having an outer (thin) refractory metal pressure vessel. This could be 
composed of any ductile refractory, including rhenium, molybdenum, or tantalum, or an
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alloy o f these metals. This would perm it an all-welded assembly, without the need for 
(potentially experimental) ceramic-to-metal or ceramic-to-ceramic joining.
• Procurement and test of large-core (1-2 mm diameter), high-NA fibre for ganged m irror 
testing. Since power throughput is absolutely critical to the performance of fibre- 
coupled solar thermal engines, it is more im portant to accept all incident flux than it is
^to accept only the high-concentration flux at the focal spot’s centre. M ultiple fibre tips 
can be placed at the focal spot, but there will be substantial loss between the fibres 
unless they are sculpted and joined. Large-core fibres with numerical apertures matched 
to that o f typical concentrating m irrors are not commercially available, and m ust be 
specially ordered.
• Low-mass, low-footprint fine-pointing arrays to permit small solar thermal engine 
placement on satellite platforms which either (l) are incapable of meeting the engine’s 
strict solar tracking requirement, or (2) is operationally constrained from long-duration 
solar tracking. This might include closed-loop steering with heat flux sensors or 
photodiodes.
The use of secondary concentration systems to simplify mechanical design of solar therm al 
engine dem onstrators. Hyperboloidal secondaries and Cassegrain optical arrangements, after 
Gordon [2003], permit optical fibres to be placed at the concentrator apex (rather than 
suspended above the m irror surface), although they can contribute to decreased end-to-end 
power throughput. Furtherm ore, a small secondary concentrator can increase pointing 
tolerance, relaxing requirements on the spacecraft or m irror fine pointing assembly.
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Appendix A: Astrodynamics
The mission analysis in Chapter 3 relies on calculations involving basic astrodynamical 
principles. There are excellent texts that treat this subject in detail. The most notable (and 
rigorous) is Richard Battin’s An Introduction to the Mathematics and Methods o f Astrodynamics, 
published as part of the American Institute of Aeronautics and Astronautics’ Education Series. 
Perhaps slightly more approachable is Fundamentals o f Astrodynamics (Bate, Mueller, and White), 
which includes numerous examples and case studies.
Orhikil plane
r Reference plane
Figure A -l Coordinate system geometry [Battin, 1 9 8 7 ]
The author assumes the reader is familiar with the two-body problem and the vector differential 
equations of relative motion. The usual Keplerian orbital elements— six integration constants of 
a two-body orbit— are displayed in Figures A-l and A-a. The reference axis i, points towards 
the vernal equinox (the “first point” of Aries the Ram, signified by the symbol ^ ) .  Due to long- 
period precession of the earth’s axis, this direction is not constant; however, i, can be uniquely 
specified by a time, or epoch, for which the direction is known. These include the .1‘iOOO epoch, 
based on the direction of i, on 1 January 2000 at 12:00:00.00 Universal Time.-”” The STK 
Astrogator simulations performed by the author make use of the J2000 epoch for establishing a 
reference coordinate system.
ms is equ ivalen t to  the Ju lian  D ate  (.ID) 2 1-51545.0.
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The intersection of the reference plane— in this case, the earth’s ecliptic or plane of revolution 
about the sun— and the orbital plane is the apsidal line or line of nodes (/»). The angle between L 
and h is referred to as either the longitude o f the ascending node (LAN) or the right ascension o f the 
ascending node (RAAN).“  ^ In either case, this angle is designated by the symbol Q. The angle 
between the reference plane and the orbital plane is the inclination angle (i). For inclination 
angles of 0 degrees (e.g. heliocentric orbits that lie within the ecliptic), there is no defined angle 
Q. The argument o f periapse, co, is an angle within the orbital plane and is measured from to the 
eccentricity vector, which will be discussed presently. These three angles (Q,/, and co) are 
referred to as Euler angles, uniquely defining the orbit’s spatial orientation.
a  ( I  - e )  =  r
Figure A-2 Orbital elements.
The remaining three Keplerian elements are the orbit’s semi-major axis, a, its eccentricity, e, and 
the true anomaly, f. The semi-major axis and eccentricity describe the orbital shape—  
hyperbolic, parabolic, or elliptic— while the true anomaly provides information about a body’s 
position in the orbit. Periapse and apoapse radii fp  and r„, respectively) for elliptical orbits can 
be determined from the relations shown in Fig. A.2, if a and e are known.
Often, orbital elements databases for celestial objects (e.g., near-earth objects such as asteroids) 
do not provide f. Instead, observers indicate the object’s mean anomaly, M, which is derived 
from its mean motion, n. Another angle, the eccentric anomaly, E, is intermediate in the
2(1!) por purposes of tliis discussion, we are assuming that a body in the orbit of interest is moving 
counterclockwise (i.e., is in a prograde orbit) in Figures A-l and A-‘i. Therefore, /„ points toward the 
ascending node, where a body would cross from north to south as it passes through the node. Objects 
moving in a clockwise direction would be termed retrograde.
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calculation of the true anomaly from the mean a n o m a ly .^ T h e  following relations^" can be 
solved iteratively to provide f  [Burnett, 1998]:
M  -  E  — e sin E
tanl — I =
\ + e  f  E
 tan  —
2 7 \  1 - e  V 2
T h e  Jet P ropulsion Laboratory’s D A ST C O M  d a ta b a se ^ is  a searchable, on line repository o f  up- 
to-date orbital elem ents for a num ber o f  objects [JP L  (2), 2 0 0 1[|. T o  conduct an analysis o f  
potential N ear Earth Object flybys on ST K  A strogator, it was necessary to verify D A ST C O M  
elem en ts for several P oten tia lly  H azardous A steroids (PH A s). T h is w as done by com paring  
ex is tin g  c lose  approach data (which provides the tim e o f  approach to w ithin  approxim ately 15 
minutes)-''* to sim ulations created by the author on ST K  A strogator. T h e  ST K  and close  
approach data agreed w ithin the lim its o f  accuracy im posed by the tim e o f  approach inform ation. 
Specific D A ST C O M  elem ents for 4179  T ou ta tis and 2000  U K l 1 follow:
Mean Anomaly (M), deg.
Argument of Perigee (a), deg. 
Longitude of the Asc. Node (Q), deg. 
Inclination (i), deg.
Eccentricity (e)
Semi-Major Axis (a), AU '^^
4179 Toutatis
8 6 . 2 8 1 2 0 0 9
2 7 4 . 7 7 9 4 7 5 8
1 2 8 . 2 4 9 1 0 2 5
0 . 4 6 9 5 8 3 2
0 . 6 3 4 2 2 7 4 3 7
2 . 5 1 0 0 5 3 6 7 5
2000 U K ll
7 0 . 3 9 6 8 0 5 4
2 9 2 . 5 6 0 2 8 1 5
2 3 8 . 1 0 0 8 3 5 1
0 . 7 7 6 1 7 7 2
0 . 2 4 8 1 4 2 8 9 3
0 . 8 8 4 6 7 5 5 3 1
Table A. 1. Orbital Element Data for two Near Earth Objects (NEOs)
These data are valid for the epoch 2 4 5 2 0 0 0 .5  (l April 2001). They are updated regularly, as 
additional observations are made. Sufficient significant digits are available to obtain sub­
kilometre position accuracy.
STK Astrogator
The author made extensive use of STK A strogator (an “add-on” module for Satellite Tool Kit 
4.2) to simulate the mission scenarios discussed in Section 2, Detailed Mission Analysis. 
Astrogator permits the user to define engine and thruster models, impulsive or finite duration 
burns, and to specify the direction of the firing in a coordinate system of his choice.
“T h e  relation  betw een the  m ean anom aly  and the eccen tric  a n o m a ly ...is  called K epler’s E q u a tio n .” 
[B a ttin , Ï9 8 7 ]
T h ese  equations, and th e ir  derivations, can also be found in [B a ttin , 1.987].
Database of ASTeroids and COMets.
Available on the Harvard-Smithsonian Center for Astrophysics web page [CfA, 2001].
One Astronomical Unit (AU) = 149,.597,871 kilometres.
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A strogator  perm its the user to  se lect any o f  a num ber o f  “force m odels,” to  include geocentric, 
heliocentric, and selenocentric versions, and to  sw ap m odels “on the fly” w hen  one becom es 
m ore applicable than another. T h e  author used the “Earth F u ll” m odel for m ost near-Earth  
analysis, w hich includes first- and second-order oblateness effects, as w ell as the m oon, Sun, and 
all m ajor planetary bodies. F or N ear-E scape m issions, the author selected  the default 
heliocentric m odel fo llo w in g  the final escape m aneuver. F or m issions term inating at, or 
in teracting  sign ificantly  w ith , the m oon, ST K ’s default selenocentric force m odel, w ith  zonal J2 
effects^is (lunar oblateness) w as used during approach a n d /o r  lunar orbit.
T h e  softw are also perm its the se lection  o f  specific num erical integrators. In all cases, the default 
in tegrator (an 8‘*’-order R unge-K utta-V erner algorithm  w ith  9 ‘*’-order error control) w as 
used.^'®
A N ote on Third-Body Perturbations
T h e  ideal low -th ru st escape trajectory consists o f  ellipses o f  increasing eccentricity; all 
m anoeuvres are perform ed near perigee in an attem pt to  m inim ize fin ite burn losses. A s e 
increases and the orbital apogee exten ds beyond 200 ,000  km, lunar perturbations begin  to  
becom e significant enough  to  cause m ission  failure. Initial attem pts to  produce escape  
trajectories w ith  ST K  A strogator resulted in eccentric re-en try  at earth or lunar grav ity  
“assists” w hich, desp ite their nam e, often provided little  in the w ay o f  astrodynam ic assistance. 
Fundam entally, these  perturbations can be understood, and their approxim ate m agnitude  
estim ated, from  G auss’ variational equations for i, a, and e:
di rcos9
da lesinf 2a^ll -e^
——   ■ H 1  f
dt n y j l - e ^
de
~dt na
 ^ sin f F  +
na^ e
\
- r
/
H ere, Fr, F>, and represent the orthogonal com ponents o f  a disturb ing acceleration in a 
m odified “perifocal” coordinate system  [B ate, 1 9 7 1], w here Zr is the instantaneous radius vector.
Earth asphericity results in perturbing accelerations due to equator bulging, pole flattening, and other 
asymmetries. The J terms (J2, Js, etc.) are empirically-determined zonal coefficients of a potential 
function describing the Earth’s gravitational field. J2 is the most significant of these, resulting from 
Earth’s oblateness. The value of J2 is on the order of 1000 times greater than JS (“pear-shaped” earth) and 
J4.
•jHi STK Astrogator’s Manual declares their heliocentric 8*'’-0rder RKV with 9'’'-0rder error control to 
have “tolerances suitable for interplanetary missions.”
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i / i s  rotated 90  degrees from  f  in the direction o f  increasing true a n o m a ly ,/  T h e  third axis, 
is orthogonal to  the orbital plane (zV x  ij). 0 is the orb iting object’s argument o f  latitude (co +  / ) ,  
the angle  betw een the object’s ascending node and the instantaneous radius vector.
From  these relations, it can be seen that inclination changes w ill result o n ly  from  out-of-p lane  
disturbances, and that increasingly  eccentric orbits {e approaching l)  cause th is term  to  grow  
dram atically. T h e  fo llow in g  geocentric orbits w ere examined;
Mean Anomaly (M), deg. 0 .00000 0.00000 0.00000
Argument of Perigee (co), deg. 180.000 180.000 180.000
Longitude of the Asc. Node (Q), deg. 0 .00000 0.00000 0.00000
Inclination (i), deg. 7.00000 7.00000 7.00000
Eccentricity (e) .724392 0.94082 0.95403
Semi-Major Axis (a), km 24411.5 121793 156793
Period (hrs.) __ 10.5 117.5 171.7
Table A.2 Three high-e orbits.
T h e effect o f  the m oon’s gravitation  on inclination is roughly  12 tim es greater in HEO I than  
the standard GTO (F igure A-3). A t the h igher HEO 2, the lunar influence gro w s by an 
additional factor o f  1.5.^'" HEO 2’s lo n g  period— roughly  seven days— is alm ost 50% greater  
than HEO I’s and allow s for a much greater tim e to  be spent near apogee, m agn ify ing  the effect 
per orbit. STK A strogator sim ulations dem onstrate that HEO 1 is a relatively  stab le phasing  
orbit; HEO 2, w ith an apogee o f  306 ,000  km, is m uch m ore susceptib le to orbital e lem ent change  
as a result o f  lunar perturbations.
Moon
Spacecra ft a t 
Apogee (i = f  deg.J
Earth
Figure A.3 Modified perifocal coordinate system. The moon’s orbit is inclined from the Earth’s 
rotational axis by 18-28 degrees. For a spacecraft at roughly 7 degrees inclination, the moon will 
never he inclined at an angle greater than 35 degrees.
These calculations assume the moon is at roughly minimum separation from the spacecraft at the 
spacecraft’s apogee, (i.e., directly behind it), with z er o /a x is  separation {M= f  = 180 degrees).
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Moan limdifTg nodt)
Spactcrofl ai,Earth
Figure A-4 Potentially catastrophic lunar perturbations to a highly eccentric earth-orbiting 
spacecraft can occur near the moon’s points of intersection of the f-axis (modified perifocal 
coordinates). If  this intersection occurs near apogee, spacecraft-moon separation is likely to be 
small and significant semi-major axis (a) changes can occur.
Similar results occur for semi-major axis and eccentricity effects. The most significant 
perturbation to the semi major axis a occurs when the instantaneous /-axis is pointed at or near 
the moon. If the spacecraft is near apogee, and the moon is leading or lagging the spacecraft as 
shown (Figure A -4 ), significant semi-major axis impacts can occur. At an apogee distance of
2 3 6 ,0 0 0  km, da/dt exceeds + 1 .2 5  m /s ( ± 1 0 8  km/day). At the “lagging node,"^'* the moon 
causes a to decrease by this amount— while eccentricity rises slightly. If perigee is sufficiently 
low (e.g., 3 5 0  km), this can result in an eccentric re-entry. These estimates agree with the 
results of the author’s STK Astrogator simulations.
T h e  m oon is show n a t the  “lead ing  node” in F'ig. A .4, w here  it s its  a s trid e  th e  /-ax is. F o r  a spacecraft at 
an apogee o f  236,000 km, th e  m oon is over 300,000 km d istan t. T h is  is far la rg e r  th an  th e  lu n ar SO I, 
w hich is app ro x im ate ly  66,000 km. [B ate, 1.971[) N evertheless, lu n ar effects appear lo n g  before a 
spacecraft en te rs  its SOI.
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Appendix B: Development o f a System  
Requirements Document
M ission Summary
The author investigated three high delta-V missions, including: (l) GTO-to-GEO, assuming 
launch aboard both Ariane (/ = 7°) and Atlas (/ = 18°) into a 350 x 35,717 km orbit; (2) GTO-to- 
Near Escape, which places the host satellite in a heliocentric near-Earth orbit, suitable for 
missions to many Near Earth Objects (NEOs); and (3) Other Body Capture, or, more specifically 
GTO-to-Lunar Orbit, with final placement in a 1,000 km x 13,000 km polar lunar orbit. All of 
these missions were baselined for a 100-kilogram (wet mass) microsatellite, and all demand 
between 1,600 and 2,400 m/s of velocity change from an initial GTO. Placement of a standard 
100-kilogram microsatellite into a high altitude phasing orbit was also addressed; this mission is 
intended to overcome the difficulties of achieving flybys of selected NEO targets when the initial 
orbit is unfavourable for escape. This mission, a type of Near Escape, requires a relatively large 
velocity change—approximately 3,000 m/s.
A final mission is addressed here. The host vehicle would be substantially smaller than the 100- 
kilogram platform discussed above—with a probable initial (wet mass) target of 20 kilograms 
and a final (dry mass) of no less than 10 kilograms. This satellite, intended either for 
experimental verification of the solar thermal propulsion system or as a modular transfer stage 
for LEO payloads, would be deposited in a 352 km LEO by one of several launch systems, and 
then perform a series of orbit raising manoeuvres to achieve a final circular orbit at 704 km. 
This mirrors stated requirements for a Shuttle Small Payload (SPL) Propulsion Module 
[Hampsten, 2001].
System Performance^'»
Threshold requirements—considered as lower bounds—and objective requirements, or goals, are 
presented wherever possible. The underpinning rationale and derivation of requirements are 
provided.
System Volume .09 m® threshold /  .045 m  ^objective'^^»
Many of these requirements are also—perhaps unsurprisingly—criteria used by Sellers [1996] in his 
Nine-Dimensional Cost Paradigm for selecting a satellite propulsion system.
‘2'M 100-kg. microsatellite requirement. Small microsatellite (20-kg) value not stated.
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The solar thermal propulsion system’s available volume is highly constrained by spacecraft and 
launch vehicle limitations. For purposes of baselining the system, a representative 100-kg class 
Surrey enhanced microsatellite was assumed. The Surrey microsatellite is configured to fit 
within the specified volume constraints imposed by Ariane 5’s Ariane Structure for Auxiliary 
Payloads (ASAP)— a rectangular space of 60 cm (width) x 60 cm (length) x 71 cm (height) for 
each of up to 8 satellites. The spacecraft’s allowable footprint on the ASAP is limited to 60 cm x 
60 cm; the height of the spacecraft, nominally 71 cm, can exceed this threshold if it can be shown 
that a taller microsatellite will not interfere structurally with the primary payload. The volume 
of this static envelope is .2556 m"*. Fig. B.l illustrates the placement scheme for microsatellites 
on ASAP.
Fig. B.l. SSTL’s K ITSAT-2, P oS A T -l, and H ealthSAT-2 arrayed on the Ariane Structure for 
Auxiliary Payloads (Ariane 4 ASAP), at left. T he primary payload, the French SPO T-3 im aging  
satellite, is not shown. SPO T would m ount to the central adapter cone (inside the w hite circle). A 
successful launch was conducted in 1993 [SSTL, 2 002]. Several exam ples o f  sm all sa tellite  static
envelopes, at right [Hampsten, 2001].
Ariane 5’s ASAP is a limiting case; all other launch systems under investigation provide larger 
spacecraft volumes. Figure B.l (right) shows the relative sizes of the ASAP static envelope and 
three other potential providers’ systems— the Evolved Expendable Launch Vehicle (EELV) 
Secondary Payload Adapter (ESPA),-^' the Shuttle’s Bridge Launch System (BLS) and the 
Shuttle Hitchhiker Experiment Launch System (SHELS). Figure B.2 illustrates the size of 
larger envelopes— Pegasus XL and Athena, for comparison. Table B.l provides static envelope 
volumes for a number of launch vehicles.^^-
Jason [2000] notes that a Surrey minisatellite— similar to UoSAT-12--'*— may nominally 
budget 180 litres (.18 m'*) of space for propulsion. The vast majority of this is propellant
ESPA will be available no earlier than US Government fiscal year 2003. [Haskett, 1999] 
--- These include, when applicable, the conical space near the top of the payload fairing.
400 kg., e x te r io r  dim ensions: I .l  x I.l x .885 m.
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tankage. Assuming linear scaling, an enhanced microsatellite (100 kg) will have roughly 45 
litres available for propulsion.
Y
(38.8)
I O2057 
j (O81.0)
I 2294
D ynam ic
EnvelopeLi Dynamic 1:'
j Enve lope  |:
' /  M ^e l 66 \
Model 92
Model 66
Model 120
Dimensions In mm (in.)
Figure B.2. Static envelope comparison: Ariane 5 ASAP inside Pegasus XL (110 cm diam eter  
payload volum e, 188 cm height), left. Athena launch vehicle dynamic envelopes (206- and 274-cm  
diam eter payload volum es) [SpaceandTech.com , 2001].
For a nominal, 71-cm microsatellite, the potentially useful zone (shown in Figure B.S in yellow) 
constitutes approximately 180 litres '^- '^. However, as can be seen at left, this space is used by 
other satellite subsystems, to include payloads (cameras), attitude control (reaction wheels and 
star trackers), and power (batteries). The BilSat system has many of the elements necessary for 
conducting one of the three primary missions discussed in Chapter 3. Therefore, it is almost 
certain that something less than 180 litres will be available for the missions under consideration.
D im ensions (cm Pavload volum e (m®
60 (w) X 60 ( l ) x 7 1  (h)
61 X  61 X  96 
66 X  107 X  168 
86 X  107 X  144 
111.8 (radius) x  188 (cone height) 
116.8 (radius) x  223.5 (cone height) 
205.7 (radius) x 429.6 (cone height) 
270.0 (radius) x  461 (cone height)
.2556
.3572
1.1864
1.3251
I.5306  
<  2 .4 '
II.41  
16.91
Ariane 5 ASAP 
ESPA  
SHELS 
BLS
Pegasus XL  
Minotaur'’
Athena M odel 92*’
Dnepr”
' Precise dim ensions unavailable 
Dynam ic values 
” Unknown i f  dynamic or static  value
Table B .l. Static envelopes o f  various small launch vehicles
The 45-liter figure will be addressed as an objective. This value does not take into account the 
unique volumetric issues raised by a solar thermal propulsion system’s concentrating mirror and
Incidentally, this figure, whicii represents ail available space on a microsatellite, is identical to the 
propellant budget for the significantly larger minisatellite.
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high-temperature receiver. A threshold figure of 90 litres— double the goal value— is intended 
to account for the additional volume necessary to accommodate these items.
For the smaller (20-kg) satellite, a volume requirement will not be imposed. The author 
assumes that the small microsatellite mission is experimental in nature, and that its primary 
purposes may very well be to validate the propulsion system under investigation. Therefore, 
this smaller system will respond to the required volumetries of the STP engine.
M i c r o s a t  s t a c k  “k c c p o u t ” r e g i o n
32.4
P o t e n t i a l  u n u s e d  v o l u m e
Figure B.3. BlLTENSat butane propulsion system on lower shelf o f enhanced microsatellite (solar 
arrays removed from view). Lower shelf structure is shown at right [Cowie, 2001].
System Dry Mass 15 kg threshold /  10 kg objective (microsat-class)
10 kg threshold /  7 kg objective (small microsat-class)
This requirement is highly coupled with the determination of a target engine specific impulse. 
As specific impulse rises, the solar thermal engine becomes increasingly favourable vis-à-vis 
competitive systems (e.g., monopropellant hydrazine or bipropellant monomethylhydrazine 
[iMMH/NoO.Ô).
W hy select these systems for comparison? Monopropellant N^Hi, and bipropellant M M H/N^O, 
certainly appear to be appropriate competitors from a cost and heritage standpoint— higher 
performance is typically only available through the use of cryogenic fuels or oxidizers (e.g., 
liquid oxygen and kerosene, liquid oxygen and liquid hydrogen), infeasible for small satellite 
missions. Electric propulsion (EP), while in principle feasible for orbit transfer and providing 
very high specific impulses, must contend with the severe power limitations of a small satellite— 
typically dictated by dedicated space for solar arrays.--^ Body-mounted silicon arrays achieve on 
the order of 134 W /m -. [W ertz, 1992]. SSTL panels typically use gallium arsenide/germ anium  
(GaAs/Ge) cells at 20% efficiency and 225 W /m^ [M osher, 2004]. A single SSTL microsatellite
As tliese system s use spiral o rb it tran sfe r s tra teg ies , they  are  “alw ays on ,” and can n o t rely  on sto red  
en erg y  (in th e  form  o f  b atteries) to  provide high pow er fo r sh o rt du ra tio n s. T h u s , the m ain c o n s tra in t on 
the  electric  p ropulsion  system  is likely to  be so lar inpu t pow er. T h is  tends to  re s tr ic t th e ir  use on sm all 
sa te llites to  o rb it m ain tenance.
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face— 60 x 71 cm— can thus provide a steady state power of 96 W. More expensive, but more 
radiation-tolerant indium phosphide or gallium arsenide arrays might conceivably double this 
performance. Higher power levels will require stowed, deployable arrays of increased 
complexity and /o r greater conversion efficiency. Such systems have been proposed,"-^^® but they 
are likely to be substantially more expensive to build and test than the simple, body-mounted 
silicon system discussed above. These factors tend to drive EP systems to very low thrust— in 
the tens o f milliNewtons— and correspondingly lengthy transfer t i m e s . T h i s  will be 
addressed in detail.
1
0.9
STP’-augmented N2 
' (I.sp -  too s.)0.8
0.7
0.6
0.5
0.4
moncpropellant M2H4 
(Isp = <250 s ]0.3
0.2
0.1
0
500 15001000 25000 2000 3 0 0 0
cumulative delta-V (m/s)
Figure B.4. Mass fractions for monopropellant hydrazine and STP-augmented hydrazine. A 100- 
kg microsatellite can perform a velocity change of 1 ,500  m /s by consuming 4 9  kg of hydrazine (Igp 
=  2 3 0  s) or 31 kg of hydrazine with STP augmentation {fp = 4 0 0  s).
Results o f System-to-System Comparisons
A 100-kg microsatellite is assumed as the baseline host. For velocity changes on the order of 
1,250 m /s— somewhat less than the mission requirements discussed in Chapters 2 and 3— a
O in e tiQ ’s proposal for S IM O N E , a 120-l\g in icrosatellite , w ould use a 25 niN , 6 70-W  xenon  ion en g in e  
to  rendezvous w ith  a near ea rth  object in 26 m onths. A 1-1.5 kVV deployable, flexible, h igh-efficiency (25- 
35%) array  is assum ed. [W ells , 2 0 0 1 ]
E SA ’s SM A R T-1 m ission, w hich requ ires 15-17 m on th s to  achieve lu n ar o rb it, uses Snecm a’s P P S - 
13 50 H all effect th ru ste r . T h e  PPS-13,50 consum es 1350 W  and produces 80 inN  o f th ru st. [E S I  
D irec to ry , 2001]
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hydrazine-based solar thermal system'^ '-** breaks even with its conventional monopropellant 
partner for an augmentation mass of 15 kg (Figure This breakeven occurs at 10 kg for
750 m /s. For higher velocity changes, less efficient (heavier) solar thermal engines become 
increasingly competitive. This trade-off is straightforward inasmuch as the engine cycle is an 
“add-on”— the STP augmented hydrazine system uses all of the hardware of the conventional 
monopropellant hydrazine system, but includes additional hardware (concentrator array, 
receiver structure) which must be offset by its increased engine performance to be effective. 
Figure B.5 illustrates the allowable margin provided by STP-augmented hydrazine.
p
o
2 10
I impulse -  400 s. 
ant N 2 H 4  = 230 s.nopropell;
500 1500 25000 1000 2000 3000
cumulative delta-V (m/s)
Figure B.5. Permissible STP augmentation mass for breakeven with a monopropellant hydrazine
thruster, for a 100-kg “wet” satellite.
A similar trade can be performed against bipropellant hydrazine/NoOi, or MMH/NaOj..-'*” In 
this instance, however, the STP system is not simply “additional mass.” The bipropellant system 
will require somewhat more tankage mass than the comparable monopropellant STP system.-'*' 
This is partially offset by M M H /N ^O /s higher bulk density.
T h e  so la r therm al system  adds heat to  th e  decom posed m o n opropellan t h ydrazine  flow. 
M ono p ro p e llan t hydrazine specific im pulse is ap p rox im ate ly  230 s. S T P  eng ine  heat add ition  w ould raise 
th e  Isp to  approx im ate ly  400 s (co rresp o n d in g  to an averag e  tem p era tu re  o f  2,000 K).
T h is  figu re  rep resen ts  th e  m ost m ass th a t th e  so la r th erm al system  can “add” to  th e  m on o p ro p e llan t 
hydraz in e  th ru s te r  (at a h igher specific Lp). A dditional w eigh t will m ake the  system  a w orse p e rfo rm er 
than  the  s ta nd -a lone  m o nopropellan t system .
A tlan tic  R esearch  C o rp o ra tio n ’s L ER O S iB  b ip ropellan t th ru s te r  p rovides 045 N o f  th ru s t  a t 318 s. It 
m asses 4.1 kg  (no t including tanks, valves, and lines). L ow er th ru s t eng ines (e.g., L ER O S 10 and L T T ) 
are lig h te r  bu t p rovide lesser perform ance, w ith specific im pulses o f  a round  270-200 s. [A R C , 2001 ]
T o  sim plify th is trade , the  a u th o r assum es identical s to rag e  p ressu re  req u irem en ts  for the  S T P  and 
b ip ropellan t system s, and the use o f  spherical a lum inium  tanks. N o add itional tan k — for p re ssu ra n t g as—  
is assum ed; initial sto rag e  p ressu re  is 600 psi (4.1 M Pa, o r  rough ly  1-0 atm ). A facto r o f  safety o f  1.3 is
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Figure B.6 illustrates an imposed constraint on solar thermal engine mass for velocity changes 
of up to 3,000 m /s. To break even with bipropellant hydrazine/N^O^, a solar thermal engine 
must weigh less than 10 kg for a cumulative mission delta-V of 1,250 m /s. This figure does not 
include tankage mass— which, at this delta-V, is likely to be 2-3 kg.
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Figure B.6. ST P  engine mass constraint for breakeven w ith ARC LEROS iB  N«H ./N»0. thruster. 
A 10-kg engine will outperform  the bipropeUant com bination for velocity  changes o f  > 1,250 m /s .
1
2 0.9 
i o . s
3 0.7
0 .4
UK T 5  Ion E ng ine 
__ P P S  1350 Ion E ng ine 
S T P  A ugm ented  N 2H 4
500 1000 1500 2000
cum ulative delta-V  (m /s)
2 5 0 0 3000
Figure B.7. ST P augm ented N=H. versus two state-of-the-art ion engines, Snecm a’s PPS 1350 ( f
1,600 s.) and the UK T 5 (7,  ^~  4 ,000 m /s).
used for all calculations. A 30% m arg in  for bosses a n d /o r  f ittin g s is added to th e  to ta l m em brane w eight. 
M M H /N .,0 |'s  bulk density  is 1 170 kg/m '* [B ro w n , 1996J.
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Both of the previously discussed trades indicate that the STP system mass (with tankage and 
lines) m ust fall below —15 kg to ensure the system is competitive with heritage mono- and 
bipropellant systems on 100-kg class microsatellites. This sets the threshold value. The 
objective value is selected as 10 kg— this would perm it a 400-s. STP engine to outperform 
monopropellant hydrazine even at very low velocity changes (as low as 750 m /s, roughly 
equivalent to the ideal earth escape requirement from GTO).
A final comparison— between the STP engine and a microsatellite-compatible electric propulsion 
system— is of interest, since EP systems represent the highest achievable performance (in terms 
of Lt) potentially available to the small satellite builder. F igure B.7 demonstrates the substantial 
advantage of high f —for a delta-V of 2,000 m /s, the PPS 1350 consumes only 30% of the 
propellant required by STP-augmented N 2H4 (or, alternatively, an ammonia-based STP
system ).232
This somewhat simplistic analysis neglects (l) penalties associated with using a spiral transfer 
strategy and circular starting  orbits, which is almost unavoidable for electric propulsion, (2) 
differences in the dry masses of the propulsion systems discussed, and (3) the significant 
coupling between electric propulsion and the satellite electrical power system that supports it, 
which— when ignored— tends to skew results in favour of higher-Lp EP systems. T he first issue 
is discussed in Footnote 15, and we will return to it later. The second issue can be left aside—  
the UK T5 ion engine, w ith electronics, tankage, fittings, and piping, is expected to mass 18 kg 
[W ells, 2001] .  This is already larger than the threshold mass figure established for the STP 
system. (3) will be explored further. The author assumes a baseline microsatellite power budget 
of 50 W  at a specific power of 25 W /k g  [W ertz, 1992]. This represents the least efficiency (and
The author has noted that the use o f electric propulsion normally dictates a spiral orbit transfer 
strategy, which proscribes the use of elliptical starting orbits such as the Geosynchronous Transfer Orbit. 
Firing over small portions o f the orbital arc will incur extremely large transfer time penalties, often on the 
order o f years. Battin [1987] has shown that, for constant tangential thrusting from a circular starting 
orbit.
Ot
1 -
where t^ sc -  U is time to escape, v„ and are the velocity and radius o f the initial orbit, and an is 
acceleration. Clearly, a delta-V figure can be computed from the product o f tesc -  to and an- For 
sufficiently small values o f an, a low-thrust propulsion system tends toward a delta-V o f v„. This 
compares with a single-impulse (or multiple near-impulsive) escape requirement from this same circular 
orbit o f -  l)v„, or approximately 0.414 v„. Others have made note o f this “spiral penalty” [Sandorff, 
I960]. In a 350 x 35,717 km GTO, a single-impulse or multiple near-impulse escape requires an even 
smaller velocity increment of 778 m /s— roughly 0.10 v„. More generally, escaping from an elliptical orbit 
will require [2''^- ( l +  eY\\ %, where e is the elliptical orbit’s eccentricity; the ratio o f  spiral to impulsive 
escape is therefore [2 ''^ '-(1+  e)'^ ‘~]-\ For GTO, e = .7244. Therefore, delta-V^ ,^>o/ (350 km circular to 
escape) = lO.l x  d e l t a - ( G T O - t o - e s c a p e ) .  This large difference in required delta-V is not 
accounted for in Fig. B.7.
267
References and Appendices
likely lowest cost) available to small satellite builders today. To generate sufficient steady-state 
power for the UK T5 ion engine, the array size must increase substantially— accommodating a 
power output of 1 kW  or greater. The additional 950 W  is produced by an advanced 
photovoltaic system (100 W /kg), which reduces available payload weight by 9.5 kg.
.100
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STP A ugm ented N 2H 4 
'U K  T 5  Ion E ngine 
PPS 1350 Ion E ng ine
500 1000 1500 2000
cumulative delta-V (m/s)
2500 3000
Figure B.8. STP augmented N=H. versus two state-of-the-art ion engines, Snecma’s PPS 1350 (Lp~
1,600 s.) and the UK T5 (Lp ~ 4,000 m/s). The additional power system mass required to support 
the electric propulsion systems has been subtracted from the burnout mass.
A similar trade can be performed for the PPS 1350, a 1,350 W  system Hall effect thruster that 
would require a solar power production capability of 2 kW. The additional power system would 
mass on the order of 20 kg. Figure B.8 shows the effect of excluding this power system penalty 
mass from the dry mass available to EP-assisted spacecraft at the end of the mission.
The results are now much less clear-cut. W ith its 20 kg of additional power system mass, the 
PPS 1350 is oversized for a 100-kg mission, and thus— at these low delta-V requirem ents— 
appears to be a relatively poor performer. On larger satellites (i.e., ESA’s SMART-1), or with 
significantly larger delta-V budgets, this mass penalty would be less of a concern. For small 
velocity changes (< 400 m /s), the STP engine actually outperforms the lightweight T5; if the 
STP engine can be built within its objective budget (10 kg), this regime would be extended to
1,000 m /s or beyond. Orbit transfer strategy considerations— which would favour the STP 
system— have been neglected for now.
This assessment has been made entirely on a mass basis, and ignores the value of (l)  arriving in 
mission orbit in as short a period of time as is possible (transfer time), and (2) the added cost of 
developing, fabricating, and testing a 100 W /k g  solar power system to support EP (system 
cost). These factors would, if weighted heavily, tend to favour the STP system. The small 
satellite regime tends to favour compact, low-cost solutions over high-performance systems,
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which tend to scale poorly at these sizes. This permits relatively low-performance propulsion 
systems (e.g., butane, NgO, H 2O2, hybrid liquid/solid) to  rate as highly competitive.
To be effective in the 100-kg and smaller satellite class, a solar thermal propulsion system must 
incorporate the advantages of low-performance chemical systems (high density-Z/., low 
fabrication costs) while preserving moderate specific impulses (greater than bipropellant 
hydrazine/N 204). Lack o f any requirem ent for additional power— over and above what is 
required by the spacecraft—perm its the STP engine to compete with (and potentially beat) 
proposed small satellite electric propulsion systems.^^s
Transfer Time 100 days th r e sh o ld  /  10 days o b je c tiv e  (G T O -to -G E O )
100/240 days th r e sh o ld  /  10/120 days o b je c tiv e  (L un ar C ap tu re)
100/390 days th r e sh o ld  /  10/195 days o b je c tiv e  (N ea r  E sca p e )
5.5 days th r e sh o ld  /  3 days o b je c tiv e  (O rb it R a is in g )
“ These values (e.g., 100 days/240 days) represent, respectively, required time to translunar injection and 
required time to final encounter.
** These values (e.g., 100 days/390 days) represent, respectively, required time to earth escape and required 
time to final encounter.
High thrust-to-weight ratio chemical propulsion systems can reach geosynchronous altitudes 
from LEO in roughly 5 hours.^^i' A microsatellite with onboard electric propulsion— for 
instance, the UK T5 ion engine— requires a substantially longer period o f time to achieve GEO, 
owing to its low thrust-to-weight (2.55 x lO '^ ). If  we assume a delta-V o f roughly 6,000 m /s  
[Schleinitz, 1987], a 100-kg microsatellite equipped with the T5 will require almost 260 days 
(over 8 months) to reach GEO.^^s Likewise, the author has elsewhere noted that ESA’s SM ART- 
1 spacecraft, scheduled for launch in late 2002, will require 15-17 months to achieve lunar orbit 
from GTO. SMART-1 uses Snecma’s PPS-1350 Hall thrusters.
A key advantage of solar thermal propulsion is its moderate thrust-to-weight capability. This 
permits faster transfer times than electric propulsion but at higher performance (i.e., fp) levels 
than chemical propulsion. Solar thermal engines take advantage of relatively high thrust-to- 
weight ratios (~10-^) to perform near-impulsive manoeuvres—permitting low propellant usage 
while achieving transfer times substantially smaller than electric propulsion.
For low delta-V requirements—up to approximately 3,000 m/s.
A single-burn Hohmann transfer from a circular, 350 km altitude LEO to a 350 x 35,717 km 
geosynchronous transfer orbit has a half-period of 5 hrs., 16 min.
Hill [1992] provides an impulsive delta-V figure for LEO-to-GEO transfer of 4,200 m/s. As thrust-to- 
weight tends to zero, a spiral transfer strategy’s delta-V requirement tends toward v/.m- vcm. For a 350 
km circular starting orbit, vleo- vgeo = 4,619 m/s, not all that much greater than the impulsive (two-burn) 
requirement. Schleinitz’ simulation of such a transfer resulted in a value of 11,916 m/s for LEO-GEO and 
return, and presumably includes losses associated with non-ideal firing. Half of this value (5,958 m/s) is 
required to raise the orbit from LEO to GEO. This velocity change can be achieved at a (constant) 
average acceleration of .00027 m/s- in 256 days.
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Detailed mission analysis (Section 2) demonstrates that a 500 mN STP engine can reach GEO 
from G TO  in 35 days. A slightly higher-thrust system (3 N) should achieve lunar orbit from 
G TO in 178 days (6 months). This is substantially faster than SM AR T-1.
Principal factors driving the selection of a threshold transfer time include loss of mission 
functionality or a decrease in mission lifetime as a result of “loitering” in transfer orbits. GTO, 
the initial orbit for each of the mission cases analysed in Section 2, is a relatively high-risk orbit. 
A low-thrust orbit transfer strategy— either via thrusting at the apses or via spiral transfers—  
exposes satellite systems to substantially more radiation (due to significant, repeated radiation 
doses imparted by the belts at 1.3 and 5 Re) than the standard high-thrust transfer. This dosage 
is likely to be the driving requirement for transfer time in the orbits of interest. A vehicle in 
GTO receives approximately 20 times the radiation dose of a satellite in an 850-km altitude 
polar orbit [Hansen, 2002]. Radiation-hardened (“rad-hard”) electronics typically tolerate up to 
10’ rads.'^G Commercial, off-the-shelf (COTS) components are highly variable in radiation 
tolerance—Table B.2 illustrates some of their features versus rad-hard elements.
Characteristics
Total Dose
Dose Rate Upset
Dose Rate Induced Latchup
Neutrons
Single Event Upset (SEU)
Single Event Latchup/Single 
Event Burnout (SEL/SEB)
COTS
10^  -  10' rads 
10" -  10" rads (Si)/sec. 
10’ -  10" rads (Si)/sec. 
10" -  10'" n/cm"
10 " -  10 ’ errors/bit-day
< 20 MeV-cmVmg (linear 
energy transfer)
Rad Hard
10" -  10" rads
> 10" rads (Si)/sec.
> 10'" rads (Si)/sec. 
10" -  10'" n/cm"
10 " -  10 ’ errors/b it- 
day
37-80 MeV-cm"/mg 
(linear energy transfer)
Table B.2. Radiation tolerance of commercially available and radiation-hardened electronics for
space applications [Hansen, 2002].
“Soft” electronics in GTO behind 4 mm of aluminium shielding will be exposed to yearly doses 
of approximately 100 krads, perhaps ten times their total dose limits [Daly, 1989]. The use of 
COTS elements in microsatellite systems would require limiting stationing in G TO  (on the 
order of hours)— impossible to meet with low-thrust orbit transfer systems. A combination of 
spot shielding and rad-hard components would permit longer on-station time in high-radiation 
transfer orbits. A total (transfer) dose limit of 2.5 krad— perm itting a moderately shielded 
commercial electronics set to survive— would translate to 10 days in GTO. This is a reasonable 
transfer time objective (GTO-to-GEO).
Doubling shielding thickness to 8 mm reduces the total dose by a factor of ten [Hansen, 2002]. 
Critical electronics can be shielded to this level, perm itting transfer times of 100 days or longer 
at the expense of some added weight. The 100-day figure is selected as a thresliold requirement 
for G TO-to-GEO orbit transfer.
•j.ifi Prom Dowd [2001]. 1 rad (“radiation absorbed dose”) = .01 ,1/kg. The 2-year total dose in GTO, 
behind 4 mm of aluminium shielding— primarily due to electron fluence— is approximately 200 krad.
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Near-Escape and Lunar Capture missions, like the GTO-to-GEO mission, begin in highly 
elliptical, low-inclination earth orbits and are susceptible to equivalent radiation dose rates 
during their outbound transfer phase. Therefore, similar constraints (10 and 100 days, 
respectively) can be selected for the initial portions of these missions.
Selecting a transfer time requirem ent for the post-escape portion of these missions is more 
subjective, and substantially more mission dependent. As very long transfers may account for a 
substantial portion of the entire mission life, failures of key subsystems may occur before the 
spacecraft reaches its final orbit (or encounter phase, for near-escape missions), rendering the 
spacecraft useless. The author chooses to target lunar and NEO missions currently under 
consideration or construction— ESA’s SM ART-1 and QinetiQ’s SIMONE— and perform them 
in 50% of the time or less. Therefore, the lunar capture mission threshold transfer time 
requirement is selected to be 8 months. The objective requirement is 4 months.
T he Near Escape mission threshold requirem ent is selected to be 13 months, one-half the 
estimated mission duration for SIM ONE’s excursion to the near-earth asteroid 4660 Nereus. 
The objective requirement is chosen, as above, to be half o f this figure, or 195 days.^ "^?
The small microsatellite mission is not constrained by high radiation dose—circular orbits 
below 1,000 km have relatively low dose rates. Furthermore, the source requirements for this 
mission, taken from AFRL’s STP Propulsion Module need statement for Space Shuttle 
secondary payloads, does not ask offerors to observe any limitations on transfer time from initial 
orbit (352 km) to final orbit (704 km). The author is therefore free to assign threshold and 
objective requirements—and selects 5.5 days (threshold) and 3 days (objective), respectively.^ 3® 
The threshold value is one-half the duration of current^®  ^ Space Shuttle missions—potentially 
permitting retrieval of a host satellite in the event of failure. [KSC Online, 2002] Of course, this 
presumes that payload ejection occurs at the beginning of the Shuttle mission.
Thrust 150 m N  th r e sh o ld  /  1.45 N  o b je c t iv e  (G T O -to -G E O )
5.2 V  th r e sh o ld  /  2 2  V  o b je c tiv e  (L unar C ap ture)
5.2 N th r e sh o ld  /  2 2  V o b j e c t iv e  (N ea r  E sca p e)
7 V  th r e sh o ld  /  5  V  o b je c tiv e  (S m all M ic r o s a te l l ite  O rb it  R a is in g )
Ü.I7 Note that this is not a requirement for reaching 4660 Nereus, but a more generic requirement— the 
solar thermal engine must permit its host spacecraft to reach a near earth encounter in less than 390 days 
(threshold) or 185 days (objective). This may require judicious selection o f the target object (closer 
approaches being preferable) and a rendezvous strategy different from that proposed by SIM ONE’s 
engineers— specifically, a flyby rather than a rendezvous (q.v.. Chapter 2).
si.)s To calibrate expectations, the author has performed an ideal simulation of this mission, applying basic 
astrodynamic relationships in Microsoft Excel. Total mission delta-V = 194 m/s. Number of burns = 14. 
Thrust = 3 N. Specific impulse = 400 s. Burn time (per burn) = 920 s. If the STP system were capable of 
firing once per orbit (whether this is the case will be highly dependent upon the choice of engine size and 
mode), this mission would require as little as 22 hours to perform. Low-altitude circular orbits will 
constrain the STP system’s performance, due to long per-orbit eclipses.
E.g., STS-109, a Space Shuttle Columbia flight, intended for Hubble Space Telescope servicing, slated 
for launch in February 2002. Mission duration = 11 days. [KSC Online, 2002]
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Specification of STP engine volume, mass, and transfer time permit the derivation of additional 
requirements, shown above.
High-thrust chemical engines (e.g., Thiokol’s STAR-37 solid motor [SpaceandTech.com 2, 
2001]) provide kilonewtons or greater thrust. Electric propulsion systems, as discussed 
previously, provide thrust levels orders of magnitude smaller—typically on the order of 
millinewtons. The common two-burn Hohmann transfer, which represents the minimum energy 
for movement between two orbits, and which is readily adapted to high-thrust systems, must be 
modified in order to accommodate the much smaller delta-V increments imparted by low thrust 
systems. Two basic orbit transfer strategies—sequential apogee and perigee boosting, and 
constant firing or spiral transfer—are available to the low-thrust engine designer.
Apogee and perigee boosting over multiple orbits allows the engine designer to approximate an 
impulsive (Hohmann) transfer. The host spacecraft is constrained to fire only near the apses of 
the orbit and the duration of the firing is limited by the impulsive requirement— as the 
spacecraft moves away from orbital perigee or apogee, delta-V penalties accrue rapidly. This 
occurs whenever the spacecraft velocity vector and the local gravity vector are not orthogonal—  
thrusting along the velocity vector then entails a certain amount of gravity loss. This penalty 
can be held to arbitrarily small levels [Robbins, 1966]. For long-period earth orbits (e.g., 
GTO), wait time between firings will be lOVa hours. For escape missions, this wait time will at 
first increase gradually as the orbit becomes increasingly eccentric.-^° As the spacecraft 
approaches escape, this wait time will become quite lengthy -T able B.5 illustrates a 195-hour 
escape mission, of which over 100 hours is spent waiting in the fifth and final orbit. Similarly, a 
GTO-to-GEO mission will see wait times rise from 1014 to 24 hours.
M iss io n
In itia l O r b it-to -  
G E O  
In itia l O r b it-to -  
E sca p e
Id ea l H o h m an n  T ra n sfe r  
from  G T O , n o  p la n e  
c h a n g es
1 ,461  m / s  
77 8  m /s
Id ea l S p ira l T r a n sfe r  fro m  
L E O , n o  p la n e  c h a n g e s
4 ,6 1 9  m / s  
7 ,6 9 5  m / s
Table B.3. Idealized delta-V requirements for GEO and Escape missions.
Spiral transfer missions accept delta-V penalties associated with non-impulsive thrusting— 
normally due to the very high specific impulse of the thruster, which more than offsets the 
penalty [Hill, I 9 9 2 J .  Spiral transfers from circular orbits to escape have delta-V requirements 
approaching 2 . 4 1 4  times'^" that of comparable impulsive (or a sequence of near-impulsive)
Sequential apogee bo o stin g  from  an initial G T O  to a 350 x 206,000 km o rb it— ideally re q u irin g  600 
m /s  o f  velocity  change a t perigee— can requ ire  a m onth  o r longer a t th ru s t levels o f  3,000 mN. T h e  final 
o rb it has a period o f  100 hrs. (4 days).
At thrust-to-weight ratios of <10-'' [Sandorff, I9 6 0 ].
2 7 2
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transfers from the same circular orbit [Sandorff, I960]. Unfortunately, a direct comparison 
between systems using spiral and multiple near-impulsive boosting is not possible: Spiral
transfer systems cannot normally use elliptical starting orbits, which are highly favourable for 
systems using near-impulsive boosting. The figures shown in Table 3 can be calculated from the 
following identity:
(i-Ji
Spiral ,Circular -C ircu la r  _  y V /
^Im pulsive ,E lliptical -C ircu lar
Av . . . .
The values ro and r/ are the radii of the initial and final orbits. The radius ro also corresponds to 
the perigee radius of the initial elliptical orbit for multiple-kick systems. The eccentricity of this 
elliptical orbit is denoted by e. Note that the value of the radical [(rg/r/)^], which appears in 
both numerator and denominator, is approximately 0.40 for the orbits of interest: ro = 6,728 km 
and ri = 42,095 km. The delta-V ratio for these values (spiral/impulsive) is 3.16. A similar 
identity can be found for spiral and impulsive manoeuvres to earth escape (see Chapter 3).
Transfer time constraints for GTO-to-GEO and GTO-to-Escape can be translated directly into 
thrust level requirements for 100-kg and 20-kg microsatellites. Delta-V requirements for GEO 
and earth escape (ignoring inclination changes and perturbations such as lunar influence) are:
An approximate spiral transfer thrust requirement is relatively straightforward to obtain for an 
initial circular orbit. Given the delta-V figures above, an average acceleration can be calculated, 
assuming 10- and 100-day transfer time constraints for LEO-to-GEO missions. For a 10-day 
transfer, a 100-kg spacecraft will have to achieve an average acceleration of 5.35 x 10-® m/s^ (and 
an average thrust of 535 mN). This is somewhat conservative, as it does not account for 
propellant consumption during the transfer.'^ For a 100-day transfer, average acceleration (and 
average thrust) is an order of magnitude smaller (54 mN). LEO-to-escape requires thrust levels 
on the order of 890 mN (10 days to escape) and 89 mN (lOO days to escape). A GTO-to-GEO or 
GTO-to-Escape, utilizing spiral (or, more accurately, long-arc “near-spiral”) transfers, has not 
been considered.
In order to assess thrust requirements for apogee and perigee thrusting strategies, the author 
will select firing time constraints to minimize delta-V penalties. At GTO apogee, a spacecraft’s 
angular rate of motion (dQ/dt) is approximately .002°/s. This can be calculated from:
- At an Isp of 400 s., a 100-kg “wet” spacecraft in GTO deposits 59.6 of burnout mass in GEO. Average 
spacecraft mass = 79.7 kg. Therefore, the thrust requirement is actually somewhat lower than the 
conservative figure stated above.
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W here h represents orbital angular momentum and r is the instantaneous orbital radius. [Battin, 
1987] This angular rate is approximately one-half that of a spacecraft in GEO, but varies 
significantly over the course of the orbit.'^ *'®
Using Robbins’ analysis of near-impulsive manoeuvres [1966], and using the (constant) GEO 
angular rate as a conservative measure, we may obtain a burn time limitation for a pre-specified 
finite burn delta-V penalty.'^" This value is 6,710 sec. (l hr., 52 min.) for a 1% penalty. The 
author selected a 5,000 sec. burn time for the following analysis.
m i
7 3 .1 8 1 0 0  k g 9 8 .1 5  k g 1 6 8 8 .1 0 5 3 2 4 7 7 8 .5 4 1 0 8 4 .0 7 4 8 2 1 0 .7 9 0 7 3 .1 8
7 4 .5 7 9 8 .1 5 9 6 .3 0 1 7 6 2 .6 7 4 2 5 1 8 1 .6 1 1 8 9 0 .2 2 7 6 9 1 1 .0 5 1 0 .7 9 1 4 7 .7 5
7 6 .0 1 9 6 .3 0 9 4 .4 5 1 8 3 8 .6 8 8 7 2 5 6 2 5 .0 9 2 7 7 7 .1 7 4 9 3 1 1 .3 4 2 1 .8 4 2 2 3 .7 6
7 7 .5 2 9 4 .4 5 9 2 .6 0 1 9 1 6 .2 0 6 6 2 6 1 1 4 .0 7 3 7 5 5 .1 4 1 7 6 1 1 .6 7 3 3 .1 8 3 0 1 .2 8
7 9 .0 8 9 2 .6 0 9 0 .7 5 1 9 9 5 .2 8 8 3 2 6 6 5 4 .6 4 8 3 6 .2 0 2 5 4 1 2 .0 3 4 4 .8 5 3 8 0 .3 6
8 0 .7 1 9 0 .7 5 8 8 .9 0 2 0 7 5 .9 9 8 3 2 7 2 5 3 .8 6 6 0 3 4 .7 1 7 4 6 1 2 .4 4 5 6 .8 8 4 6 1 .0 7
8 2 .4 1 8 8 .9 0 8 7 .0 5 2 1 5 8 .4 0 5 2 7 9 2 0 .4 5 7 3 6 7 .8 9 9 1 8 1 2 .9 0 6 9 .3 3 5 4 3 .4 8
8 4 .1 8 8 7 .0 5 8 5 .2 0 2 2 4 2 .5 8 1 2 2 8 6 6 4 .7 8 8 8 5 6 .5 5 6 8 5 1 3 .4 2 8 2 .2 3 6 2 7 .6 5
8 6 .0 2 8 5 .2 0 8 3 .3 5 2 3 2 8 .6 0 4 7 2 9 4 9 9 .5 4 1 0 5 2 6 .0 8 6 1 4 .0 1 9 5 .6 5 7 1 3 .6 8
8 7 .9 5 8 3 .3 5 8 1 .5 1 2 4 1 6 .5 5 8 2 3 0 4 4 0 .4 1 2 4 0 7 .8 0 4 6 1 4 .6 9 1 0 9 .6 6 8 0 1 .6 3
8 9 .9 7 8 1 .5 1 7 9 .6 6 2 5 0 6 .5 .3 0 5 3 1 5 0 6 .8 9 1 4 5 4 0 .7 8 4 8 1 5 .4 7 1 2 4 .3 5 8 9 1 .6
9 2 .0 9 7 9 .6 6 7 7 .8 1 2 5 9 8 .6 1 6 4 3 2 7 2 3 .7 1 6 9 7 4 .4 0 9 5 1 6 .3 7 1 3 9 .8 1 9 8 3 .6 9
9 4 .3 0 7 7 .8 1 7 5 .9 6 2 6 9 2 .9 1 7 5 3 4 1 2 2 .5 1 1 9 7 7 2 .0 1 3 2 1 7 .4 3 1 5 6 .1 8 1 0 7 8
9 6 .6 3 7 5 .9 6 7 4 .1 1 2 7 8 9 .5 4 3 1 3 5 7 4 4 .5 9 2 3 0 1 6 .1 8 0 7 1 8 .6 9 1 7 3 .6 1 1 1 7 4 .6
9 9 .0 7 7 4 .1 1 7 2 .2 6 2 8 8 8 .6 1 0 6 3 7 6 4 4 .8 3 2 6 8 1 6 .6 6 1 6 2 0 .2 0 1 9 2 .3 0 1 2 7 3 .7
1 0 1 .6 4 7 2 .2 6 7 0 .4 1 2 9 9 0 .2 4 6 8 3 9 8 9 7 .7 7 3 1 3 2 2 .5 3 8 6 2 2 .0 4 2 1 2 .5 0 1 3 7 5 .3
1 0 4 .3 4 7 0 .4 1 6 8 .5 6 3 0 9 4 .5 8 8 2 4 2 6 0 7 .2 9 3 6 7 4 1 .5 8 0 7 2 4 .3 2 2 3 4 .5 4 1 4 7 9 .7
Table B.4. 17-burn, 235-hour GTO-to-GEO transfer, ideally applied velocity increments (no 
delta-V losses, no inclination change). Burn time (5,000 sec.) is based on the assumption of a 1% 
finite burn delta-V penalty, ~15 m/s. This firing strategy meets the 10-day transfer time
requirement with margin.
Table B.4 illustrates a 17-burn transfer from GTO to GEO. At a thrust level of 1.45 N, and an 
average specific impulse of 400 s, this series of manoeuvres can be accomplished just under ten 
days, using 32 kg of hydrazine or ammonia propellant. Note that this thrust level (1.45 N) is
S atellites in M oln iya o rb its  take  advan tag e  o f th is re la tive ly  low an g u la r  ra te  near apogee. Such 
spacecraft “h an g ” overhead  for up to 8 hours ou t o f a 12-hour o rb it, especially  useful for com m unications 
to h ig h -la titu d e  locations. [W e r tz , 1992] T h e  an g u la r  ra te  o f  m otion  o f  a spacecraft in G E O  is 
.0042®/sec.— obviously , n o t ap p aren t to th e  ea rth -b ased  view er.
R obbins provides an iden tity  for re la tin g  burn  tim e (x*) in a c ircu lar o rb it to  acceptable  delta-V  penalty  
(as a frac tion  o f  the  to tal delta-V  im parted  d u r in g  the  m anoeuvre). F o r values o f  the  p ro d u c t (d8/dx)x,, <  1, 
R obbins’ approx im ation  holds. A 5,000-sec. burn  in G T O  gives a figure o f  0.19, well below  1.
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approximately three times the spiral transfer thrust requirement. A 100-day mission requires 
164 firings at a thrust level of 150 mN.
Table B.5 shows a similar set of calculations for an earth escape mission. Here, burn time 
constraints are significantly greater, as thrusting m ust occur at orbital perigee. Angular rate of 
motion at G TO  perigee (350 km) is approximately . 164°/s.^ "  ^ For a 1% delta-V penalty per burn, 
burn time must be limited to just 171 s— this will drive thrust levels into the hundreds of 
newtons to achieve 10-day transfer times. Allowing for a 10% penalty raises the burn time 
limitation to approximately 540 s.
2 9 .6 1 IC O 9 9 .2 5 1 0 1 3 3 .7 2 2 5 3 4 2 .2 1 3 7 5 7 8 .4 1 1 .1 5 6 3 3 0 2 9 .6 1
1 3 8 .4 3 9 9 .2 5 9 5 .8 0 1 0 2 7 2 .1 4 3 0 8 9 4 .1 7 4 8 6 8 2 .3 1 5 .0 1 6 5 2 1 1 .1 5 6 1 6 8 .0 4
1 4 3 .4 9 9 5 .8 0 9 2 .3 6 1 0 4 1 5 .6 3 4 0 1 3 4 .6 1 6 7 1 6 3 .2 2 2 .2 3 4 7 9 2 6 .1 7 3 3 1 1 .5 3
1 4 8 .9 4 9 2 .3 6 8 8 .9 2 1 0 5 6 4 .5 8 5 8 5 7 8 .1 0 1 0 4 0 5 0 3 9 .2 0 6 4 5 4 8 .4 0 8 4 6 0 .4 7
1 5 4 .8 3 8 8 .9 2 8 5 .4 7 1 0 7 1 9 .4 1 1 1 3 6 5 7 .3 2 2 1 4 2 0 9 1 0 5 .9 6 2 1 8 7 .6 1 4 6 1 5 .3
1 6 1 .1 9 8 5 .4 7 8 2 .0 3 1 0 8 8 0 .6 — — _ 1 9 3 .5 8 7 7 6 .5
Table B.5. 6-burn, 194-hour GTO-to-Escape transfer, ideal applied velocity increments (no losses, 
no inclination change). Burn time is based on a 10% finite burn delta-V penalty, ~78 m/s.
240 1
210H
3 180fD
0 150
1Ig 90
> 6 burns 2 bu ms
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30
Thrust level (N)
Figure B.9. Time to escape versus engine thrust level, for successive apogee boosts (at perigee). 
For the stated burn time limit (540 s), delta-V penalty is as stated in Table B.5.
The six-burn transfer strategy in Table B.5 requires a 25 N thrust level, one burn of 118 sec. 
duration, and five successive burns of 540 s each. This transfer can be accomplished in 194 
hours (8 days). A given thrust level dictates the number of discrete firings that must he
T h is  is 3 tim es h ig h er than  the circu lar o rb it a n g u la r  ra te  a t 350 km — .066 cleg./sec.
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performed; to achieve a 10-day transfer, the threshold thrust is ~ 22 N. This can be seen in 
Figure
3000
2900
« 2800  
^  2700  
^  2600  
* 2500  
2400
W
2 100 days
2300
2000
4.5 4.6 4.7 4.8 5.1 5.2 5.4 5.54.9 .3
Thrust (N)
Figure B.IO. T im e to  escape versus engine thrust level, for successive apogee boosts (at perigee), 
540-sec. burn tim e lim it. At 4.5 N, 29 burns are required. At 5.5 N, only 24 burns are needed. See 
T able B.5 for delta-V penalty information.
A 100-day transfer will require a thrust level of greater than 5.2 N (Figure B. 10) and 24  firings. 
Note that the thrust indicated is on the order of six times that of the spiral transfer requirement, 
for the same transfer time.
200
•y o ther pa;175
V third pass“ 150
X
125I
3 days
2 75 
.§ 50
ever] pass
0 3 4 6 8 9 10
T h ru s t (N)
Figure B. l l .  T im e to  perform an orbit-raise and circularisation (352 -  704 km circular) vs. thrust 
level, for successive apogee and perigee boosts, 428-sec. burn tim e lim it (l%  delta-V  penalty). 
Three orbit transfer strategies are shown.
- Al so note th a t a s ing le-im pulse tran sfe r  to  escape requ ires a th ru s t  o f  131 N o r g rea te r .
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Based on the foregoing analysis, the author selects a threshold thrust requirem ent for GTO-to- 
GEO transfer missions of 150 mN, based on a 100-day transfer time lim it F or an objective of 10 
days, a th rust level o f 1.45 N  is selected. Missions that depart earth orbit (lunar capture and 
near-escape) will be required to produce 5.2 N  (threshold) and 22 N (objective), respectively.
T he final mission of interest involves small microsatellite orbit-raising from 352 to 704 km. 
Threshold transfer time requirements dictate required th rust levels, as before. T he spiral 
transfer value is, as has been shown in the previous analysis, likely to be an order of magnitude 
below the value obtained for impulsive firings at the apses. F igure B .ll illustrates breakpoints 
for this second firing strategy, assuming the STP engine is capable of firing (l)  on every pass, (2) 
on every other pass, and (3) on every third pass.^ '^^
F or a circular low earth orbit (352 km), the angular rate of motion is only .066 deg./sec. For a 
1% allowable delta-V penalty, burn times m ust be constrained to 428 sec. Threshold and 
objective th rust levels can be determined from the above figure:
( 1) 3-day (72-hour) transfer: 1.75 N  (firing on each pass)
4 N  (firing on every other pass)
6 #  (firing on every third pass)
(2) 5.5-day ( 132-hour) transfer: 1 N  (firing on each pass)
2 N  (firing on every other pass)
3 N  (firing on every third pass)
T he values in bold indicate the selected threshold and objective values. A 6-N thrust level will 
be capable of achieving the objective transfer time of 3 days— even if it can only be fired on every 
third pass. A level o f 1 N will require thrusting on each pass, and will ju st meet the threshold 
time requirement.
Specific Impulse 350 s. threshold /  -^00 j'. objective
Determination of an appropriate specific impulse target relies on previously accepted goals—  
namely, providing greater performance than monopropellant hydrazine and bipropellant 
hydrazine/NaO-i. systems, for delta-V figures o f interest, and competing head-to-head with 
electric propulsion systems in this same regime.
T he author will expand upon the system-to-system comparison performed earlier in this, in 
order to encompass a range of potential f  targets for the solar thermal engine. The graphs in 
Figure B.14 indicate performance of the STP-augmented hydrazine system versus a 
monopropellant hydrazine thruster = 230 sec.). A t an objective mass of 10 kg, a 300-sec. 
system breaks even with monopropellant hydrazine in the 2,500 m /s delta-V regime. M ost
‘>n q'his yviji be dictated by engine mode and sizing considerations. Direct-gain systems will be capable of 
firing on every orbit. Thermal storage systems—depending on their size—may have to wait additional 
orbits before firing.
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missions of interest fall below this figure (1,500-2,500 m /s)— thus, there is little or no trade 
space for system mass at this low specific impulse. At 350 sec., a threshold breakeven (15 kg.) 
occurs at roughly 2,000 m /s, an objective breakeven (10 kg.) at 1,000 m /s. This roughly 
brackets the missions of interest, although lunar capture and insertion into a high-altitude 
phasing orbit (Section 2, q.v.) fall above this regime.
10
II
t i
30000 1000
20
«  10 
| i  .
0 1000 30002000
cumulative delta-V (m/s) cumulative delta-V (m/s)
Figure B.12. STP engine augmentation mass limit for a specific impulse of 300 s (left). STP 
engine augmentation mass limit for a specific impulse of 350 s (right).
1 0 0 0  1 5 0 0  2 0 0 0
CLiinulative d e l ta -V  ( m /s )
3000
Figure B.13. STP engine mass constraint for breakeven with ARC LEROS IB bipropellant 
hydrazine/NuO. thruster. A 10-kg, 350 s engine cannot outperform the bipropellant combination 
for the delta-V regime under investigation. Breakeven occurs for a 7-kg engine—the smallest 
objective engine under consideration—at 1,750 m/s.
A comparison of a 350-sec. STP engine with bipropellant hydrazine/N^O,. reveals little room for 
tradeoffs. At 10 kg., the objective microsatellite engine is too large; it cannot beat the 
bipropellant engine at any delta-V. A system built to the small microsatellite objective mass 
requirement (7 kg.) can meet N JI|./N .;0 |.’s performance but not beat it. (Fig. B. 13).
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Fig. B.14 shows that decreased STP engine performance results in a smaller regime in which 
STP outperforms electric propulsion alternatives on a strict delta-V basis. Previously, at 400 
sec., the STP engine provided for more dry mass than the PPS 1350 above approximately 1,250 
m/s. In this instance, the PPS 1350 breaks even with STP at roughly 1,000 m/s. Further, the 
UK T5 expands its predominance to lower del ta-Vs—above 300 m/s.^^
100
I I
S T P  A ugm en ted  N2H4 
UK I S  Ion E ng ine  
" II ■ P P S  1350  Ion E ng ine
10000 500 1500 2000 2500 3000
cum ulative delta-V (m /s)
Figure B.14. STP augmented (.350 s versus two state-of-the-art ion engines, Snecma’s 
PPS 1350 {Isp ~  1600 s.) and the UK T 5 {Isp ~  4000 m/s). This chart subtracts the weight of the 
ion engines’ augmented power systems from the available dry mass on the spacecraft.
The author concludes that 350 sec. represents a lower bound for STP engine performance. An 
objective value of 400 sec., corresponding to the performance of decomposed NvH ,. at 2,500 K, is 
desirable.-
Density Is/ 330 g-s/cm^ th r e sh o ld  /  400 g-s/cm^ o b je c tiv e
The product {p x Isp)f-'^  known as density fp  or Dfp, is of fundamental importance to the small 
satellite propulsion system designer. Mass and volumetric constraints impair the designer’s 
ability to place bulky propellant tanks, feed lines, and other items. As discussed earlier in this 
Appendix, SSTL’s enhanced microsatellites provide for a small useable region surrounding the 
main satellite electronics “stack” of electronics. This region sets system volume threshold and
T h e  a u th o r s tresses th a t th is ch art, like the  p revious one (F ig u re  B.IO), does n o t take  in to  accoun t the  
substan tia l difference in requ ired  delta-V  betw een th e  e lec tric  system s (w hich req u ire  spiral tran sfe rs) and 
an S T P  system  (w hich, nom inally , w ould use a series o f  near-im pulsive firings to sim ulate  a H ohm ann o r 
m in im um -energy  transfer).
H igher specific im pulses, if achievable, will im prove perfo rm ance substan tia lly . I f  a m icro sa te llite - 
based S T P  system  could achieve p ropellan t tem p era tu res  o f  3 ,000 K (near m aterial lim its), specific 
im pulses o f  nearly  500 sec. could be obtained.
- p is here exp ressed  in u n its o f  g /c m  t
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objective requirements (.09 and .045 m'\ respectively). Table B.6 provides specific impulse, 
density, DZ/., and delta-V capability for a variety of propellant choices.
Total impulse (7) is calculated from:
/  is the product of the volume-constrained propellant mass [Mp) and exhaust velocity {uf). This 
is a useful figure of merit, as it is independent of host spacecraft specifics, unlike delta-V (which 
is dependent on spacecraft mass, or, more correctly, burnout mass fraction— the ratio of post­
burn to pre-burn spacecraft mass). The chart above indicates that an STP engine, using NaHi. 
propellant and operating at its objective fp  requirement of -4 0 0  s, outperforms all other 
combinations save the Xenon ion thruster.^-’^ '
Propellant
Type
D i n T ota l Im pulse D elta-V  D elta-V  (m /s).
(g-s/cm=’) (kN-s) (m /s),
volum e-
constrained
constrained  
( 5 0  k g . )
X e (3000 p si)' 2.00 1600 3200 1,410 36,104 iB laaa
Xe (882 psi)*' l . I O 1600 1760 776 10,868
ST P H / 0.071 917 65 29 6,229
STP-au gm ented 1.0045 402 404 178 2,731
ST P N H ,' 0.60 449 270 119 1,385 3,050
STP 1.00 372 372 164 2,180 2,527
M M H /N .O / 1.159 319 370 163 2,305
H ïO s/K erosene 1.279 305 390 172 2,562
Hybrid 1.297 300 389 175 2,577
P olyethylene ‘‘
N.O 0.75 206 155 68
H.O» (89%) 1.38 179 247 109 1,702 E É B
“ 3,000 psi s to rag e  p ressu re  [P o ly flex , 1999], UK T 5  I,,p [W ells , 2 001]
882 psi s to rag e  p ressu re  [G ib b o n , 2 0 0 2 ], UK T o I^ p
H eated  to  2,500 K. Cp and y values are  at 1,500 K, ideal expansion  to  vacuum  assum ed 
O x id izer/fu e l ra tio  optim ised  fo r m axim um  /,p
Table B.6. Density-L,., volum e-constrained tota l im pulse, and potential delta-V  (aboard a 100-kg. 
spacecraft) available for a volum e lim it o f  .045 m'* and— in the final colum n— a m ass lim it o f  50 kg., 
for a representative variety o f  m onopropellant and bipropellant com binations.
For a spacecraft mass of 100 kg, dense propellant combinations (HoO.j /kerosene and 
1 FOj/polyethylene hybrid) are extremely competitive— unless mass limitations are imposed. 
The author has selected 50 kg as a propellant mass limit, based on discussions found in both
T h e  firs t X enon figure is actually  som ew hat m isleading , insofar as the high s to rag e  d ensity  (and 
re su ltan t h igh  D/./>) allow s for very  high p rope llan t m ass frac tions on a lOO-Ug sa tellite . In th is in stance  
(3000 psi s to rag e  p ressu re , 2 g/cm '* density), the 100-kg sa te llite  includes 90 kg o f Xe. T h e  rem ain in g  10 
kg  is insufficient to hold the  th ru s te r  hardw are  and ta n k — m uch less the  1 kW  pow er system  necessary  to  
opera te  it, o th e r  key subsystem s, o r  payloads. A low er (882 psi) s to rag e  p ressu re  prov ides a m ore 
reasonable p rope llan t m ass frac tion  and delta-V  capability— rough ly  equ ivalen t to O in e tiO 's  p roposed  
S IM O N E  m ission (9.9 k m /s). [W ells , 2001]
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Jason [2000] and Haag [2001]. The smaller o f the two delta-V figures in Table B.6 represents 
maximum performance.^^^ T o ensure the system’s competitiveness aboard microsatellites, STP 
engines should maintain high density-7^, on the order o f 400 g-s/cm^ or better. This will perm it 
the STP system to perform most o f the missions analysed in Section 2 within the objective 
volume constraints.
A threshold value of 330 g-s/cm^ provides for the investigation of several propellant choices, 
and still permits volume-constrained delta-V figures o f approximately 2,000 m /s.
Firing Duration 5,000 s th r e sh o ld  /  11,250 s o b je c tiv e  (G T O -to -G E O )
540 s th r e sh o ld  /  1,215 s o b je c tiv e  (L unar C ap ture)
540 s th r e sh o ld  /  1,215 s o b je c tiv e  (N ea r  E sca p e )
428 s th r e sh o ld  /  963 s o b je c tiv e  (O rb it R a is in g )
This requirement is applicable to near-impulsive (non-spiral) transfers. Spiral transfer strategies 
will drive firing durations on the order of total mission durations (10-100 days).
The driving requirement for firing duration is confined to apogee firings during circularisation 
(GTO-to-GEO). At GTO apogee, long firings can be conducted owing to the spacecraft’s low 
orbital velocity and resultant small delta-V penalties for finite burn manoeuvres. A threshold 
value of 5,000 sec. is selected, corresponding with the analysis in a previous section discussing 
required thrust levels. The objective is set at 2.25 times the threshold value to allow for full 
qualification testing with margin.^^  ^ Values for other mission cases are likewise drawn from the 
thrust requirement analysis, and objectives set at 225% of the threshold value.
Number o f Firings 17 burns th r e sh o ld  /  39 burns o b je c tiv e  (G T O -to -G E O )
26 bums th r e sh o ld  /  59 bums o b je c tiv e  (L unar C ap ture)
26 bums th r e sh o ld  /  59 bums o b je c tiv e  (N ea r  E sca p e )
40 bums th r e sh o ld  /  90 bums o b je c tiv e  (O rb it R a is in g )
As is the case for the previous requirement (firing duration), firing number is primarily 
applicable to non-spiral orbit transfer strategies. Spiral transfers will typically be composed of a 
single, long-period firing, although restart capability will be needed in the event of spacecraft or 
system failures.
The number of firings required for each mission class is fixed by the top-level threshold values 
for transfer time and engine thrust level. Objective values are, in the same way as firing
duration, set at 225% of threshold, permitting qualification of a space engine prior to launch.
Charging Time 4 hrs th r e sh o ld  /  2 hrs o b je c tiv e  (G T O -to -G E O )
This is captured in red. Note Ho’s low performance for the applied volume constraint; were volume 
were not a limiting factor, this propellant would be twice as effective as all other combinations except 
electric propulsion utilizing Xenon.
ur>:t poj. recurring builds of the STP engine (non-proto qualification hardware), this would allow for a 
“makeup” burn of double the normal duration (with some additional losses) in the event of a missed 
manoeuvre opportunity.
281
References and Appendices
5 hrs th r e sh o ld  /  2.5 hrs o b je c tiv e  (L unar C ap ture)
5  hrs th r e sh o ld  /  2.5 hrs o b je c t iv e  (N ea r  E sca p e )
2 hrs th r e sh o ld  /  40 min o b je c tiv e  (O rb it R a is in g )
This quantity, like the two previous, is of main interest for thermal storage systems, which 
require “on-sun” heating prior to firing. For missions with initial orbits in GTO, a useful 
threshold charging time is slightly less than half the orbital period (5 hrs.), as it allows for a pair 
of apogee and perigee boosts to be conducted in a single orbit. This is applicable to GTO-to- 
lunar orbit and GTO-to-escape, where stringent constraints at perigee limit the amount of 
thrusting time to just over 500 sec. For GTO-to-GEO, the charging time is significantly 
reduced as a result of long firings at orbital apogee (5,000-6,000 sec.). Circularisation missions 
will therefore require charging times on the order of 3.5-4 hours. Objective requirements are 
chosen to be 50% of the threshold value.
The small microsatellite mission’s charging time is highly constrained by the nature of the initial 
low earth orbit. A t 352 km altitude, slightly greater than half of the orbital period (45 min., 48 
sec.) is spent in sunlight. To provide for thrusting outside of eclipse (i.e., in sunlight, reducing 
potential charging time but allowing greater mission flexibility), this figure is further reduced by 
the thrusting time (428 s. in this orbit). This sets an approximate objective of 40 minutes. 
Multiple orbits may be required to charge the thermal storage system to its target temperature. 
Previously, the author considered up to three orbits o f charging prior to engine firing— this sets 
a threshold charging time of 120 minutes.
System Reliability .95 th r e sh o ld  /  .99 o b je c tiv e
The missions under consideration require substantial delta-V increments and are therefore 
“propulsion-heavy.” Mission success criteria will include, among other things, reaching the orbit 
of interest—GEO, lunar orbit, higher LEO, or a NEO encounter. The propulsion system is 
central to the conduct of the overall mission and high reliability is essential. For comparison, 
launch system reliabilities tend to cluster in the 90-95% regime.^^^
System F unction
Startup NA^ ^^  ■
The specifics of the solar thermal engine’s startup sequence, and impact on spacecraft mission 
operations and/or testing, were not part of the scope of the present research, although startup 
will have to be addressed prior to a demonstration launch.
Ariane’s cumulative reliability— for all o f its launch vehicles— is 0.943 (133 successes for 141 launch 
attempts), as o f July 2001. [CNN, 2001] Atlas I/II (between 1990 and 2000) demonstrated a reliability of 
0.95 (57 successes/60 attempts). [Astronautix.com, 2001] The Space Shuttle— a system driven by safety 
concerns in the wake o f the 1986 Challenger disaster and further exacerbated by the loss o f  Columbia in 
2003— presently stands at 0.982 ( i l l  successes for 113 attempts). [KSC Online, 2001]
Not Addressed.
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Restart The system must be restartable.
Restart is obviously required for the sequential apogee and/or perigee boosting strategy. The 
number of restarts is at least equal to «/- 1, where «/is the required number of firings to produce 
a needed velocity change. Restart is less important for the spiral transfer strategy, but is still 
clearly necessary in the event of inadvertent shutdown or spacecraft failures and safe holds.
Throttling NA
The solar thermal engine has no current throttling requirement.
Shutdown NA
Details of the solar thermal engine’s shutdown sequence, and its impact on spacecraft mission 
and test operations, remains to be addressed.
Additional Guidance
These statements represent goals for the engineer to keep in mind in the initial design phase, but 
do not support numerical targets (e.g., system mass and volume limits. If). These include 
manufacturability, testability, the use of proto-qualification/proto-flight hardware, operations, 
and safety.
Manufacturability and Ease o f Procurement
Where possible, the solar thermal engine will be designed to incorporate commercially available 
components, avoiding the use of rare materials and propellants, items with highly specialized 
machining requirements, and custom-built hardware. Efforts will be focused on finding regional
(i.e., EU or UK) vendors for critical items—thus reducing the amount of effort spent on meeting
criteria for import and export control. This should tend to reduce overall cost and schedule 
requirements.
Testability and Test Safety
The solar thermal engine must be designed with a specific qualification and/or acceptance- 
testing program in mind. This will require the creation of a detailed test plan early in the course 
of the development activity. The design should attempt, wherever possible, to simplify test 
operations and test apparatus design, and to minimize the overall extent of the testing 
program—performing only those tests that are necessary for assessing performance and 
flightworthiness.
A relatively simple propulsion test program—using “green” (i.e., non-toxic, non-flammable) 
propellants to simplify test procedures and increase test safety, eschewing purpose-built
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hardware in favour of existing test stands, '^6 and constructing flight-like or flight-capable 
hardware wherever possible—is likely to result in a lower cost activity and a shorter schedule 
overall.
Figure B.15. High-temperature coupon testing at MAST Carbon, Guildford, Surrey, 2003 (left). 
Sectioning of a brazed ceramic-to-metal seal. University of Manchester, 2003 (right).
Proto-Qualification/Proto-Flight
The solar thermal propulsion system will—as far as possible—be designed and built as a proto­
qualification/ proto-flight unit (i.e., tested to qualification levels and subsequently used in on- 
orbit operations). This is intended to minimize the number of experimental iterations prior to 
flight and reduce development cost.
Minimal Impact to Host Spacecraft Design, Test, and Integration
The solar thermal propulsion system must be designed in such a way as to minimize the impact 
of its addition to the host microsatellite. The Integrated Solar Upper Stage [Kennedy, 1995] 
was an attempt to provide two critical functions—propulsive thrust for orbit transfer and on- 
station electrical power production—with a single subsystem, minimizing propulsion and power 
hardware, and thereby increasing available payload mass to the satellite’s owner. This approach, 
while deemed feasible, falls outside the present satellite design paradigm—which consists of 
decoupled subsystems with heavily managed interfaces—and will likely face hurdles in 
implementation.
w ith p rev iously -tested  processes and p rocedures.
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Imposing significant requirements on the host satellite— stringent pointing, an added command 
and telemetry burden, substantial power augmentation, or severe structural modifications—  
could make a prima facie “useful” system worthless to the owner and/or operator. A principal 
goal o f  this activity will be to search for creative ways to limit these imposed requirements, 
simplifying the satellite designer’s task.
Similarly, the solar thermal engine must be designed so as to minimize the burden on the 
spacecraft testing program. Stringent cleanliness requirements (e.g., the use o f optical surfaces 
requiring Class 100-'^ " facilities) and structural incompatibilities (which could impact vibration 
testing and force spacecraft structural modifications) are examples o f problem areas that should 
be addressed early in the preliminary design.
Figure B.15. Surrey Satellite Technology, Ltd., ground station, University o f Surrey, Guildford, 
Surrey, United Kingdom [da Silva Curiel, 1996].
Minimal Impact to Mission Operations
The solar thermal engine will be designed and constructed so as to ensure compatibility with 
host spacecraft operational protocols. SSTL ground operations are “autonomous and self­
checking,” requiring the equivalent o f 1 1 /3  operators per day for 7 5  satellite p a s s e s  [da Silva 
Curiel, 1 9 9 6 J .  Figure B.18 depicts the SSTL ground station at the University o f Surrey. It is 
important that an advanced propulsion system not compromise the existing operational
Such “u ltra -c lean ” facilities have less than  100 partic les per cubic foot o f air. [W e r tz , 1992]
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paradigm by requiring significantly increased oversight at the satellite ground station, or 
additional insight and/or approvals from other entities (e.g.. Air Force Satellite Control 
Network).
Externally Imposed Constraints
Cost Estimate ($K) CY01 CY02 CY03 CY04
Boeing Labor
Senior Engineer 3.60 15.60 15.60 7.80
Engineer 0.00 35.20 36.60 5.60
Subtotal 3.60 50.80 52.20 13.40
Boeing Materials & Travel
Design/Lab Software 10.00 3.50 0.00 0.00
Receiver Assembly 0.00 75,00 0.00 0.00
Concentrator Assembly 0.00 50.00 0.00 0.00
Control Etec. Assembly 0.00 0.00 25.00 0.00
Prop. Storage/Feed 0.00 0.00 10.00 0.00
Instrumentation 0.00 5.00 0.00 0.00
Travel 0.00 15.00 12.50 10.00
Subtotal 10.00 148.5 47.50
Boeing Subtotal 13.60 199.3 99.70 23.40
Surrey Labor
Engineer 0.00 27.20 42.60 13.60
Technician 0.00 2.40 39.00 63.00
Surrey Materials
Incidentals 2.00 2.00 2.00 2.00
Vendor Labor
Engineer 0.00 4.00 16.00 2.00
Travel 0.00 2.50 0.00
SurreyA/endor Subtotal 2.00 35.60 102.1 80.60
Subtotal 15.60 234.9 201.8 104.0+15% Margin 2.34 35.24 30.27 15.60
Total 17.94 270.1 232.1 119.6
639.8
Figure B.16. Author’s cost assessment—in dollars—of a three-year microsatellite-based solar 
thermal engine development program. Spacecraft integration is not included in the estimate.
[Kennedy, 2001]
Development cost (through spacecraft integration)
£ IM  ($1.5M) to launch (microsatellite),
£250,000 ($375,000) to launch (small microsatellite)
These figures include design, component and system test, and integration costs with the host 
spacecraft. They represent between 1% and 4% of the estimated cost for a U.S. solar orbit 
transfer vehicle flight experiment. They are based on Boeing and Surrey proposal data and the 
author’s original cost breakdown for the design, component hardware procurement and test, and 
integrated system test o f a small satellite-compatible STE. Recurring costs have not been 
investigated.
Development schedule 3 yrs. to  laun ch  (m ic r o sa te llite ) ,
2 yrs. to  lau n ch  (sm a ll m ic r o sa te ll ite )
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These figures are based on schedules developed for a three-phase developmental activity, in the 
author’s doctoral research proposal. SSTL has released data sheets that indicate an enhanced 
microsatellite can be available in as little as 15 months after contract award. The solar thermal 
engine will likely be the principal schedule driver. The author presumes that a small 
microsatellite development will operate on a compressed schedule.
M icroscale
STP
System
P h a se  I
Design
Requirem ents Definition 
Preliminary Design 
Detailed Design
P h ase  II
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Receiver Assembly 
Concentra tor Assembly 
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System Test
TVAC Benchmarking 
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Figure B.20. Author’s proposed schedule details for a three-year microsatellite-based solar 
thermal engine development program. Host spacecraft integration and test, as well as a 
microsatellite launch campaign, is not included [Kennedy, 2001].
Host Spacecraft Launch Environment
The solar thermal engine will be tested to required qualification levels prior to integration with 
a host spacecraft. This may include acoustic, sinusoidal, and random vibration tests. Likely 
values are shown in Table B.7. The Ariane 5 ASAP requires the highest small spacecraft natural 
frequencies (90 and 4.5 Hz, respectively) and produces sound pressure levels in excess of any 
other booster investigated. As the SSTL enhanced microsatellite is specifically designed for an 
ASAP launch, these figures represent excellent baseline values for preliminary design efforts.
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Launch environment factors include payload and launch processing facility humidity, 
temperature, contamination and cleanliness level, thermaL"^* and electromagnetic interference^-^'’ 
constraints. Payload user guides provide detailed guidance on these elements. These are not 
driving requirements for the solar thermal engine and specific values will not be assigned at this 
time.
Max. Acceleration 
(axial)
(lateral)
Spacecraft/ adapter 
natural frequencies 
(longitudinal)
(lateral)
Shock (staging
and/or separation)
Sound Pressure Level 
(dB)
N /A  = N ot Available  
" Q ualification test level 
Acceptance test level
<  1 3 g <  4 / - 8  g < 6 . 8  g < 7 . 5  g <  5 .5 / - 7 .5  g < 3 . 5  g
< ± 6 g <  ± 2 .5 g < ± 2  g < 0 . 8  g < ± 6 g <  3 .4  g
>  18 H z >  15 H z >  35  H z N / A >  9 0  H z >  13 H z
>  2 0  H z >  3 0  H z >  15 H z N / A >  4 5  H z >  13 H z
5 0  g ' 4 0  g ' 6 0  g -
3 ,5 0 0  g ' N / A 1 ,1 0 0  g= N / A 1 ,0 0 0  g ' N / A
3 ,5 0 0  gs 4 ,1 0 0  gf 4 ,5 0 0  gs
<  1 30 .8 <  133 .5 <  1 3 9 .6 < 1 4 0 < 1 4 6 ' N / A
' at 100 Hz 
•' at 200 Hz 
' at 1,000 Hz
< 1 4 2 ‘-
*' at 3 ,0 0 0  Hz 
8 at 10,000 Hz
T able B.7 Launch environm ent lim it loads for a se lection  o f  booster types. A cceleration values 
include dynamic and static com ponents. Compiled from m ultiple sources, including W ertz [ 1 9 9 2 ] ,  
Ariane 5 ASAP User’s Manual [M ugnier, 2 0 0 0 ] , ISC Kosmotras [ 2 0 0 1 ] ,  Pegasus U ser’s G uide  
[OSC, 2 0 0 0 ] , D elta  II Payload Planner’s G uide [B oein g  Company, 1 9 9 6 ] , and the N ational 
Research Council’s Small Satellite  Report [NRC, 2 0 0 0 ] .
Space Environment
Long-term operations in a Geosynchronous Transfer Orbit will result in high radiation doses 
(due to proton and electron fluences). Transfer time requirements are based partially on the 
need to minimize these doses— and dose rates— and therefore minimize the impact on the host 
spacecraft design. One-year dose rates behind 4  mm of aluminium shielding reach 1 0 0  krad. 
Solar thermal engine control electronics may require spot shielding and /o r radiation hardening 
to operate under these conditions.
ii.-.s D elta  I I ’s 9..5-ft. payload  fa iring  rises to  a m axim um  tem p era tu re  o f .500 "F  (260 "C), 100 s. a fter launch. 
An acoustic b lanket also serves as in su la to r— its in te rn a l wall tem p era tu re  never exceeds .50 cleg. C. 
[B o e in g  C om pany, 1996]
P egasus X L  uses 7 separa te  R F tra n sm itte rs  o r  receivers, a t U H F , C-, L-, and S -band  for te lem etry , 
track ing , com m and d estru c t, G P S  nav igation , and cam era da ta  dow nlink . [O SC , 2 0 0 0 ] D elta  II tra n sm its  
on S- and C -bands for sim ilar functions. [B o e in g  C om pany, 1996] E lec tro m ag n e tic  in terference— from  
spacecraft to  b o o ste r and vice versa— m ust be carefully  avoided.
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A second space environment factor is contamination. The solar thermal engine relies on a high- 
reflectivity concentrator to function properly. Contaminants settling on optical-quality surfaces 
(or, in the case o f atomic oxygen, chemically combining with or spalling the surface) will 
degrade the concentrator’s performance— reducing the amount o f  sunlight incident on the solar 
thermal engine. Precise knowledge o f  outgassed products, as w ell as mitigation strategies 
(heating the optics to drive out precipitated contaminants) are items o f  interest to the engine 
designer. N o specific requirements on contamination will be assigned at this time.
Interface Requirements
These will be spacecraft-specific in many instances, but will include items such as: (l)  telem etry 
downlink (e.g., engine and tank pressure and temperature data), and associated data form atting 
(2) commanding uplink requirements (throttling, startup and shutdown, pointing), also with 
associated data form atting (S) power requirements for valve and control electronics, (4) on-orbit 
safety requirements— in the event of a Shuttle launch, additional safety precautions will have to 
be taken into account during the design, (5) spacecraft pointing accuracy and knowledge limits, 
due to precise concentrator array pointing accuracy needs, (6) vehicle-specific mechanical and 
electrical interfaces (e.g., bolt patterns, mounting locations, centre-of-gravity limitations, pin 
numbers), and (7) ground station procedures and software (and/or hardware) changes for engine 
operation, as well as health and safety status monitoring.
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Requirement Threshold Objective
(1) STP System 
Volume
The solar thermal propulsion system ’s  enclosed 
volume shall be no greater than .09 m l (100-kg 
mIcrosat)
The solar thermal propulsion system 's 
enclosed volume shall be no greater than .045 
m l (100-kg mIcrosat)
(2) STP System 
Mass
The solar thermal engine’s  total mass, to include 
tankage and feed system s, system-specific 
structural supporting mechanism s, control 
electronics, concentrator, and receiver elements, 
shall be no greater than 15 kg (100-kg microsat 
host) or 10 kg (20-kg small mIcrosat orbit transfer 
stage).
The solar thermal engine’s  total m ass, to 
include tankage and feed system s, system- 
specific structural supporting mechanisms, 
control electronics, concentrator, and receiver 
elements, shall be no greater than 10 kg (100-kg 
microsat host) or 7 kg (20-kg small mIcrosat or 
orbit transfer stage).
(3) Transfer Time The solar thermal propulsion system  must be 
capable of effecting the following orbit transfers 
within the specified time:
(a) GTO-to-GEO (350 x 35717 km, / = 7 deg., 
to circular 35717 km, / = 0 deg.), in 100 
days. (100-kg microsat)
(b) GTO-to-lunar orbit, in 240 days, 
achieving translunar Injection in 100 
days. (100-kg microsat)
(c) GTO-to-near earth object encounter, in 
390 days, achieving earth escape in 100 
days. (100-kg microsat)
(d) 352 km circular to 704 km circular, in 5.5 
days. (20-kg small microsat, 181-kg 
maximum m ass of microsat/payload)
The solar thermal propulsion system  m ust be 
capable of effecting the following orbit transfers 
within the specified time:
(a) GTO-to-GEO (350 x 35717 km, / = 7 
deg., to circular 35717 km, ; = 0 deg.). 
In 10 days. (100-kg mIcrosat)
(b) GTO-to-lunar orbit, in 120 days, 
achieving translunar injection in 10 
days. (100-kg microsat)
(c) GTO-to-near earth object encounter, 
in 195 days, achieving earth escape 
in 10 days. (100-kg microsat)
(d) 352 km circular to  704 km circular, in 
3 days. (20-kg small microsat, 181-kg 
maximum m ass of microsat/payload)
(4) Thrust The solar thermal propulsion system  shall be 
capable of producing:
(a) 150 mN of thrust for GTO-to-GEO 
transfer
(b) 5.2 N of thrust for GTO-to-lunar orbit 
and GTO-to-near-escape
(c) 1 N of thrust for small microsat orbit 
raising from 352 to 704 km circular.
The solar thermal propulsion system  shall be 
capable of producing:
(a) 1.45 N of thrust for GTO-to-GEO 
transfer
(b) 22 N of thrust for GTO-to-lunar orbit 
and GTO-to-near-escape
(c) 6 N of thrust for small microsat orbit 
raising from 352 to 704 km circular.
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(5) Specific Impuise 
(W
The soiar thermai engine shali be capabie of 
achieving propellant tem peratures sufficient to 
produce an effective hp of 350 s.
The soiar thermal engine shall be capable of 
achieving propellant tem peratures sufficient to 
produce an effective Up of 400 sec.
(6) Density-/sp (DUp) The soiar thermal engine shall be capable of 
achieving a density-/sp of 330 g-s/cm^
The solar thermal engine shali be capabie of 
achieving a density-/sp of 400 g-s/cm^
(7) Firing Duration The soiar thermai engine shall be capable of firing 
continuously for no less than:
(a) 5,000 s., for GTO-to-GEO missions
(b) 540 s., for GTO-to-lunar orbit and GTO- 
to-near-escape missions
(c) 428 s., for small mIcrosat orbit raising 
from 352 to 704 km
10 days for a spiral transfer (continuous firing 
throughout transfer) strategy
The soiar thermal engine shall be capable of 
firing continuously for no less than:
(a) 11,250 s., for GTO-to-GEO missions
(b) 1,215 s., for GTO-to-lunar orbit and 
GTO-to-near-escape missions
(c) 963 s., for small microsat orbit raising 
from 352 to 704 km
100 days for a spiral transfer (continuous firing 
throughout transfer) strategy
(8) Number of 
Firings/Restarts
The soiar thermal engine shall be capable of firing 
no less than:
(a) 17 times, 5,000 s. per firing (85,000 s. 
on-time)
(b) 26 times, 540 s. per firing (14,040 s. on- 
time)
(c) 40 times, 428 s. per firing (17,120 s. on- 
time)
for a spiral transfer strategy, TBD times.
The solar thermal engine shali be capable of 
firing no less than:
(a) 39 times, 5,000 s. per firing (195,000 
s . on-time)
(b) 59 times, 540 s. per firing
(c) (31,860 s. on-time)
(d) 90 times, 428 s. per firing (38,520 s. 
on-time)
—or—
for a spiral transfer strategy, TBD times.
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(9) Therma 
Charging Time
If thermal storage Is used, the solar therma 
engine m ust be capabie of attaining a “fully 
charged” (maximum operating temperature) state  
within:
(a) 4 hrs., for GTO-to-GEO missions
(b) 5 hrs., for GTO-to-lunar orbit and GTO- 
to-near escape missions
(c) 2 hrs., for small microsat orbit-raising 
from 352 to 704 km
If thermal storage is used, the solar thermal 
engine m ust be capabie of attaining a “fully 
charged” (maximum operating temperature) 
state within:
(a) 2 hrs., for GTO-to-GEO m issions
(b) 2.5 hrs., for GTO-to-iunar orbit and 
GTO-to-near escape missions
(c) 40 min., for small microsat orbit- 
raising from 352 to 704 km
(10) System 
Reliability
The soiar thermal engine shall achieve a per­
mission reliability of no less than 95%.
The soiar thermal engine shall achieve a per­
mission reliability of no less than 99%.
(11) Startup, 
Restart, Throttling, 
and Shutdown
The solar thermal engine must be capable of 
restarting. Startup, throttling, and shutdown 
requirements are TBD.
The solar thermal engine m ust be capable of 
restarting. Startup, throttling, and shutdown 
requirements are TBD.
(12) Cost of 
Development
No threshold established. The soiar thermal engine shall be delivered for 
integration—to include design, component and 
system  test, with:
(a) a host microsateiiite (100-kg.) for £1M 
($1.5M)
(b) a small microsateiiite (20-kg.) for 
£250K ($375K)
(13) Development 
Schedule
No threshold established. The solar thermal engine shall be delivered for 
integration—to include design, component and 
system s test, with:
(a) a host microsateiiite, in 3 yrs.
(b) a small microsateiiite, in 2 yrs.
(14) Launch
Environment
Loading
The solar thermal engine shall be designed to:
(a) withstand Ariane 5 ASAP launch loads 
(i.e., shock, axial and lateral load limits, 
and sound pressure level), and to
(b) conform to Ariane 5 ASAP natural 
frequency requirements
The soiar thermal engine shall be designed to:
(c) withstand Ariane 5 ASAP launch 
loads (i.e., shock, axial and lateral 
load limits, and sound pressure 
level), and to
(d) conform to Ariane 5 ASAP natural 
frequency requirements
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(15) Launch and 
Payload Processing 
Environment
Requirement(s) are TBD. These will include 
temperature limits, thermai, contamination 
(cleanliness), humidity, and electromagnetic 
interference.
Requirement(s) are TBD.
(16) Space 
Environment 
Contamination 
Tolerance
Requirement is TBD. Requirement is TBD.
(17) Space 
Environment 
Radiation 
Tolerance
The soiar thermal engine shall remain functional 
after exposure to  a  total dose of 1.37 x 10^ rads 
(electron and proton fluence).
The solar thermal engine shali remain 
functional after exposure to a total dose of 1.37 
xIO? rads (electron and proton fluence).
(18) Interface 
Requirements
Requirement(s) are TBD. These will include 
telemetry, command, electrical power, safety, 
pointing accuracy/knowledge, mechanical and 
electrical interfaces, and ground station 
operational procedures.
Requirement(s) are TBD.
(19) Manufacture 
and Ease of 
Procurement
(GUIDANCE) The solar thermal engine wiii be 
designed to  incorporate commerciaiiy available 
components from regional vendors whenever 
possible, avoid the use of rare materials and 
propellants, items with highiy speciaiized 
machining requirements, and custom-buiit 
hardware.
(20) Testability and 
Test Safety
(GUiDANCE) The soiar thermai engine shaii be 
designed so  as to maximize the use of existing 
test facilities and hardware, and to conform to 
localiy acceptabie tes t procedures.
(21) Proto- 
Qualification/ 
Proto-Flight Build
(GUIDANCE) The solar thermal engine shall be 
designed to proto-quaiification/proto-fiight 
standards.
2 9 3
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(22) Spacecraft 
Design, Test, and 
Integration
(GUiDANCE) The solar thermal engine shall be 
designed to minimize host spacecraft 
modifications and spacecraft testing/integration 
hardware or procedurai changes resulting from 
the engine’s  unique requirements.
(23) Mission 
Operations
(GUIDANCE) The solar thermal engine shaii be 
designed to minimize changes to  ground 
station operationai procedures, personnei 
requirements, support hardware, and software.
294
References and Appendices
Appendix C: Engineering Drawings
This section contains a number o f  detailed engineering drawings o f  key items fabricated for 
component and system level testing, including both large and small concentrating mirrors, the 
Mk. I and Mk. II solar receivers, and their components.
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